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In  future  NATO  will  be  faced  with  more  advanced  detection  and  interception  systems,  so  it  will  be  increasingly  necessary  to 
develop  missiles  able  to  penetrate  these  defences  by  flying  at  low  altitude,  with  diversified  trajectories. 

In  addition,  to  reduce  the  vulnerability  of  air,  ground  or  sea  launching  platforms,  it  will  be  necessary  to  increase  the  range  of 
weapons  launched  from  these  platforms.  Accordingly,  because  of  economic  and  flexibility  considerations  an  increased 
utilisation  of  air-breathing  propulsion  for  missiles  and  projectiles  is  highly  probable. 

This  Symposium  examined  the  evolution  of  techniques  and  technologies  related  to  the  following  systems: 

—  liquid  fuel  ramjets  and  ramrockets 

—  turbojets  and  turborockets. 

Particular  emphasis  was  put  on  the  associated  components  or  disciplines,  such  as  inlets,  combustion,  liquid  or  solid  fuels,  test 
facilities,  engine  integration  etc. 
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Face  a  la  progression  previsible  des  moyens  de  detection  et  d’interception,  il  sera  de  plus  en  plus  necessaire  pour  I’OTAN,  de 
developper  des  missiles  capables  de  penetrer  ces  defenses  en  volant  a  basse  altitude,  et  en  suivant  des  trajectoires  diversifiees. 

De  plus,  pour  reduire  la  vulnerability  des  plates-formes  de  lancement,  qu'elles  soient  aeriennes,  terrestres  ou  maritimes,  on 
recherchera  une  allonge  plus  grande  de  leurs  armes. 

Par  consequent,  une  utilisation  accrue  de  la  propulsion  aerobie  des  missiles  et  projectiles  est  previsible,  car  elle  est  economique  et 
permet  une  grande  flexibility  d’emploi. 

Ce  Symposium  a  examine  revolution  des  techniques  et  technologies  relatives  aux  systemes  suivants: 

—  statoreacteurs  et  statofusees 

—  turboreacteurs  et  turbofusees. 

Un  accent  particulier  a  ete  mis  sur  les  composants  ou  disciplines  associes,  tels  que:  entrees  d'air,  combustion,  propergols  liquides 
ou  solides,  materiaux,  moyens  d'essais,  integration  du  moteur,  etc. . . 
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Technical  Evaluation  Report 

by 

Ing.  en  Chef  JVf .  Pelre 

Direction  Generate  de  I'Armement 
France 


1  INTRODUCTION 

IGA  Estournet  from  France  and  Dr  D.M.  Dix  from  the 
United  States  introduced  this  79th  Symposium  of  the 
Propulsion  and  Energetics  Panel.  In  difterent  terms  they  both 
put  great  emphasis  on  the  link  that  has  to  be  made  between 
airbreathing  propulsion  and  military  requirements. 

There  is  certainly  a  need  for  weapons  with  larger  range,  more 
precision,  low  signature  and  greater  speed.  This  requirement 
leads  to  airbreathing  propulsion  which  brings  range  and 
speed. 

A  number  of  missiles  using  turbojets  or  ramjets  already 
fielded  or  under  development  have  been  named:  ALCM. 
OTOMAT.  ASMP.  ANS.  ASLP.  C22.  APACHE.  MILAS. 

New  technologies  in  the  field  of  airbreathing  propulsion 
could  also  be  considered  to  fulfil  future  requirements,  for 
instance  RUSTIQUE  and  VFDR.  (n  the  actual  trend  of 
decreasing  spending  for  defence,  emphasis  has  to  be  given  to 
cost-efficiency.  Simulations  can  help  if  they  are  reliable. 

2  ORGANISATION  OF  THE  TECHNICAL 
EVALUATION  REPORT 

The  technical  evaluation  will  be  divided  in  two  parts.  The  first 
one  will  follow  the  order  of  the  different  Sessions  of  the  Sym¬ 
posium;  that  is  to  say; 

Session  I  Ramjets  and  ramrockets:  survey  papers 
Session  II  Ramjets  and  ramrockets:  propulsion  systems 
Session  III  Ramjets  and  ramrockets:  combustion,  fuels, 
materials 

Session  IV  Projectile  airbreathing  propulsion 
Session  V  Aerodynamics  and  engine  integration 
Session  VI  Turbojets  and  turborockets 
Session  VII  Common  techniques. 

The  second  part  (paragraph  10)  will  try  to  relate  the  tech¬ 
nologies  that  have  been  presented  to  possible  future 
requirements  in  order  to  present  a  global  outlook  of  the 
potential  of  airbreathing  propulsion  for  the  future. 

3  SESSION  I  -  RAMJETS  AND  RAMROCKETS: 
SURVEY  PAPERS 

Five  papers  were  presented  at  this  Session  chaired  by  Ph. 
C'azin.  The  objective  was  to  give  a  general  overview  of  the 
most  promising  ramjet  and  ramrockct  technologies  in  the  per¬ 
spective  of  operational  use: 

Ramjet  propulsion  for  Mach  3—4.5  missiles  was  presented  by 
J.-M.  Laurent  (Paper  I)  in  a  very  well  structured  Paper 
dealing  with  operational  needs,  air-intakes,  fuel  injection, 
internal  thermal  protection,  prediction  methods  and  test 
methods.  The  ongoing  work  leads  to  a  super  scramjet  with 
liquid  fuel 

F.  Zarlingo  (Paper  2)  reviewed  the  status  of  the  Supersonic 
Low  Altitude  Target  Program  using  liquid  ramjet  propulsion 
and  tin  integrated  booster.  Eight  Might  tests  were  performed 


that  validated  the  propulsion  system  even  if  the  flights  were 
not  a  total  success. 

French  experience  on  the  Rustique  Ducted  Rocket  (Paper  3) 
was  presented  by  B.  Petit  and  A.  Ravier.  The  Rustique  Con¬ 
cept  has  already  been  tested  in  Might  five  times  and  will  have- 
two  more  flight  tests  in  1993  (20  km  altitude  at  Mach  3—3.8). 
The  design  of  the  Rustique  ducted  rocket  aims  at  compact¬ 
ness.  simplicity  and  reduction  of  cost  using  a  nozzleless 
booster  and  an  unchoked  gas  generator  for  autoadjustment  of 
combustion.  The  optimum  use  for  Rustique  is  a  200— 250mm 
calibre  tactical  medium  range  missile  of  high  average  velocity 
(Mach  2.5). 

Advances  in  Ducted  Rocket  Technology  (Paper  4)  was  pre¬ 
sented  by  W.  Donaldson.  The  evaluation  of  the  Variable  Flow 
Ducted  Rocket  (VFDR)  started  in  1986  and  will  go  on  up  to 
1994  with  ground  tests.  VFDR  has  a  nozzleless  booster  for 
air-launched  application  and  can  be  used  with  a  solid  gas 
generator  or  liquid  fuel,  for  instance,  high  energy  boron  fuel. 
It  is  a  candidate  for  an  air-to-air  application. 

Potential  missile  flight  performance  gains  from  improvements 
to  the  propulsion  system  (Paper  5)  presented  by  M.S.  Ivey  and 
R.K.  Oldham  was  studied  with  a  3D  flight  simulation  and  a 
ID  propulsion  simulation.  This  Paper  intended  to  look  at  a 
stand-off  missile  application,  but  was  not  apparently  sup¬ 
ported  by  research  work.  It  could  have  been  considered  for 
Session  VII. 

(  onclnsions  of  Session  / 

( 1 )  Ramjet  technology  is  ready  for  new  applications,  in  par¬ 
ticular  for  tactical  missiles  as  demonstrated  by  the  very 
interesting  presentations  of  Session  I. 

(2)  Applications  will  be  decided  according  to  different 
criteria,  among  them  cost.  It  should  be  useful  to  have 
more  knowledge  of  the  costs  versus  performances  of 
the  different  concepts  presented. 

(3)  Signature  and  manoeuvrability  potential  of  ramjets  that 
could  have  importance  for  some  applications  should 
have  been  taken  into  greater  consideration. 

4  SESSION  II  -  RAMJETS  AND  RAMROC  KETS: 
PROPULSION  SYSTEMS 

Four  papers  were  presented  at  this  Session,  chaired  by  B. 
Crispin,  oriented  towards  testing  of  propulsion  systems  (but 
different  from  those  of  Session  I): 

Development  Testing  of  Throttleable  Ducted  Rockets  (Paper 
6)  presented  by  FI.-L.  Besser  related  to  up  to  scale  1  testing  of 
different  types  of  Solid  Propellant  Ducted  Rocket  (SDR)  at 
different  stages:  basic  development,  advanced  development 
including  IIWII.  (hardware  in  the  loop)  test  with  Might 
trajectory  simulation. 

Liquid  Fuelled.  Hypersonic  Airbreathing  Engines  lor 
Tactical  Missile  Applications  (Paper  7)  presented  by 


i  related  to  the  Dual  t  ombustor  Ramjet  (IKK) 
compared  to  sc  ramjets  (supersonic  combustion  ramjets)  and 
ramjets  (subsonic  combustion  ramjets). 

Air  film  cooled  combustors  by  J.  Valazza  and  V.  Protat  (Paper 
9)  related  to  testing  at  scale  1  of  film  cooling  by  perspiration 
and  by  air  through  perforated  materials. 

Extending  Missile  Range  with  Boron  Solid  Fuel  Ramjet 
Engines  (Paper  10)  by  B.  Dunn  and  S.  Lcisch  related  to  up  to 
half  scale  testing  of  an  engine  for  an  air-to-air  application. 
This  Paper  could  have  been  presented  in  Session  III. 

Conclusions  of  Session  II 

( 1 )  Logic  and  means  of  testing  of  ramjet  propulsion 
systems  up  to  settle  I  exist.  IIWIL  tests  with  flight  tra¬ 
jectory  simulation  are  necessary  to  find  the  best  com¬ 
promises  and  to  conduct  flight  tests  in  good  conditions. 

(2)  Efficiency  of  air  film  cooled  combustors  has  been 
demonstrated  in  HWII  simulation  for  flights  up  to 
2000  s.  Film  cooling  improves  engine  performances 
because  combustion  instabilities  have  been  mainly 
eliminated. 

(3)  Dual  Combustor  ramjets  have  scientific  interest,  but 
scent  far  from  application. 

5  SESSION  III  -  RAMJETS  AND  RAMROCKETS: 
COMBUSTION,  FUELS.  MATERIALS 

The  first  part  of  Session  111  was  chaired  by  B.  Zeller,  the 
second  part  by  D.W.  Netzer.  Eight  papers  were  presented  on 
three  topics: 

Solid  fuel  for  ramjet  engines. 

Combustion  instabilities  and  oscillations. 

Thermal  protection  and  structure. 

5.1  Solid  Fuel  for  Ramjet  Engines 

Three  presentations  on  this  topic: 

Paper  1 1  by  B.  Malic.  C.  Perut.  C.  Masson,  and  C.  Vigot  gave 
a  general  overview  of  the  different  types  of  compositions  that 
could  be  used  for  solid  fuel  ramjet  engines.  Compositions 
w ith  low  metal  content,  that  is  to  say.  with  low  signature,  have 
been  tested  in  a  combustion  chamber  of  200  mm  diameter  for 
choked  and  unchoked  ramjets.  Compositions  with 
magnesium,  carbon  and  boron  have  been  tested  in  various 
combustion  chambers. 

Paper  1 2  by  Ci.E.  Jensen  and  F.  Zarlingo  presented  results  of 
ground  tests  of  a  hydrocarbon  fuelled  solid-fuel  ramjet  engine 
adapted  to  meet  air-to-ground  requirements  at  low  altitude 
for  flight  of  about  40  n.  miles. 

Paper  13  by  Ci.E.  Jensen  presented  results  of  direct-connect 
tests  of  a  high  energy  hydrocarbon  solid  fuel  ramjet  for  an  air- 
to-air  application.  The  foreseen  missile  hail  two  bypass  inlets 
and  one  forward  inlet.  Variable  by-pass  ratios  and  different 
fuel  grain  geometry  adapted  to  the  missions  were  tested.  Diffi¬ 
culties  appeared  concerning  environment,  especially  storage 
of  the  solid  fuel  w  ith  cycling  (—65°  F  +  165'  F). 

5.2  Combustion  Instabilities  and  Oscillations 

Paper  14  by  J.M.  Samaniego.  B.  Yip.  T.  Poinsot  and  S.  (  amici 
w;is  about  flow  instabilities,  in  a  two-dimensional  two-inlet 
side-dump  combustor  fed  with  tin  air  propane  mixture. 
Visualisation  ol  instabilities  with  a  CCD  camera  provided  an 
insight  into  the  flame  structure  and  its  interaction  with  the 
entering  jets  Fuel-rich  and  fuel-lean  modes  were  studied  but 
main  results  concerned  the  fuel-rich  mode. 


Paper  Is  by  M.N.R.  Nina  and  G.P.A  Pita  presented  an  exper¬ 
imental  analysis  of  combustion  oscillations  with  reference  to 
ramjet  propulsion.  The  influences  of  flow  rate,  fuel  air  ratio 
and  blurt  body  geometry  on  the  predominant  frequencies  of 
combustion  driven  oscillations  were  measured. 

5.3  Thermal  Protection  and  Structure 

Three  very  interesting  Papers  were  presented  on  thermal  pro¬ 
tection  and  structure: 

D.  Abbe  and  G.  Gonthicr  (Paper  16)  described  work  per¬ 
formed  on  thermal  protection  systems  for  different  types  of 
ramjet  combustion  chambers.  Logic  of  selection  of  materials 
including  scale  1  tests  was  presented  for  different  missions 
from  a  few  seconds  to  300(1  seconds  at  various  speeds  and 
altitudes.  In  each  case,  specific  constraints  must  be  taken  care 
of  such  as  thermal  endurance,  structural  capacity,  cost  and 
manufacturing  aspects. 

A.  Chevalier  (Paper  17)  presented  an  example  of  composite 
structural  material  applied  to  a  ramjet  engine  that  could  be 
used  for  a  surface-to-surface  mission  of  3(1  km.  that  is  to  sav 
about  45  s  of  flight.  The  objective  was  to  obtain  a  reduction  in 
production  cost  of  50%  and  be  sure  the  composite  structure 
using  phenolic  resin  met  the  specifications  concerning  static 
pressure,  dynamic  pressure,  stiffness  and  thermal  strength. 
Cutting  of  air  intake  port  covers  by  a  py  rotechnic  chain  was 
another  innovative  aspect  of  the  engine. 

1).  Crapiz  (Paper  IS)  described  work  performed  on  thermo- 
structural  materials  that  could  be  used  for  ramjets  with  high 
performance,  that  is.  long  range  and  high  speed.  SIC’-SIC  and 
C-SIC  materials  have  low  density  and  lead  to  a  mass 
reduction  (over  10%)  on  a  missile.  They  hold  high  tempera¬ 
ture  without  ablation  and  can  be  used  for  combustors  and 
throats. 

(  uih  lusioiis  <>/  Session  III 

( 1 )  Different  types  of  solid  fuel  for  ramjet  engines  have 
been  tested  according  to  the  needs  of  the  mission.  Solid 
fuel  ramjets  seem  to  be  ready  for  application  at  least  for 
low  altitude  missions.  However,  it  has  been  demon¬ 
strated  that  environmental  conditions  play  an 
important  role  regarding  the  choice  of  the  solid  fuel. 
Thus,  we  recommend  studying  these  environmental 
aspects  as  soon  as  possible  at  the  research  level. 

(2)  Scientific  work  on  combustion  instabilities  and  oscil¬ 
lations  has  led  to  some  interesting  results.  It  appears 
also  that  the  mechanisms  involved  are  complex  and 
dependent  on  many  parameters.  This  illustrates  the  dif¬ 
ficulty  in  achieving  reliable  predictive  models. 

(  3)  I  hernial  protection  plays  a  very  important  part  in  the 
realisation  of  a  ramjet  combustor.  Whilst  it  is  always 
possible  to  adapt  a  thermal  protection  system  to  a  com¬ 
bustor.  we  recommend  that  the  design  concept  of  the 
combustor  includes  thermal  protection  and  that  the 
whole  system  be  tested  anil  qualified. 

(4)  Composite  materials  applied  to  ramjet  engines  look 
very  promising  —  work  should  be  pursued  on  this  topic. 

6  SESSION  I\  -  PRi  MK(  HI  E  AIRBRF  ATHINU 
PROPULSION 

This  Session  was  chaired  bv  \  Whitvhousc  and  presented 
three  Papers: 

Paper  lo  hy  |*J.  Elands.  I  Dqkstra.  R.G.  Vernal.  I’A.O.G. 
Korting  and  R.G.  Ticskens  concerned  a  I2(>mm  gun  launched 


T-3 


solid  fuel  ramjet  propelled  kinetic  energy  penetrator. 
Theoretical  work  was  performed  with  a  performance  predic¬ 
tion  model.  Tests  were  realised  with  a  connected  pipe  facility. 
Spinning  was  not  studied. 

Paper  20  by  P.  Petit  and  B.  Boissiere  concerned  an  artillery 
projectile  of  155mm  with  ramrocket  propulsion.  A  projectile 
of  43.5kg  using  an  unchoked  ducted  rocket  was  designed, 
tested  on  the  ground  and  then  in  flight.  Design  work  was  per¬ 
formed  for  an  anti-aircraft  40mm  projectile  and  an  anti-tank 
120mm  projectile. 

Paper  21  by  R.  Monig  and  M.  Moll  was  about  a  160mm  pro¬ 
jectile  equipped  with  ramjet  or  ramrocket  engine. 
Performance  simulations  were  performed  for  a  50kg  pro¬ 
jectile.  An  air-defence  kinetic  energy  projectile 
(142— 160mm,  15— 20kg)  and  an  anti-tank  ram  accelerated 
kinetic  energy  projectile  (140mm,  20kg)  were  also  con¬ 
sidered. 

Conclusion  of  Session  IV 

(1)  Ramjet  or  ramrocket  propulsion  should  increase 
velocity,  range  and  accuracy  of  projectiles  and  reduce 
their  time  of  flight.  However,  use  in  guns  brings  con¬ 
straints  on  integration  (fins),  length,  withstanding  of 
pressure,  acceleration  and  spin.  Ejection  at  the  muzzle 
is  also  to  be  considered  carefully.  It  has  yet  to  be  proven 
that  the  advantages  of  ramjet  or  ramrocket  propulsion 
for  projectiles  are  high  enough  to  warrant  advanced 
research. 

7  SESSION  V  -  AERODYNAMICS  AND 
ENGINE  INTEGRATION 

Five  papers  were  presented  in  this  Session  chaired  by  C. 
Hirsh. 

Paper  22  by  P.  Champigny  and  C.  Sans  described  different 
types  of  inlet  configurations  used  for  projectiles  or  missiles 
and  digital  methods  used  to  calculate  the  influence  on  drag 
and  lift.  For  instance,  the  drag  of  a  four  inlet  missile  will  come 
from  the  body  (45%),  the  inlets  (40%)  and  tail  (15%).  Cal¬ 
culations  were  also  made  about  the  influence  of  inlet 
geometry  on  drag. 

Paper  23  by  H.L.  Weinreich  and  K.  Triesch  compared  per¬ 
formances  of  different  circular  intakes  used  on  an 
anti-radiation  missile  of  220mm  diameter.  Tests  were  made  to 
evaluate  critical  pressure,  sensitivity  to  incidence,  air  mass 
flow  characteristics,  external  drag  and  range. 

Paper  24  by  W.-D.  Pohl  and  E.-O.  Krohn  presented  multiple- 
inlet  configurations  for  missiles  with  skid  to  turn  control 
mode  such  as  an  anti-ship  missile.  Wind  tunnel  tests  were 
used  to  compare  configurations  with  four  inlets.  Experience 
was  up  to  Mach  2.3. 

Paper  25  by  C.  Richards  examined  the  aerodynamics  of  side- 
mounted  air  intakes  for  supersonic  missiles.  Particular 
emphasis  was  made  of  twin  intake  configurations  and  four 
cruciform  intakes.  Incorporation  of  forebody  vortex  control 
by  addition  of  small  strakes  was  judged  favourable  to 
efficiency. 

Conclusions  of  Session  V 

( I )  Aerodynamics  of  ramjet  missiles  is  complex  due  to  dif¬ 
ferent  inlet  configurations  and  integration  possibilities. 
However,  prediction  models  and  tests  allow  good 
knowledge  of  in-flight  behaviour. 


(2)  Ramjet  and  ramrocket  propulsion  contributes  heavily 
to  the  design  and  performance  of  missiles.  Because  of 
this,  very  close  integration,  aerodynamics,  control  and 
signature  should  be  studied  together.  So  we  recommend 
creating  inside  research  centres  and  company  teams  in 
charge  of  these  three  disciplines  for  which  a  new  name 
has  to  be  found. 

8  SESSION  VI -TURBOJETS  AND  TURBOROCKETS 

The  first  part  of  the  Session  was  chaired  by  W.  Wagner,  the 
second  part  by  M.  Mulero.  The  seven  papers  presented  had 
two  different  objectives: 

Turbines  for  cruise  application 

Turbojets  and  turborockets  for  small  missiles. 

8.1  Turbines  for  Cruise  Application 

Four  papers  relate  to  this  objective: 

Paper  27  by  W.H.  Reardon  and  A.J.  Cifone  described 
development  and  qualification  of  the  United  States  Cruise 
missile  propulsion  system. 

The  program  started  in  1970  —  5471  engines  have  been  pro¬ 
duced  under  two  definitions:  F107  and  F112. 25,000  hours  of 
tests  have  been  conducted  for  qualification  and  development. 
Missile  service  interval  has  been  extended  from  three  years  to 
five  years;  seven  and  10  years  are  considered.  Each  engine  is 
required  to  function  for  25  hours. 

Paper  28  by  D.A.  Jay  and  M.R.  Dale  presented  the  joint 
expendable  turbine  concept  demonstrator  program  for  sub¬ 
sonic  and  supersonic  applications.  Objectives  on  the  program 
are  —60%  on  cost.  —40%  on  consumption  and  +100%  on 
thrust  (compared  to  1985  level).  Four  companies  have 
realised  engines  using  new  materials  (Allison,  Garret,  Tele¬ 
dyne,  Williams)  in  phase  I.  Phase  II  started  in  1990  and  will 
foster  non-metallic  component  producibility.  Design  life  is  25 
hours. 

Paper  30  by  J.P.  Lopez  and  C.  Mischel  described  work  on  an 
axial  quadri-stage  compressor  for  a  TRI  60.30  engine.  Per¬ 
formance  of  the  new  engine  has  been  calculated  and 
confirmed  by  tests. 

Paper  36  by  J.M.  Strieker  and  R.E.  Quigley  III  presented  a 
propulsion  comparison  for  future  long  range  supersonic 
cruise  missiles  used  for  different  applications:  air-to-ground, 
reconnaissance  vehicle,  target  drone  and  air-to-air.  Different 
mission  profiles  were  considered,  some  of  them  needing  sub¬ 
sonic  and  supersonic  flights  in  sequence  which  may  raise 
difficulties  in  the  missile  geometry. 

8.2  Turbojets  and  Turborockets  for  Small  Missiles 

Three  papers  were  presented  on  this  topic: 

Paper  32  by  J.  Lilley  described  development  of  a  low  cost 
expendable  turbojet  engine  for  Non-Line-of-Sight  (NLOS) 
applications  which  ne.d  minimum  signature,  on-demand 
thrust  variation  and  competitiveness  with  solid  rockets.  Nine¬ 
teen  engines  were  produced  by  six  contractors  and  compared 
under  different  criteria.  Models  of  seven  types  of  missiles 
have  been  developed  to  assess  performance.  It  has  been  noted 
that  NLOS  has  started  again  at  MICOM  with  a  rocket  motor, 
in  spite  of  the  interesting  work  performed  on  turbojets. 

Paper  33  by  C.  Le  Tallec  was  about  development  of  an  air 
turborocket  for  a  small  missile.  A  prototype  engine  is  to  be 
developed  after  a  modelling  phase  currently  in  progress.  The 
air-turbo-rocket  should  have  a  low  signature,  be  compact. 
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flexible  and  have  a  reduced  cost  compared  to  a  turbojet  for 
ranges  from  20  to  40km. 

Paper  35  by  C.  Rodgers  et  al.  focused  on  small  expendable 
turbojets  in  the  50— ISOlbl'  thrust  range  and  predictions  of 
their  aerothermodynamic  performance.  The  objective  was  to 
identify  design  variables  that  could  lead  to  cost  saving.  Design 
simplification  and  use  of  low  cost  ceramic  materials  were 
some  of  the  avenues  suggested. 

Conclusions  of  Session  VI 

( 1 )  Subsonic  turbojets  are  in  service  for  cruise  missile 
applications  and  bring  full  satisfaction. 

(2)  Supersonic  turbojets  are  considered  but  should  be 
compared  to  ramjets  for  similar  applications.  More 
work  has  to  be  done  to  consider  development. 

(3 )  Use  of  expendable  turbojets  and  turborockets  for  small 
missile  applications  will  heavily  depend  on  cost 
reduction  in  production.  Comparison  with  rocket 
motors  should  be  pursued. 

9  SESSION  VII  -  COMMON  TECHNIQ!  IES 

Two  papers  were  presented  at  this  Session  chaired  by  M.N.R. 

Nina: 

Paper  37  by  P.  Hebrard,  G.  Lavergne.  A.  Torgue,  F.  Bismes 
and  G.  Heid  was  about  prediction  of  ramjet  and  ramrocket 
combustion  performance  by  isothermal  experiments  and 
computation  codes.  Flow  visualisation  techniques  in  com¬ 
bustion  chambers  are  used  to  feed  hydraulic  and  aerodynamic 
simulations.  The  influence  of  injection  conditions  was  also 
studied,  which  led  to  information  on  combustion  instabilities. 

Paper  38  by  B.  Burdette  presented  work  performed  on  high 
energy  fuels  for  airbreathing  missiles.  Liquid,  gel  and  solid 
fuels  were  considered  and  tested. 

Conclusions  of  Session  VII 

(1)  Realistic  prediction  of  performances  is  of  high 
importance  because  it  reduces  the  need  for  ground 
experiments  and  flight  tests. 


(2)  High  energy  airbreathing  missile  fuels  are  well  known. 

10  RELATION  BETWEEN  TECHNOLOGIES  AND 
POSSIBLE  FUTURE  REQUIREMENTS 

The  Introduction  and  Keynote  Address  put  emphasis  on  the 
possibility  of  using  airbreathing  propulsion  for  future  tequire- 
ments.  The  chart  that  follows  tries  to  make  a  correlation 
between  a  type  of  application,  the  engine  considered  and  the 
status  of  the  engine.  This  work  has  been  done  with  the  infor¬ 
mation  given  at  the  Symposium,  which  may  be  incomplete. 

The  observation  that  could  be  made  when  reading  this  chart  is 
that  the  ramjet  is  very  often  considered,  but  scarcely  chosen 
for  development.  Concentration  of  research  and  advanced 
research  on  a  few  of  the  most  promising  applications  are 
perhaps  to  be  considered  for  the  future. 

11  GENERAL  CONCLUSION 

This  79th  Symposium  of  the  Propulsion  and  Energetics  Panel 
has  demonstrated  the  very  good  scientific  understanding  of 
airbreathing  propulsion  technology.  This  is  not  so  surprising 
for  turbojets  which  have  been  in  service  for  some  years  in 
quite  a  number  of  applications:  it  is  very  promising  for  ramjets 
that  have  yet  to  take  the  place  they  should  have  due  to  new 
trends  in  military  requirements. 

In  this  spirit  it  would  have  been  useful  to  have  had  a  session  on 
systems  with  papers  comparing  different  types  of  ramjet  and 
turbojet  for  various  missions. 

Two  recommendations  could  be  considered  for  airbreathing 
propulsion: 

(1)  consider  at  research  level  aerodynamics,  control  and 
signature  reduction  as  an  integrated  discipline. 

(2)  Concentrate  research  or.  ramjet  propulsion  towards  the 
most  promising  application. 

The  implementation  of  these  recommendations  as  well  as 
others  included  in  the  report  could  help  airbreathing  pro¬ 
pulsion  to  develop  in  the  future. 
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Keynote  Address 

AIRBREATHING  PROPULSION 
FOR  MISSILES  AND  PROJECTILES: 

A  LOOK  AT  THE  PAST  AND  THE  FUTURE 

by 

Dr  Donald  M.  Dix 

Office  of  the  Secretary  of  Defense 
United  States 


Airbreathing  propulsion  for  missiles  has  come  a  long  way.  But 
it  still  has  a  long  way  to  go.  I  thought  perhaps  it  might  be  fitting 
to  review  where  airbreathing  missiles  have  been,  and  project 
where  they  might  go. 

In  order  to  engage  in  such  a  review  and  projection,  some 
framework  is  desirable,  't  he  framework  I  shall  use  is  to  con¬ 
sider  advanced  technology  systems  in  three  generic 
categories.  Category  One  is  composed  of  those  systems  for 
which  technical  feasibility  has  not  been  demonstrated  —  a 
hypersonic  airbreathing  missile  is  a  good  case  in  point.  Cate¬ 
gory  Two  is  composed  of  those  systems  for  which  technical 
feasibility  has  been  demonstrated,  but  for  which  usefulness 
has  not  been  demonstrated.  In  military  parlance,  usefulness  is 
of  course  synonymous  with  having  a  viable  mission  to  per¬ 
form.  With  this  definition  —  and  speaking  only  for  the  United 
States  —  an  integral-rocket-ramjet-powered  missile  currently 
falls  in  this  category.  Category  Three  is  obviously  composed 
of  systems  for  which  both  feasibility  and  usefulness  has  been 
demonstrated  —  the  strategic  cruise  missile  (ALCM)  is  a 
good  current  example.  The  goal  of  those  of  us  in  the  technol¬ 
ogy  business  is  to  advance  to  Category  Three,  and  once  there, 
improve  upon  it. 

The  nature  of  technology  efforts  tends  to  be  different  in  each 
of  these  three  categories.  And  it  tends  to  be  helpful  to 
recognize  in  which  category  you  are  working.  In  Category 
One  —  technical  feasibility  not  demonstrated  —  the  efforts 
are  purely  technological  in  nature.  We  try  to  prove  that  some¬ 
thing  will  work.  This  is  straightforward.  In  Category  Three  — 
both  feasibility  and  usefulness  demonstrated  —  the  efforts  are 
again  almost  purely  technological  in  nature.  We  try  to  make 
something  work  “better”,  where  “better”  is  fairy  well  defined. 
These  efforts  are  also  reasonably  straightforward.  The  major 
potential  pitfall  is  that  “usefulness"  may  be  only  temporary  in 
nature  —  the  buggy  whip  was  useful  in  its  time,  but  there  is  no 
current  demand  for  better  buggy  whips.  However,  in  Category 
Two  —  technical  feasibility  has  been  demonstrated,  but  use¬ 
fulness  has  not  —  the  nature  of  the  effort  tends  to  be  more 
diffuse.  We  try  to  make  something  work  “well  enough,”  where 
the  definition  of  “well  enough"  tends  to  be  elusive.  This  pres¬ 
ents  a  continual  conflict  between  working  to  advance  the  state 
of  technology,  on  the  one  hand,  and  working  to  convince 
someone  that  what  is  already  available  is  suitable  for  some 
military  missions,  on  the  other  hand.  Being  in  Category  Two 
can  be  similar  to  being  in  never-never  land. 

With  this  framework  in  mind,  let's  briefly  review  the  history  of 
airbreathing  propulsion  for  missiles.  I  am  told  that  the  first 
known  example  of  an  airbreathing  cruise  missile  was 


concocted  in  1917  by  Lawrence  Sperry.  It  was  called  the  aerial 
torpedo,  and  was  funded  by  the  United  States’  Navy  at  a  total 
cost  of  $50,000.  It  is  reported  that  this  device  actually  did 
become  airborne,  but  there  seems  to  be  no  record  of  any 
successful  flights.  Given  the  state-of-the-art  at  the  time,  it  is 
probably  fortunate  that  airbreathing  missiles  remained  in 
Category  One. 

Airbreathing  missiles  appear  to  have  first  emerged  from 
Category  One  in  World  War  II ,  with  the  advent  of  the  V-l 
Buzz  bomb.  There  is  no  doubt  that  the  pulse  jet  engine, 
although  Ciude  and  inefficient,  demonstrated  the  technical 
feasibility  of  airbreathing  propulsion  for  missiles.  Whether 
the  V- 1  also  demonstrated  usefulness  —  to  a  sufficient  degree 
to  place  this  form  of  airbreathing  missiles  in  Category  Three 
—  might  be  arguable.  Although  the  V-l  had  the  range,  its 
guidance  system,  in  reality  a  simple  autopilot,  provided  a 
rather  large  circular  error  probable.  On  the  other  hand,  the 
target  —  London  and  its  suburbs  —  was  rather  large  indeed. 

Not  too  much  more  was  heard  from  airbreathing  missiles  until 
the  1950s,  when  the  widespread  development  of  nuclear 
weapons  did  two  things.  First,  these  weapons  appeared  to 
solve  the  accuracy  problem  associated  with  land-attack 
versions  of  these  kinds  of  missiles.  Second,  these  weapons 
placed  a  high  premium  on  long-range  air  defense.  In  the 
United  States,  a  host  of  airbreathing  missiles  appeared  in  this 
time  period:  Quail,  Mace,  Hound  Dog,  Bomarc,  Regulus,  and 
Talos.  They  were  used  either  as  decoys  or  to  expand  the  “foot¬ 
print”  of  manned  vehicles.  There  is  no  doubt  that  these 
systems  clearly  demonstrated  the  technical  feasibility  of  both 
turbine-powered  and  ramjet-powered  missiles,  placing  them 
firmly  in  Category  Ttoo.  Again,  whether  these  missiles 
demonstrated  sufficient  usefulness  for  a  Category  Three 
designation  is  problematical.  In  any  case,  their  existence  did 
not  spawn  much  effort  to  make  them  better.  And  they  were 
shortly  superseded  by  longer  range  ballistic  missiles  on  the 
one  hand,  and  faster,  shorter  range  rocket-powered  missiles 
on  the  other  hand.  If  airbreathing  missiles  ever  achieved  the 
status  of  Category  Three  in  this  time  period,  it  was  distinctly 
temporary. 

In  the  United  States,  airbreathing  propulsion  for  missiles 
came  of  age  in  the  1970s.  Small,  expendable  turbine  engines 
were  shown  to  be  feasible.  Combined  with  advances  in 
guidance,  and  also  smaller  nuclear  warheads  in  the  strategic 
case,  these  developments  made  the  air-launched  cruise 
missile,  the  Tomahawk  land  attack  missile,  and  the  Harpoon 
anti-ship  missile  very  useful.  Of  course,  the  usefulness  of  the 
strategic  cruise  missile  has  —  thankfully  —  never  been 
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demonstrated  in  warfare,  hut  the  usefulness  of  the  tactical 
missiles  has  been  so  demonstrated.  So  there  is  no  doubt  that 
subsonic,  turbine-engine  powered  missiles  are  currently  in 
Category  Three.  The  usefulnes  of  the  increased  range  has 
been  firmly  established,  and  further  enhanced  by  the 
increased  survivability  offered  by  low  signature  configur¬ 
ations. 

The  recent  history  of  supersonic  airbreathing  missiles,  be  they 
ramjet-powered,  ducted-rocket  powered,  or  turbine-engine 
powered,  is  not  quite  so  dramatic  —  certainly  not  in  the 
United  States,  at  any  rate.  The  advanced  low  volume  ramjet 
(ALVRJ)  demonstrated  the  integral  rocket/ramjet  concept 
for  a  liquid  fueled  ramjet,  and  a  relative  —  the  advanced 
strategic  air  launched  missile  (ASALM)  —  was  also  success¬ 
fully  tested.  But  the  United  States  never  found  a  need  for  the 
increased  range  at  supersonic  speeds  (as  compared  to  a 
rocket-powered  missile).  Since  the  1960  s.  we  have  worked  at 
various  times  on  integral  rocket  ramjets  for  a  variety  of  sup¬ 
posed  missions:  liquid-fueled  ramjets  both  for  anti-air  and  for 
targets;  solid-fueled,  variable  flow  ducted  rockets  for  anti-air, 
scramjcts  for  anti-air.  solid-fueled  ramjets  for  long  range 
attack  and  projectile  propulsion;  and  some  fledgling  efforts 
on  supersonic  expendable  turbojets.  All  of  these  efforts  have 
remained  squarely  in  Category  Two.  At  the  moment,  the 
supersonic  airbreathing  missile  that  we  have  that  is  closest  to 
Category  Three  is  the  variable  flow  ducted  rocket  being  purs¬ 
ued  by  the  Air  Force  for  an  upgrade  to  the  advanced  medium 
range  air-to-air  missile  (AMRAAM).  But  it  hasn't  made  it  yet. 

Meanwhile  ot  course,  in  the  world  outside  the  United  States, 
at  least  some  supersonic  airbreathing  missiles  would  appear 
to  be  m  Category  Three.  Our  host  nation  has  demonstrated 
that  with  the  ASMP.  and  we  hear  plans  for  both  the  ANS  and 
the  \RF  Our  British  friends  have  the  Sea  Dart  and  Blood¬ 
hound  And  ot  course  the  CIS  has  the  venerable  pair,  the  SA-4 
and  SA-6 

So  m  the  75  years  since  the  first  $50.(100  investment  in 
aw rence  Sperry's  aerial  torpedo,  it's  clear  that  airbreathing 
propulsion  tor  missiles  has  cornea  long  way.  It  has  progressed 
from  .in  idea  tar  ahead  ot  its  time  to  an  idea  whose  time  has 
come  -  at  least  in  some  areas.  However,  it  must  be  noted  that 
the  only  unanimous  agreement  on  the  systems  that  are  firmly 
in  Category  Three  are  the  turbine-powered  subsonic  missiles. 
As  you  look  over  the  program  for  this  symposium,  you  will 
note  that  the  majority  of  papers  concern  applications  that 
would  be  |udgcd  -  cither  unanimously  or  by  a  substantial 
body  of  opinion  —  to  be  in  Category  Two.  And  of  course,  the 
hypersonic  airbreathing  missile  remains  in  Category  One. 

What  cun  be  said  about  the  future?  Projecting  the  future 
depends  not  only  on  forecasting  the  state  of  technology,  but 
also  on  forecasting  the  military  need  and  forecasting  the 
opportunities  for  demonstrating  the  usefulness  of  the  tech¬ 
nology.  These  forecasts  are  particularly  important  to  systems 
in  Category  Two.  With  this  in  mind.  I'm  going  to  pass  over 
lightly  the  turbine-powered  subsonic  cruise  missiles,  even 
though  some  of  you  know  that  I  am  a  strong  supporter  of  the 
genre.  Nevertheless,  their  usefulness  has  been  demonstrated, 
the  need  will  continue  to  exist,  and  you  will  hear  during  this 
symposium  rather  specific,  quantitative  plans  to  improve  their 
capability. 

With  regard  to  military  need,  there  is  no  doubt  that  the 
outlook  h;is  changed  dramatically  since  this  sy  mposium  was 
initially  planned.  There  is  no  longer  in  the  foreseeable  future  a 
potential  for  large-scale  struggles  for  national  survival. 


Rather,  regional  conflicts  of  uncertain  origins  pose  the 
greatest  threat  to  world  security.  And  it  is  likely  that  these 
uncertain  adversaries  will  be  well  equipped.  From  the  United 
States'  view,  this  means  less  forward  deployment;  sharply 
constrained  defense  budgets;  continued  emphasis  on  deter¬ 
rence;  increased  emphasis  on  power  projection;  reduced 
tolerance  for  both  military  and  civilian  casualties,  and  for  pro¬ 
tracted  conflict;  and  increased  dependence  on  coalition 
warfare.  Many  of  these  factors  apply  to  all  NATO  nations,  as 
well. 

This  new  environment  has  many  implications,  and  I  have 
neither  the  time  nor  the  qualifications  to  discuss  all  of  them. 
To  oversimplify  a  bit.  the  implications  of  most  relevance  here 
are  that  future  military  needs  will  include  weapons  with 
greater  accuracy,  higher  speed,  longer  standoff  ranges,  and 
lower  observables,  in  various  mixtures.  We  can  expect  the 
relative  emphasis  on  weapons,  as  opposed  to  platforms,  to 
increase  as  a  direct  consequence  of  constrained  budgets.  The 
need  for  greater  accuracy,  higher  speed,  and  greater  stealth 
arises  directly  from  the  need  for  greater  power  projection  and 
the  desire  to  terminate  hostilities  quickly.  The  need  for  longer 
standoff  ranges  arises  directly  from  the  need  for  greater 
power  projection  and  the  reduced  tolerance  for  casualties. 
What  I've  just  described  is  a  prescription  for  those  air- 
breathing  missiles  and  projectiles  that  are  currently  in 
Category  Two. 

Just  in  case  this  philosophical  argument  is  not  persuasive.  I 
must  point  out  that  in  the  science  and  technology  arena,  the 
Department  of  Defense  has  embarked  on  seven  specific 
thrusts.  Five  of  these  thrusts  are  of  particular  relevance  here: 
global  surveillance  and  communications;  precision  strike;  air 
superiority  and  defense;  sea  control  and  undersea  superiority, 
and  advanced  land  combat.  Again,  time  does  not  permit  a 
detailed  description.  But  the  first  thrust  is  aimed  at  exploiting 
the  "information  explosion"  to  locate  targets  quickly  and 
accurately.  The  other  four  thrusts  are  aimed  at  specific  areas 
of  warfighting,  and  all  of  them  include  emphasis  on  greater 
weapon  stand-off  range  —  for  both  missiles  and  projectiles  — 
and  quicker  response.  There  seems  to  be  little  doubt  that 
opportunities  exist  for  airbreathing  missiles  and  projectiles  to 
satisfy  future  military  needs  —  and  this  is  good  news  for  those 
systems  in  Categories  One  and  Two. 

The  opportunities  for  demonstrating  technology  capabilities 
appear  to  be  increasing,  and  this  is  also  good  news  for  sy  stems 
in  Category  Two.  As  many  of  you  know,  the  United  States  is 
instituting  a  new  defense  acquisition  strategy.  Selected 
features  of  this  new  strategy  are  of  particular  interest  here.  To 
quote  from  the  Secretary  of  Defense  "The  end  of  the  Soviet 
threat  . . .  enables  us  to  cancel  some  modernization  efforts 
and  to  emphasize  longer  periods  for  research  and  develop¬ 
ment  and  for  testing  and  proving  the  value  of  systems  before 
buying  . . .  Under  the  new  United  States'  acquisition  strategy, 
there  will  be  heavy  emphasis  on  government-supported  RAD 
to  maintain  the  technology  base.  More  work  w  ill  be  done  w  ith 
prototypes  to  demonstrate  capabilities  and  prove  out  con¬ 
cepts."  lend  of  quote)  Although  there  are  of  course  details  to 
be  worked  out.  it  is  reasonable  to  infer  that  there  will  be 
opportunities  to  demonstrate  the  capabilities  of  airbreathing 
missiles  and  projectiles  without  first  having  to  demonstrate 
there  is  no  technical  risk. 

I  suggest  that  the  existence  of  potential  military  needs  and  the 
opportunity  to  demonstrate  capabilities  means  we  do  not 
need  to  be  distracted  in  our  efforts  to  advance  the  state  of 
technology  —  the  peril  of  being  in  Categories  One  and  Two. 


We  need  to  set  aggressive  technological  goals  in  order  to  focus 
better  our  efforts  in  those  technology  areas  which  are  familiar 
to  everyone  in  this  audience  —  materials  and  structures;  aer¬ 
odynamics  of  inlets;  turbine  engine  componentry; 
combustion,  both  subsonic  and  supersonic;  higher  energy 
fuels;  and  signature  control.  We  should  always  be  able  to 
answer  the  three  basic  questions  of  ( 1 )  What  are  we  trying  to 
accomplish;  (2)  By  when;  and  (3)  What  difference  will  it 
make?  This  is  the  quickest  way  to  achieve  Category  Three  sta¬ 
tus,  and  I  challenge  each  of  you  to  answer  these  questions. 

Of  course,  in  our  quest  for  Category  Three  status,  we  certainly 
have  to  maintain  frequent  and  intense  contact  with  the  poten¬ 
tial  user.  The  persistent  issues  of  the  tradeoffs  between  cost 
and  performance,  speed  and  stealth,  and  others,  need  to  be 
clearly  understood  by  all  concerned.  For  example,  current 
lore  dictates  "low  cost"  propulsion  systems;  but  a  "low-cost" 
propulsion  system  that  increases  the  size  and  cost  of  a  missile 
required  to  perform  a  given  mission  is  not  a  laudable  goal. 
Fortunately,  simulation  tools  are  becoming  available  that  will 
allow  both  user  and  technologist  to  understand  these  generic 


tradeoffs  with  very  little  effort.  It  is  up  to  us  to  use  them,  so 
that  the  “well-enough"  criterion  for  Category  Three  is  suf¬ 
ficiently  well  defined. 

By  the  way  of  summary,  I  think  the  prospects  for  moving  the 
totality  of  airbreathing  propulsion  for  missiles  and  projectiles 
into  Category  Three  are  encouraging:  the  new  military 
missions  will  exist;  there  will  be  opportunities  to  demonstrate 
the  undeniable  capabilities  offered;  and  we  have  it  in  our 
power  to  move  technology  forward. 

Of  course,  constrained  defense  budgets  make  it  even  more 
imperative  that  we  make  the  best  possible  use  of  our  collective 
resources.  This  symposium  is  an  excellent  opportunity  to 
move  in  this  direction.  In  today's  environment,  it  is  only 
prudent  that  we,  the  members  of  the  NATO  community,  share 
the  lessons  learned  and  the  technology  to  increase  the  state- 
of-the-art  of  airbreathing  missile  propulsion.  The  ultimate 
results  are  greater  deterrence  to  regional  conflicts,  and 
quicker  decisive  outcomes  and  far  fewer  casualties  in  the 
event  of  conflict.  Nothing  could  be  more  important. 
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Propulsion  par  statoreacteur  pour  missiles  dans  le  domaine  Mach  3  a  4,5 
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RESUME 

L' augmentation  de  portee  et  les  exigences  de  penetrability 
imposent  aux  missiles  de  nouvelle  generation  4  voter  plus 
vite  et  souvent  plus  haut.  La  propulsion  par  statoreacteur 
se  prete  bien  4  ces  exigences,  mais  par  rapport  aux 
premieres  generations  de  missiles,  les  specifications 
techniques  deviennent  trfes  contraignantes. 

L'exposd  ci— aprfes  presente  les  differents  aspects 
concernds  :  entree  d'air,  combustibles,  protection 
thermique  de  chambre  de  combustion,  moyens  de 
prdvision  et  moyens  d'essais. 

Les  technologies  ndcessaires  aux  missiles  de  la  classe 
Mach  3-4,5  existent,  leur  industrialisation  doit  permettre 
d'optimiser  au  moindre  coflt  la  mise  au  point  de  tels 
missiles. 

1.  EVOLUTION  DU  BESOIN  ET  DES 
SPECIFICATIONS 

Les  progrfes  realises  dans  le  domaine  des  systimes  de 
detection  et  de  defense  conduisent  4  imposer  aux  missiles 
de  nouvelles  specifications  trSs  contraignantes  pour 
lesquelles  les  technologies  actuellement  disponibles  sont 
insuffisantes  ou  inadaptees. 

Parmi  tous  les  paramfetres  des  specifications  de  base  des 
missiles  actuellement  en  service,  deux  ont  pris  une 
importance  particuli4re  dans  le  cas  des  applications  longue 
portee,  ce  sont  : 

-  l'augmentation  de  la  probabilite  de  penetration  des 
defenses  adverses  et  paralieiement  la  diminution  de  la 
detectabilite,  ce  qui  entraine  les  specificites  suivantes  : 

*  trajectoires  varides  avec  en  particular  des  penetrations 
finales  adaptdes  :  pique  4  grande  vitesse  avec  manoeuvres, 
palier  basse  altitude  grande  vitesse  avec  manoeuvres  ... 

*  possibility  d’dviter  des  intercepteurs  pendant  la  phase 
croisifere  4  grand  nombre  de  Mach  et  haute  altitude  par  la 
realisation  de  manoeuvres  4  fort  facteur  de  charge 

*  signature  du  missile  la  plus  faible  possible 

-  la  diminution  de  la  vulnerability  des  plates-formes  de 
lancement,  specialement  des  avions  lanceurs  qui  demande 
un  allongement  consequent  de  la  portee. 

Les  principales  caracteristiques  d'un  missile  repondant  4 
ces  entires  sont  les  suivantes  : 


*  Mach  de  vol  en  croisiire  entre  3  et  4,5  d  des  altitudes 
comprises  entre  20  et  30  km 

*  Phase  de  pinitration  finale  d  grande  vitesse  et  forts 
facteurs  de  charge 

*  Grande  capaciti  de  manoeuvres  d  basse  et  haute  altitude 

*  Portee  comprise  entre  quelques  centaines  et  plusieurs 
milliers  de  kilomitres 

*  Signature  minimale 

La  prise  en  compte  de  ces  exigences  a  conduit 
AEROSPATIALE  MISSILES  en  etroite  cooperation  avec 
1'ONERA  et  sous  la  coordination  des  Services  Officiels 
Fran^ais,  4  definir  une  nouvelle  generation  de  missiles 
supersoniques  4  propulsion  par  statoreacteur  pour  lesquels 
de  nombreuses  etudes  technologiques  sont  en  cours. 

Cet  expose  donne  les  perspectives  concemant  les  travaux 
sur  les  statoreacteurs  pour  missiles  longues  portees  : 

-  technologies  des  principaux  sous-ensembles  concernis, 
entrees  d'air,  combustibles,  protections  thermiques  pour 
chambre  de  combustion 

-  moyens  de  prevision 

-  moyens  d'essais. 

Ne  figurent  pas  ici  les  etudes  relatives  4  la  motorisation  des 
missiles  courtes  portees  qui  reinvent  essentiellement  du 
mode  de  propulsion  par  statofusee. 

2.  TECHNOLOGIES  DES  SOUS-ENSEMBLES 

Les  evolutions  des  specifications  de  besoin  ont  des 
consequences  trfes  importantes,  quelquefois  contradictoires 
sur  des  sous-ensembles  majeurs  du  systfeme  propulsif . 
Parmi  ces  sous-ensembles,  trois  font  l'objet  de  nombreux 
travaux  de  recherche,  ce  sont : 

-  les  entrdes  d'air 

-  les  combustibles  et  les  systfemes  d'injection  associds 

-  les  protections  thermiques  de  chambre  de  combustion 

2.  I.  Les  entrees  d'air 

Les  entrees  d'air  sont  l'eiement  capital  qui  determine  les 
performances  du  systfeme  propulsif. 


i-: 

En  fait,  c'est  l'association  entree  d'air  col  statoreacteur  qui 
fixe  la  poussde  maximale  (manoeuvrabilite)  et  la 
consommation  minimale  (portee). 

La  figure  1  montre  que  les  domaines  qui  rdpondent  k  ces 
deux  specifications  principales  n'ont  pas  forcdment  de 
secteurs  en  commun  et  que  pour  repondre  de  manifere 
ideate  au  besoin,  une  variation  de  la  geometric  des  entrees 
d'air  et  de  la  tuyere  est  necessaire. 

De  plus,  une  tuyere  variable  permettrait  : 

-  d'orienter  la  poussee  par  exemple  avec  une  tuyere 
bidimensionnelle. 

-  de  servir  eventuellement  de  tuyere  pour  l’accelerateur 
integre,  ce  qui  dviterait  toute  ejection  de  piece  lors  de  la 
phase  de  transition. 

Contrebalan$ant  tous  ces  avantages,  la  complexite 
introduite  par  une  tuyere  variable,  surtout  du  fait  de  la 
presence  de  l'accelerateur  integre,  fait  que  ce  principe 
n'est  actuellement  pas  retenu  comme  prioritaire. 

Les  entrees  d'air  &  geometrie  variable  ont  done  etd 
dtudi6es  ;  les  difficultes  techniques  proviennent 
essentiellement  de  1'ambiance  thermique  elevee  due  k 
l'echauffement  cinetique.  La  complication  qu'elles 
introduisent  et  surtout  le  surcodt  de  prix  ddciderait  suivant 
les  applications  de  retenir  ou  non  cette  technologie. 

Quant  k  la  specification  de  signature  minimale,  les  entrees 
d’air  pouvant  etre  une  des  sources  d'augmentation  de 
signature,  de  nombreux  travaux  portant  sur  les  materiaux, 
les  formes  et  la  position  sont  en  cours. 

2.2.  Les  combustibles  et  les  systfemes  d'iryection  assoc  ids 

Pour  le  type  de  missile  considdrd,  les  varietes  de 
trajectoires  envisagees  et  en  particulier  les  differences 
d'altitude,  imposent  l'utilisation  d'un  combustible  liquide 
pour  atteindre  un  rapport  de  debit  suffisant. 


Trois  types  de  carburant  peuvent  etre  envisages,  leurs 
principales  caractdristiques  sont  resumes  ci-aprds  : 


Le  produit  density  x  impulsion  spdcifique  est  reprdsentatif 
de  la  compacite  dnergdtique  du  carburant  et  & 
encombrement  constant,  l'augmentation  de  dxls  permet 
d'accroitre  la  portee  dans  les  rapports  suivants  : 


L'emploi  des  boues  au  bore  seroble  etre  trds  prometteur 
pour  allonger  de  manidre  significative  la  portde,  mais  son 
utilisation  opdrationnelle  necessite  le  ddveloppement  de 
techniques  spdcifiques  de  mise  en  oeuvre  et  d’injection. 

En  effet,  pour  eviter  dans  le  temps  les  phdnomdnes  de 
decantation,  au  carburant  compose  d'un  melange  de 
kerosene  ou  de  carburant  de  synthdse  avec  des  particules 
de  bore,  on  ajoute  un  additif  donnant  au  produit  des 
proprietes  thixotropiques. 

Ces  proprietes  trds  interessantes  pour  le  stockage  et  meme 
la  vulnerability  amdnent  k  developper  des  technologies 
relatives  au  pompage  du  carburant  pour  lui  donner  une 
fluidite  suffisante  pour  son  transfert. 

De  plus,  les  particules  de  bore  hautement  dnergdtiques  sont 
difficiles  k  initier  en  combustion  et  demandent  l'emploi 
d'injecteurs  specifiques  permettant  une  repartition  optimum 
dans  la  chambre  de  combustion. 

En  paralldle  de  ces  difficultes  technologiques,  les 
trajectoires  de  trds  longue  duree  k  des  vitesses  elevdes 
augmentent  par  echauffement  cinetique  de  manifcre 
significative  la  temperature  des  reservoir  et  circuit 
carburant. 

Pour  se  premunir  de  tout  effet  de  vaporisation  ou 
d'ebullition  nucieaire  le  long  des  parois,  la  circulation  du 
carburant  se  fait  h  forte  pression,  necessitant  d'adapter  les 
injecteurs  pour  conserver  des  courbes  de  debit  compatibles 
avec  la  regulation  de  la  combustion. 

2.  3.  Protections  thermiques  pour  chambre  de 
combustion 

Dans  leur  grande  majorite,  les  protections  thermiques 
internes  (PTI)  des  chambres  de  combustion  de 
statoreacteurs  modernes  sont  h  base  de  materiau  dlastomdre 
mouie  directement  dans  les  structures  de  la  chambre. 

Le  principe  de  1'isolation  repose  sur  une  degradation 
(pyrolyse  puis  carbonisation)  progressive  qui  pour  les 
temps  de  fonctionnement  actuellement  requis,  permet  de 
maintenir  les  structures  h  des  temperatures  acceptables 
(<  600  C)  avec  des  dpaisseurs  raisonnables  (<  10  mm). 

Du  fait  de  l'augmentation  consdquente  des  temps  de 
fonctionnement,  la  PTI  doit  permettre  un  dquilibre 
thermique  supportable  par  les  structures  et  ceci  en  regime 
permanent. 

Les  principales  difficultes  liees  &  ces  nouvelles  applications 
sont  de  concilier  les  deux  impdratifs  suivants  : 
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-  compatibility  avec  I'accdldrateur  integrd  gdnerant  des 
pressions  pouvant  at'eindre  150  bar 

-  fortes  sollicitations  thermomecaniques  lors  de  la  phase 
finale  de  penetration 

Pour  repondre  4  ces  exigences,  AEROSPATIALE 
MISSILES  travaille  sur  deux  axes  : 

-  les  protections  thermiques  4  renforts  structures 
tridimensionnels 

-  le  reffoidisseraent  parietal 

2.  3.  1.  Les  protections  thermiques  structures 

Le  choix  des  materiaux  et  de  1'architecture  correspondante 
depend  en  premier  lieu  de  la  compatibility  avec 
I'accdldrateur.  Outre  la  necessity  de  bonnes 
caracteristiques  de  collage  propergol/PTI,  les  propridtds 
mecaniques  de  la  protection  conduisent  4  des  solutions  qui 
peuvent  etre  classees  en  deux  grandes  categories  : 

*  la  PTI  possdde  pendant  la  phase  initiate  de  I'accdldrateur 
un  allongement  suffisant  (>  1%),  dans  ce  cas,  les  efforts 
de  pression  internes  peuvent  dtre  repris  en  totality  ou 
partiellement  par  la  structure  externe. 

Des  solutions  4  matrice  elastomfere  ou  rigidimdre  peuvent 
etre  utilisdes  avec  une  structure  interne  tridimensionnelle 
permettant  d'obtenir,  aprfes  ddgradation  dventuelle  de  la 
matrice,  une  coque  rigide  suffisamment  rdsistante  pour 
soutenir  4  elle  seule  les  contraintes  de  la  phase  finale 

*  la  PTI  ne  possdde  pas  l'allongement  ndcessaire  ni  les 
propridtds  mdcaniques  suffisantes,  dans  ce  cas 
1'architecture  doit  permettre  de  limiter  les  efforts  sur  la 
protection,  par  exemple  en  pressurisant  1'interstice  entre  la 
PTI  et  la  structure.  L'utilisation  de  ceramiques  amides  est 
alors  possible  en  couche  pare-flammes 

L' architecture  de  ce  type  de  protection  doit  prendre  en 
compte  tous  les  probldmes  de  dilatations  differentielles  qui 
dvoluent  au  cours  de  la  trajectoire,  quelque  fois  de  manidre 
contradictoire. 

Les  principaux  avantages  de  ces  solutions  sont : 

-  le  collage  relativement  aisd  du  propergol 

-  la  complexity  d'ensemble  faible  ou  limitye 

2.  3.  2.  Le  refroidissement  pariital 

Bien  connu  pour  son  application  dans  les  chambres  de 
combustion  de  turbordacteurs,  le  refroidissement  paridtal 
consiste  4  injecter  le  long  de  la  paroi  de  la  chambre  un 
film  d'air  qui  bloque  les  dchanges  thermiques  entre  la 
flamme  et  la  structure. 

Sdduisant  dans  son  principe,  plus  complexe  4  mettre  en 
oeuvre  que  les  protections  thermiques,  les  recherches  sur 
ce  concept  font  1'objet  d'une  dtroite  collaboration  entre 
l'ONERA  et  AEROSPATIALE  MISSILES. 

Deux  types  de  matdriau  peuvent  dtre  utilisds  : 


-  t61es  multiperfordes,  la  rdpartition  des  perqages  est  issue 
d'dtudes  de  cartographies  thermiques  en  tenant  compte  des 
dvolutions  de  cette  cartographic  suivant  les  phases  de 
trajectoire. 

Ce  concept  permet  d'obtenir  un  trds  bon  compromis  entre 
la  rdsistance  structurale  de  la  chambre  et  l'efficacitd  de 
refroidissement 

-  toles  poreuses  obtenues  par  frittage  ;  solution  optimale  du 
point  de  vue  du  refroidissement  avec  un  rendement  trds 
proche  de  1 ,  la  tenue  4  la  pression  interne  du  fait  de  la 
faible  rdsistance  mdcanique  du  materiau  en  traction  et  en 
compression  impose  la  mise  en  place  d'une  coque 
mdtallique  de  soutien.  De  plus  la  difference  de  pression 
ndcessaire  4  l'injection  d'air  est  plus  importante  que  dans 
le  cas  des  toles  multiperfordes. 

Les  principaux  avantages  de  ces  solutions  sont : 

-  aucune  limitation  de  temps  de  fonctionnement 

-  temperature  de  paroi  externe  sensiblement  dgale  4  la 
temperature  athermane  de  vol 

Cependant  la  prdsence  de  l'accdldrateur  intdgrd  complique 
1'architecture  et  demande  1' interposition  d'un  liner  entre  la 
surface  interne  de  la  structure  et  le  propergol. 

3.  MOYENS  DE  PREVISION 

Les  phdnomdnes  physiques  complexes  apparaissant  dans  le 
systdme  propulsif  des  missiles  4  statordacteur  et  l'absence 
de  moyens  de  calculs  efficaces  ndcessitaient,  dans  le  passd, 
l'adoption  d'une  mdthodologie  basde  principalement  sur 
une  approche  empirique  incluant  des  phases 
expdrimentales  longues  et  coflteuses. 

L'utilisation  exclusive  de  moyens  expdrimentaux  ne  suffit 
plus  aujourd'hui,  en  terme  de  temps  et  de  coflt,  pour 
ddfinir  et  optimiser  les  nouvelles  configurations. 

Aussi,  gr&ce  aux  progrds  rdcents  des  technologies 
informatiques  et  des  mdthodes  de  calcul  numdrique,  un 
changement  de  mdthode  de  travail  est  apparu.  D  est 
maintenant  possible  de  simuler  numdriquement  les 
dcoulements  tridimensionnels  sur  l'avant-corps,  dans  la 
prise  d'air,  dans  la  chambre  de  combustion  et  dans  la 
tuydre  de  ces  missiles. 

AEROSPATIALE  MISSILES  a  done  beaucoup  investi 
dans  la  mise  au  point  de  codes  de  calcul,  en  coopdration 
avec  des  laboratoires  de  recherche  (ONERA,  Laboratoire 
de  combustion  EM2C  de  l'Ecole  Centrale  de  Paris  ...), 
ainsi  que  dans  l'acquisition  de  moyens  informatiques 
puissants  de  faqon  4  compldter  sa  mdthodologie  de  travail. 

Les  outils  de  calcul  composds  de  codes  tridimensionnels 
Euler  et  Navier-Stokes  moyenndes  ainsi  que  de  logiciels  de 
maillage  sont  des  aides  4  la  conception  compldmentaires 
aux  essais  en  soufflerie. 

3.1.  Outils  opdrationnels 
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L'analyse  num6rique  de  revolution  du  tube  de  courant 
traversant  le  systfeme  propulsif  d'un  missile  &  statoreacteur 
debute  par  le  calcul  de  l'dcoulement  autour  de  l'avant- 
corps.  Les  valeurs  locales  de  la  pression  totale,  du  nombre 
de  Mach,  de  l'incidence  et  du  derapage  au  droit  de  la  prise 
d'air  ainsi  que  le  debit  capte  et  la  hauteur  de  la  couche 
limite  sont  k  determiner  afin  d'optimiser  la  position  et  la 
geom£trie  du  pifege  h  couche  limite  externe  ainsi  que  de  la 
prise  d'air  avec  sa  carfene  et  ses  flancs. 

Les  outils  numeriques  utilises  se  composent  d'un  code  de 
calcul  Euler  couple  dventuellement  avec  un  code  de 
couche  limite,  tridimensionnels,  et  d'un  code  P.N.S 
(Navier-Stokes  Parabolisees)  comportant  un  module  de 
turbulence  de  type  Balwin-Lomax.  Le  code  PNS  est 
principalement  utilise  pour  affiner,  dans  le  cas  des 
configurations  supersoniques,  la  determination  des  effets 
visqueux,  en  particulier  les  tourbillons  d'extrados  et  les 
decollements  de  couche  limite  sur  l'avant-corps. 

La  figure  2  presente  la  repartition  du  coefficient  de 
pression  sur  un  missile  h  statoreacteur  obtenue  k  l'aide 
d'un  code  Euler  ainsi  que  la  trace  du  maillage  sur  le  corps 
du  missile. 

La  figure  3  presente  schematiquement  le  ph£nom£ne 
d'interaction  des  tourbillons  d'extrados  d'un  missile  en 
incidence  avec  ses  prises  d'air  ainsi  qu'une  comparaison 
calcul  PNS  /  essais  pour  l'etude  de  cette  interaction. 

L'evolution  du  tube  de  courant  jusqu'h  l'entree  de  la 
chambre  de  combustion  est  ensuite  etudiee  h  l'aide  d'un 
code  Euler  tridimensionnel  multidomaine  capable  de 
calculer  des  geometries  complexes  avec  pifege  a  couche 
limite  interne  «*  obstructeur  en  fin  de  diffuseur  simulant 
1'obstructior  de  in  chambre  de  combustic  Ce  type  de 
simulation  permet  <1?  determiner  avec  une  bonne  precision 
la  courbe  caracteristique  des  prises  d’air  pour  l'ensemble 
des  fonctionnements  possibles,  du  supercritique  au 
subcritique,  dans  le  cas  ou  les  interactions  choc/couche 
limite  ne  sont  pas  preponderates  [cf.  figure  4],  La  prise 
en  compte  du  pi&ge  k  couche  limite  dans  ce  type  de  calcul 
permet  de  simuler  correctement  la  perte  de  debit  due  au 
pifege  et  le  deplacement  correspondant  du  choc  droit 
terminal  mais  ne  permet  pas  une  analyse  precise  de 
I'dcoulement  dans  le  pi£ge  lui-meme  qui  est  le  siege 
d'importants  effets  visqueux. 

Dans  le  cas  ou  les  effets  visqueux  deviennent 
prepondSrants  dans  le  diffuseur,  l’analyse  s'effectue  k 
l'aide  d'un  code  Navier-Stokes  bidimensionnel  muni  d'un 
modfele  de  turbulence  algebrique.  Ce  code  permet  de 
prendre  en  compte  les  interactions  choc/couche  limite  et  de 
simuler  correctement  la  structure  de  1'dcoulement  captd 
par  le  pifcge  k  couche  limite  interne  (cf.  figure  5). 

L’dtude  numdrique  du  fonctionnement  des  chambres  de 
combustion  s'effectue  actuellement  suivant  deux  phases  : 

-  Une  premiere  phase  pour  le  calcul  de  l'£coulement 
rdactif  suppose  premdlangd  k  l'aide  d'un  code 


tridimensionnel  Navier-Stokes  ddveloppe  par  I'ONERA 
utilisant  un  module  de  combustion  de  type  Flamme- 
Cohdrente  developpe  par  le  Laboratoire  de  combustion 
EM2C  de  l'Ecole  Centrale  de  Paris.  Cependant  du  fait  du 
temps  de  calcul  dleve  en  tridimensionnel,  un  balayage  en 
richesse  n’est  pas  encore  possible,  ce  qui  nScessite  le 
passage  h  la  deuxibme  phase.  A  titre  d'exemple,  la  figure  6 
presente  une  comparaison  calcul/essai  au  niveau  de  la 
visualisation,  du  champ  du  terme  source  dans  la  chambre 
d'dtude  bidimensionnelle  avec  deux  entries  d'air  latdrales 
du  laboratoire  EM2C. 

-  Une  deuxifeme  phase  permet  de  prendre  en  compte  la 
cindtique  du  kerosene  h  l'aide  d'un  code  de  calcul  de 
chimie  complexe  avec  19  esp&ces  et  360  Equations  ainsi 
que  l'injection  du  carburant  liquide.  Cet  outil  de  calcul  du 
rendement  de  la  chambre  de  combustion,  permet  un 
balayage  complet  en  richesse  k  partir  d'une  decomposition 
de  la  chambre  de  combustion  en  rdacteurs  bien  melanges 
dont  la  description  est  definie  par  l'utilisateur  k  partir  des 
resultats  issus  de  la  premibre  phase. 

Enfin,  l’ecoulement  dans  la  tuyfere  est  dtudie  avec  un  code 
Euler  tridimensionnel,  mono  ou  bi-espfece,  qui  permet 
d'etudier  dventuellement  la  confluence  avec  l'dcoulement 
exterieur,  pour  les  tuyeres  h  deflexion  notamment. 

3.2.  Outils  en  cours  de  dlveloppement 

Dans  la  strategic  de  mise  au  point  de  codes  de  calcul  aptes 
h  l'etude  des  missiles  k  statoreacteur,  l'activitd  est 
principalement  consacrde  k  l'amelioration  de  nos  outils 
pour  une  meilleure  prise  en  compte  de  la  physique  ainsi 
que  pour  des  etudes  specifiques. 

Pour  le  calcul  du  fonctionnement  des  entries  d'air,  on 
compte  poursuivre  l'adaptation  du  code  Navier-Stokes 
bidimensionnel,  en  particulier  pour  le  calcul  des 
configurations  subcritiques  afin  d'etudier  le  declenchement 
du  pompage  atirodynamique.  Des  travaux  Navier-Stokes 
tridimensionnels  sont  dgalement  prevus  pour  traiter  des 
geometries  fortement  tridimensionnelles. 

Pour  l'etude  des  chambres  de  combustion,  les  efforts 
portent  sur  les  ecoulements  diphasiques,  sur  l'adaptation 
du  module  de  combustion  h  la  combustion  du  kSroskne  et 
sur  la  reduction  du  temps  de  calcul.  Ainsi  le  calcul  complet 
permettant  d'obtenir  le  rendement  de  combustion  et  la 
perte  de  charge  pourra  etre  realise  avec  ce  code  pour 
diffdrentes  rich'*,  s  injectdes.  La  prediction  des  limites  de 
fonctionnement  du  moteur  est  un  des  buts  k  atteindre. 

Le  meme  outil  de  calcul  pourra  egalement  traiter 
recoupment  dans  les  tuyeres  ce  qui  permettra  de  prendre 
en  compte  la  cinetique  chimique. 

En  mettant  en  oeuvre  des  outils  numeriques  adaptds  h 
l'etude  de  ses  statoreacteurs,  AEROSPATIALE 
MISSILES  se  donne  des  moyens  d'aide  k  la  conception 
compldmentaires  aux  experimentations  en  soufflerie. 


Cette  mdthodologie  doit  permettre  d'analyser  et 
d'optimiser  plus  rapidement  et  k  moindre  coflt  les 
configurations  nouvelles  de  missiles  adrobies. 

4.  MO  YENS  D'ESSAIS 

La  mise  au  point  des  chambres  de  combustion  pour  des 
domaines  de  vol  trfes  dtendus  ndcessite  encore  un  nombre 
d'essais  important  de  fa$on  k  couvrir  de  manifere 
systdmatique  1‘ensemble  du  domaine  et  de  pouvoir  dvaluer 
les  marges  disponibles. 

Les  essais  au  banc  permettent  dgalement  de  tester  et  de 
ddvelopper  tous  les  sous-ensembles  associds  :  entrde  d’air, 
regulation,  protections  thermiques,  sequence  de  transition 

De  plus  avant  les  essais  en  vol,  la  coherence  de  tous  ces 
sous-ensembles  doit  fetre  verifiee  par  des  essais  de  synthfese 
mettant  en  jeu  tous  les  elements  du  systfeme  propulsif. 

Le  moyen  d'essais  specifique  statordacteur  doit  done 
permettre  de  realiser  aussi  bien  des  essais  "simples"  de 
combustion,  que  des  essais  mettant  en  oeuvre  quasiment  le 
missile  complet. 

C'est  pourquoi  AEROSPATIALE  MISSILES  s'est  dote 
depuis  1978  au  Subdray  d'une  soufflerie  k  rafale  rdpondant 
k  toutes  ces  exigences  y  compris  cedes  correspondant  aux 
nouveaux  besoins,  en  particulier  : 

-  domaine  de  simulation  Mach  >  4,5 

-  stockage  d'air  compatible  avec  la  simulation  de 
trajectoires  trfes  longue  portee 

Les  principales  caracteristiques  de  ce  moyen  sont : 

-  trois  lignes  de  test  permettant  des  essais  en 

*  conduite  forede 

*  jet  semi  libre 

*  jet  libre  pour  des  diamfetres  inferieurs  k  200  mm 

-  possibilitd  d’enchainer  toutes  les  phases  de 
fonctionnement :  accdldrateur  intdgrd,  sequence  de 
transition,  statordacteur 

-  realisation  de  simulations  de  trajectoires  avec  une 
precision  infdrieure  k  1  % 

-  caractdristiques  de  la  gdndration  d'air  : 

*  ddbit  maximal :  300  kg/s 

'*  pression  maximale  :  80  bar 

*  tempdrature  maximale  :  1 100  K 

-  limites  actuelles  du  domaine  simuld  : 

*  Mach  :  4,7 

*  altitude  :  33  km 


De  nombreuses  extensions  sont  en  cours  avec  en 
particulier  une  adaptation  du  superstatordacteur  pour  les 
applications  hypersoniques. 


5.  CONCLUSIONS 

A  partir  de  rexpdrience  acquise  en  particulier  lors  du 
ddveloppement  du  missile  ASMP,  et  avec  la  collaboration 
de  l'ONERA,  AEROSPATIALE  MISSILES  dispose 
pour  la  propulsion  par  statordacteur  de  technologies 
dprouvdes  qui  permettent  de  rdpondre  aux  exigences  d'un 
missile  de  croisifere  supersonique  longue  portde. 

Pour  les  applications  k  trfes  longue  portde  et  trfes  grande 
vitesse,  les  etudes  technologiques  sur  les  principaux  sous- 
ensembles  du  statordacteur  montrent  la  faisabilitd  de 
missiles  ayant  un  nombre  de  Mach  de  croisifere  pouvant 
atteindre  4,5. 

Ces  nouvelles  technologies,  maintenant  disponibles,  seront 
k  la  base  d'une  nouvelle  gdndration  de  moteur  ;  elles  sont  k 
industrialiser  pour  obtenir  un  systfeme  propulsif 
opdrationnel. 

Au  delk  de  ces  vitesses  de  croisifere,  dans  le  domaine  de 
l'hypersonique,  des  etudes  amont  sont  ddjk  engagdes  en 
particulier  sur  les  technologies  du  superstatordacteur,  les 
moyens  de  prdvision  et  d'essais  associds. 
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Discussion 


Question  from  Dr  M.G.  PHILPOT.  DRA  Fam borough  UK 

I  was  interested  in  the  use  of  film  cooling  in  the  ramcombustor.  Does  this 
approach  require  new  liner  materials  or  can  existing  alloys  be  used  ? 


Author’s  reply 

No,  the  selected  materials  have  already  been  developped  for  other 
applications.  The  problems  that  have  been  solved  concerned  mainly  the  architecture  of  the 
porous  materials  along  the  combuster  in  order  to  maintain  their  efficiency  during  the 
whole  flight. 
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POTENTIAL  MISSILE  FLIGHT  PERFORMANCE  GAINS  FROM  IMPROVEMENTS 
TO  THE  PROPULSION  SYSTEM 

M  S  Ivey  and  R  K  Oldham 

Air  Vehicle  Performance  Department 
Defence  Research  Agency 
Pyestock,  Famborough, 

Hampshire,  GUM  OLS,  UK 


SUMMARY 

Future  developments  in  the  propulsion  of  ramjet  powered 
missiles  will  aim  to  widen  the  launch  envelope,  extend 
the  operating  range  and  lengthen  the  period  of  powered 
flight  to  give  a  more  potent  terminal  manoeuvre  phase. 
In  this  paper,  some  of  the  possible  methods  of  achieving 
these  aims  have  been  critically  assessed  for  typical 
stand-off  and  air-to-air  missiles.  For  both  types  of 
missile,  the  use  of  a  high  density  fuel  for  the  main 
propellant  would  produce  quite  significant  performance 
gains  but  storage  and  plume  visibility  problems  have  to 
be  overcome.  Gains  can  also  be  made  for  both  missiles 
by  optimising  the  relative  amounts  of  boost  and  main 
propellant  to  match  the  required  launch  envelope.  The 
benefits  of  inlet  and  exhaust  variability  have  been 
explored  for  the  stand-off  missile.  The  latter  option  is 
the  more  favourable  prospect  for  range  enhancement  but 
the  design  of  a  low  pressure  loss  variable  mechanism  will 
be  difficult.  The  range  of  the  air-to-air  missile  depends 
primarily  on  its  launch  Mach  number  and  the  range  can 
be  further  increased  by  using  a  highly  lofted  trajectory 
with  an  unpowered  terminal  phase.  The  maximum  and 
minimum  fuel  flow  rates  needed  for  this  missile  are 
related  to  the  altitude  limits  of  its  flight  envelope. 


1.  INTRODUCTION 

Guided  missiles  which  fly  at  high  supersonic  speeds 
have  the  choice  of  either  a  pure  rocket  or  a  ramjet 
propulsion  system.  The  principal  advantages  of  a  pure 
rocket  are  simplicity,  small  size  and  lack  of  any 
requirement  for  an  air  inlet  duct.  By  comparison,  the 
advantages  of  a  ramjet  engine  are  related  to  its  high 
specific  impulse  and  thrust  control.  Hence  ramjet 
propulsion  is  most  suitable  for  stand-off  missiles  where 
long  range  coupled  with  a  high  cruise  Mach  number  are 
prime  requirements.  Another  important  potential 
application  for  ramjets  is  in  air-to-air  missiles  intended 
for  beyond  visual  range  (BVR)  combat.  The  low  fuel 
consumption  considerably  increases  fly-out  range,  with 
power  sustained  all  the  way  to  the  target.  Furthermore, 
the  controllability  of  the  ramjet  engine,  provides  a  wide 
flight  envelope  and  enables  the  missile  to  manoeuvre 
without  loss  of  energy.  As  a  result  the  ramjet  powered 
missile  will  be  much  more  able  to  follow  and  successfully 
attack  a  manoeuvring  enemy  aircraft.  Ramjets  can  also 
be  used  for  other  types  of  weapon  (such  as  long  range 
surface-to-air  missiles)  but  this  paper  concentrates  on 
their  application  to  air  launched  vehicles. 

In  the  Defence  Research  Agency  (DRA)  at  Famborough, 
we  are  seeking  to  quantify  the  possible  future 
performance  gains  that  might  be  obtained  from  ramjet 
powered  stand-off  and  air-to-air  missiles.  Two  datum 
vehicles  have  been  conceived  which  are  representative 
of  the  likely  geometry  and  performance  of  each  type. 
Complete  missions  and  important  phases  of  the  flight  of 


these  datum  vehicles  have  been  explored  using  a 
trajectory  simulation  program  which  includes  a 
one-dimensional  model  of  the  propulsion  system. 

The  potential  improvement  features  considered  so  far  in 
this  study  have  focussed  on  launch  conditions,  boost 
motor  sizing  and  the  use  of  high  energy  fuels. 
Optimisation  of  the  flight  trajectory  of  air-to-air  missiles 
has  been  examined  and  some  consideration  has  been 
given  to  the  possible  use  of  variable  geometry  in  the 
larger  stand-off  missile. 

2.  THE  TRAJECTORY  SIMULATION  PROGRAM 

The  computer  code  used  in  this  study  was  originally 
developed  at  the  Wright  Laboratory  of  the  USAF  and 
calculates  the  complete  missile  trajectory,  given  its 
launch  conditions,  guidance  laws  and  control  logic.  The 
prediction  is  done  with  a  three-dimensional,  point  mass, 
flight  and  mission  simulation  routine  using  vehicle 
aerodynamic  data  from  flight  condition  dependent 
look-up  tables.  The  total  flight  profile  is  defined  by  a 
series  of  events,  each  of  which  represents  a  discrete 
phase  of  the  missile  flight.  Both  guidance  and 
propulsion  events  are  specified  for  the  missile  and  each 
event  is  terminated  when  the  input  value  of  a  prescribed 
variable  is  reached  (eg  altitude  for  a  guidance  event  or 
missile  weight  for  a  propulsion  event).  Information 

Is  also  specified  for  the  motion  of  the  launch  and  target 
aircraft. 

The  code  represents  the  missile  propulsion  system  in  the 
form  of  a  one-dimensional  performance  model  which  is 
capable  of  handling  both  liquid  fuelled  ramjets  and  solid 
fuelled,  air  breathing  ramrockets.  In  addition,  the 
propulsion  model  can  also  simulate  the  performance  of 
pure  rocket  motors  (in  this  case  only  used  for  the  boost 
phase  at  the  start  of  the  missile  flight).  During  each 
propulsion  event,  limits  can  be  set  on  the  fuel  flow  rate, 
fuel/air  ratio  and  the  proximity  of  the  intake  to  its 
critical  operating  condition.  Intake  performance,  based 
on  the  flight  Mach  number  and  vehicle  incidence,  is 
obtained  from  input  data  files.  These  files  give  the 
critical  pressure  recovery  and  capture  area  ratio  of  the 
intake  derived  either  from  flow  predictions  or  wind 
tunnel  tests.  Fluid  properties  and  the  combustion 
temperature  rise  are  determined  from  another  set  of 
look-up  tables  for  the  particular  ramjet  fuel  being 
used. 

3.  STAND-OFF  MISSILE  PERFORMANCE 

A  schematic  diagram  of  the  datum  vehicle  showing  some 
of  its  major  components  is  presented  on  Figure  1.  The 
missile  is  optimised  for  low  level  launch  at  0.85  Mach 
number,  climb  to  high  altitude,  cruise  supersonically 
and  then  to  make  a  powered  dive  onto  the  target.  The 
datum  missile  is  assumed  to  be  of  cylindrical 
cross-section  with  four  variable  fins  at  the  rear  to  give 


extra  lift  and  provide  motion  control.  In  order  to  make 
a  stealthy  approach  to  the  target,  the  missile  has  a 
single  air  intake  wrapped  around  its  upper  surface.  A 
low  critical  pressure  recovery  is  assumed  for  the  intake 
in  order  to  allow  for  the  compromised  shape  needed  to 
produce  its  stealthy  characteristics. 

A  solid  rocket  boost  motor  is  cast  into  the  ramjet 
combustion  chamber  and  this  motor  is  assumed  to  operate 
for  about  six  seconds  after  the  missile  is  fired  from  the 
launch  aircraft.  When  the  rocket  bums  out,  there  is  a 
rapid  pressure  drop  in  the  ramjet  combustion  chamber 
which  triggers  the  release  of  the  booster  nozzle  and  the 
air  inlet  port  covers.  Sustain  fuel  is  then  injected  and 
combustion  with  the  intake  air  supply  commences. 
Different  sets  of  aerodynamic  characteristics  are  used 
for  the  two  vehicle  flight  modes,  ie  boost  and  air 
breathing  phases. 

Developments  of  such  a  stand-off  missile  can  have 
several  aims,  eg  a  higher  altitude  trajectory,  longer 
range  or  the  ability  to  make  more  avoidance  manoeuvres 
during  target  approach.  This  paper  concentrates  on 
possible  approaches  to  increasing  the  operating  range 
whilst  retaining  the  same  datum  flight  trajectory.  For 
most  of  the  improvement  techniques  considered,  the 
overall  external  geometry  of  the  datum  missile  is 
held  constant  and  so  its  aerodynamic  characteristics 
remain  the  same. 

3.1  Effect  of  amount  of  boost 

After  being  launched  at  low  altitude,  the  booster  motor 
accelerates  the  vehicle  in  level  flight  up  to  a  transition 
Mach  number  of  2.37.  About  half  of  the  available  liquid 
fuel  is  then  burnt  during  the  climb  up  to  high  altitude 
and  the  remainder  is  consumed  during  the  cruise  and 
final  dive.  One  possible  method  of  extending  the  missile 
range  whilst  retaining  its  external  dimensions  is  to  have 
less  boost  fuel  and  make  use  of  the  volume  saved  to 
increase  the  size  of  the  liquid  fuel  tank.  In  the  datum 
missile  the  liquid  fuel  tank  and  the  combustion  chamber 
containing  the  boost  fuel  have  almost  identical  volumes. 
Any  volume  transfer  implies  a  reduced  ramjet  chamber 
length  which  might  affect  the  efficiency  and  stability  of 
the  combustion  process.  However,  the  size  of  the 
chamber  will  in  general  be  determined  by  the  need  to 
have  a  sufficient  storage  space  for  the  boost  propellant 
rather  than  a  minimum  length  for  efficient  combustion 
in  the  air  breathing  mode.  It  is  the  trade-off  between 
booster  fuel  and  sustain  fuel  masses  that  it  is  of  interest 
here. 

The  effects  of  this  fuel  transfer  on  missile  range  are 
presented  on  Figure  2  for  a  range  of  launch  Mach 
numbers  and  the  resulting  end  of  boost  Mach  numbers 
for  each  case  are  plotted  on  Figure  3.  At  the  datum 
launch  Mach  number  of  0.85,  a  maximum  range  increase 
of  9%  can  be  obtained  by  a  15%  reduction  in  the  volume 
of  the  boost  fuel  which  allows  a  corresponding  increase 
in  the  volume  of  sustain  fuel.  The  lower  density  of  the 
liquid  fuel  means  that  the  mass  transfer  is  not  even  but 
there  is  a  slight  benefit  from  the  reduced  missile  launch 
weight.  With  a  20%  volume  transfer,  the  end  of  boost 
Mach  number  is  reduced  to  2.13  and  a  considerable 
amount  of  liquid  fuel  (about  15%  of  the  total  mass)  is 
used  in  further  accelerating  the  missile  before  it  can 
start  the  climb.  The  ramjet  is  operating  very 
inefficiently  under  these  conditions  and  further  transfer 
between  solid  and  liquid  fuels  leads  to  the  situation 
where  the  end  of  boost  Mach  number  is  so  low  that  the 
missile  cannot  produce  sufficient  thrust  to  accelerate 
away. 


Figures  2  and  3  also  show  the  effect  of  a  5%  fuel  volume 
transfer  in  the  opposite  direction.  The  transition  Mach 
number  increases  to  2.41  but  this  only  produces  a  small 
saving  in  the  fuel  needed  to  complete  the  climb.  The 
volume  transfer  reduces  the  total  mass  of  liquid  fuel  by 
nearly  5%  which  results  in  a  7%  loss  of  range. 

The  effect  of  launching  at  Mach  numbers  of  0.60  and 
0.75  is  also  shown  on  Figure  2.  For  the  datum  missile 
there  is  a  12%  range  deterioration  if  the  launch  is  at  0.6 
Mach  number.  As  previously,  the  explanation  concerns 
the  extra  amount  of  liquid  fuel  needed  to  accelerate  away 
from  the  lower  transition  Mach  number  of  2.23.  If  fuel 
volume  is  transferred  at  the  lower  launch  Mach  numbers, 
there  is  initially  a  small  improvement  of  range  but  the 
benefit  rapidly  disappears  beyond  about  5%  boost 
reduction.  Hence  it  seems  that  a  boost  to  liquid  fuel 
exchange  would  only  be  attractive  if  the  missile  will 
always  be  launched  at  the  higher  Mach  number,  when  a 
shift  of  around  15%  in  the  volume  balance  would  give  the 
optimum  result. 


3.2  Effect  of  using  high  density  fuel 

Much  work  has  already  been  done  on  the  development  of 
high  density  fuels  for  ramjets  because  of  the  obvious 
performance  benefits  which  they  offer.  The  sustain  fuel 
in  the  datum  missile  has  been  assumed  to  be  RJ6  which 
is  one  of  the  highest  density  liquid  fuels  currently 
available.  In  order  to  make  further  gains  from 
increasing  the  fuel  density,  one  possibility  is  to  use  a 
slurry  made  up  from  a  metal  powder  dissolved  in  a  liquid 
hydrocarbon.  Of  the  possible  metals  that  could  be 
chosen,  boron  has  the  highest  volumetric  heating  value 
(about  four  times  that  of  a  jet  engine  fuel  like  JP4).  In 
order  to  illustrate  the  potential  improvements,  trajectory 
calculations  were  done  for  the  datum  missile  using  boron 
slurries  of  various  strengths  as  the  sustain  fuel.  As 
shown  in  the  following  table,  results  were  obtained  for 
two  conditions,  ie  assuming  a  constant  volume  fuel  tank 
or  allowing  the  tank  size  to  vary  to  keep  the  same  datum 
range. 


Effect  of  using  boron  slurry  for  sustain  fuel 

Boron  loading  (by  weight) 

50% 

60% 

70% 

Constant  volume  fuel  tank 

%  Range  increase 

7 

23 

44 

%  Missile  weight  increase 
(at  launch) 

2 

5 

7 

Fixed  range 

%  Missile  length  reduction 

1 

4 

7 

These  results  show  that  a  large  range  improvement  can 
be  achieved  if  it  is  possible  to  use  fairly  high 

concentrations  of  boron.  Also  the  significant  range 

benefit  from  using  a  70%  boron  slurry  is  little  affected 

by  the  7%  increase  in  overall  missile  launch  weight.  As 
seen  in  the  table,  the  alternative  approach  of  keeping 
range  fixed  and  using  the  fuel  change  to  reduce  missile 
length  has  only  a  small  effect  and  the  corresponding 
weight  reduction  is  not  shown  but  turns  out  to  be 

minimal  (less  than  2%). 


The  potential  range  increase  for  a  fixed  size  could  be 
very  attractive  if  this  was  an  important  goal.  However, 
the  difficulties  of  using  a  slurry  type  of  fuel  are 
considerable  and  get  worse  with  a  higher  metal  fraction. 
There  are  three  major  problem  areas  which  have  to  be 
overcome:- 

i  The  fuel  system  (valves,  pump  and  injectors) 
have  to  be  able  to  cope  with  the  metal  particles 
and  thixotropic  nature  of  the  slurry. 

ii  The  exhaust  plume  from  a  ramjet  engine  burning 
a  slurry  fuel  is  highly  visible,  both  optically  and 
using  Infra-red  detection. 

iii  The  suspended  metal  particles  tend  to  settle  out 
and  solidify  with  time,  so  it  will  be  difficult  to 
meet  the  long  term  storage  requirements  of  most 
missiles. 

While  research  could  probably  overcome  the  handling 
and  storage  difficulties  of  slurry  fuels,  the  observability 
aspect  is  more  intractable.  However  this  may  be  less 
important  in  some  applications,  in  which  case  high 
density  fuels  offer  quite  a  promising  route  for  further 
missile  development. 

3.3  Effect  of  variable  geometry  intake 

If  the  intake  capture  area  is  increased  and  no  other 
constraints  are  applied,  the  ramjet  fuel  consumption 
reduces,  which  improves  the  missile  range.  This  result 
occurs  because  flow  within  the  ramjet  is  controlled  by 
the  choking  conditions  in  the  exhaust  nozzle  (throat 
area  A5). 

QVT4/A5P4  =  a  constant  (depending  only 
on  the  gas  properties) 

The  mass  flow  Q  increases  with  the  larger  capture  area 
causing  the  combustion  chamber  pressure  P4  to 
increase  so  that  the  intake  operates  with  a  higher 
pressure  recovery.  The  combustion  temperature  T4 
can  then  be  lower  to  give  the  required  thrust,  due  to 
the  increases  in  the  mass  flow  and  nozzle  exit  Mach 
number,  and  less  fuel  is  therefore  burnt. 

The  top  limit  to  this  method  of  range  improvement  comes 
from  the  need  to  prevent  the  terminal  shock  from  being 
expelled  from  the  front  of  the  intake.  In  this 
sub-critical  mode  of  operation,  some  of  the  air 
compressed  by  the  shock  system  spills  over  the  intake 
cowl  causing  an  increase  in  vehicle  drag  and  possibly 
leading  to  flow  instability  (buzz).  As  the  capture  area 
is  increased,  the  intake  operating  point  moves  closer  to 
the  critical  condition  until  eventually  the  pressure 
margin  (difference  between  the  operating  intake 
pressure  recovery  and  its  critical  value)  reaches  a  set 
limit.  When  this  occurs,  P4  cannot  increase  any 
further,  so  the  mass  flow  reaches  a  fixed  value  given  by 
the  throat  choking  condition.  With  the  nozzle  mass  flow 
and  upstream  pressure  both  being  fixed,  the  available 
thrust  also  reaches  a  limiting  value. 

During  high  altitude  cruise  the  intake  is  operating  with 
a  pressure  margin  of  about  26%,  ie  well  clear  of  the 
critical  condition.  There  is  plenty  of  margin  for 
increasing  the  capture  area  during  this  phase  of  the 
flight  with  some  gain  from  the  lower  fuel  consumption. 
Figure  4  shows  the  effect  of  using  a  variable  geometry 
intake  where  the  capture  area  is  increased  at  the  start 
of  the  cruise  leg  (capture  area  held  at  the  datum  value 
for  launch  and  climb).  A  capture  area  increase  of  about 
35%  is  possible  before  the  intake  pressure  limit  is 
reached  and  there  is  insufficient  cruise  thrust.  The 
increase  of  range  only  rises  to  about  7%  for  a  significant 
increase  of  capture  area. 


The  datum  missile  is  designed  such  that  the  thrust  limit 
is  first  met  at  the  start  of  the  climb.  The  combination  of 
the  low  altitude  air  conditions  and  the  missile  event 
command  to  accelerate  up  to  its  cruise  Mach  number 
creates  a  high  thrust  requirement  and  the  intake  is  on 
its  pressure  margin  limit  for  the  first  2000  m  of  the 
ascent.  If  the  intake  capture  area  were  to  be  increased 
10%,  the  intake  would  hit  its  pressure  margin  limit  a  few 
seconds  earlier,  so  the  fuel  supply  would  have  to  be 
reduced,  creating  less  thrust  and  a  less  rapid 
acceleration.  The  lack  of  thrust  would  be  further 
accentuated  by  the  lower  inlet  compression  and  the 
missile  would  have  to  climb  to  7000  m  before  the 
pressure  margin  limit  was  overcome.  If  the  capture  area 
were  to  be  opened  any  further,  the  pressure  limit  would 
force  the  fuel  flow  to  turn  down  even  more  and  there 
would  not  be  enough  thrust  to  make  the  climb.  If  the 
intake  capture  area  of  the  datum  missile  is  increased  by 
10%  for  all  of  its  flight,  an  11%  range  enhancement  is 
obtained  following  a  launch  at  0.85  Mach  number  (as 
shown  by  the  dashed  line  on  Figure  4).  However  this 
benefit  almost  disappears  if  a  wide  launch  envelope  is 
required.  At  a  launch  Mach  number  of  0.6,  more  thrust 
is  needed  to  accelerate  away  from  the  post-boost 
conditions.  This  increased  thrust  can  just  be  produced 
with  the  capture  area  opened  5%  but  the  missile  slows 
down  if  further  variability  is  attempted. 

If  both  the  climb  and  cruise  phases  of  the  flight  are 
optimised  and  launch  conditions  are  ignored,  then  a 
maximum  range  improvement  of  about  14%  is  achievable 
as  seen  on  Figure  4.  The  intake  capture  area  would 
need  to  be  opened  10%  for  the  climb  and  30%  for  cruise, 
each  geometry  change  contributing  about  half  of  the 
total  range  enhancement. 

In  order  to  reduce  drag  and  give  a  stable  air  flow,  the 
intake  will  be  covered  during  aircraft  carriage  and  also 
possibly  during  the  boost  phase.  If  an  intake  cover 
could  be  designed  which  is  not  completely  removed  at 
the  end  of  boost  but  is  released  at  the  top  of  climb  it 
would  provide  a  method  of  increasing  the  capture  area. 
There  are  likely  to  be  penalties  on  the  intake  pressure 
recovery  with  this  arrangement  but,  whatever  variable 
geometry  method  is  used,  there  will  inevitably  be  an 
increase  in  the  missile  drag  and  possibly  some  loss  of 
lift.  Figure  4  shows  the  effect  on  range  of  increases  in 
the  vehicle  drag  coefficient  (the  same  percentage 
increase  has  been  assumed  for  all  phases  of  the  flight). 
Virtually  all  the  range  improvement  from  a  30%  increase 
of  capture  area  would  be  lost  if  there  was  an  attendant 
4%  rise  in  drag. 

It  will  be  very  difficult  to  avoid  some  drag  increase  with 
a  variable  geometry  arrangement  and  there  may  also  be  a 
detrimental  effect  on  the  vehicle  lift  characteristics. 
Moreover  the  possible  need  to  incorporate  stealth 
features  into  the  shape  of  the  intake  will  make 
variability  a  more  difficult  design  problem.  While  these 
adverse  effects  cannot  readily  be  quantified,  it  is  clear 
that  the  small  potential  benefit  make  the  variable 
geometry  intake  rather  an  unattractive  development 
target  unless  a  narrow  launch  envelope  can  be 
tolerated. 

3.4  Effect  of  variable  geometry  nozzle 

If  the  throat  area  of  the  ramjet  nozzle  is  reduced,  fuel 
consumption  drops  and  hence  a  range  increase  obtained. 
The  explanation  and  limitations  of  this  trade-off  are 
very  similar  to  the  reasons  for  the  performance  gains 
from  intake  variability.  Choking  conditions  in  the 
nozzle  throat  fix  the  value  of  the  flow  function  and, 
since  the  air  flow  is  determined  by  the  intake  capture 
area,  any  reduction  in  throat  area  must  be  accompanied 
by  an  increase  in  chamber  pressure  P4.  The  higher 
upstream  total  pressure  gives  an  increase  in  the  nozzle 
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exit  Mach  number  so  that  T4  can  be  a  lower  value  and 
still  give  the  same  exit  gas  velocity.  This  means  that 
less  fuel  is  needed  to  produce  the  same  amount  of 
thrust. 

If  the  throat  area  of  the  datum  vehicle  is  reduced  5%  at 
all  operating  conditions,  a  range  increase  of  6%  is 
obtained.  About  three-quarters  of  the  fuel  saving 
occurs  during  the  early  part  of  the  climb  and  the  intake 
is  on  its  pressure  margin  limit  up  to  an  altitude  of  about 
4000  m.  If  the  throat  area  is  further  reduced,  the 
pressure  limit  extends  to  a  higher  altitude  and 
insufficient  thrust  can  be  generated  to  sustain  the 
climb.  The  reasons  for  this  performance  shortfall 
are  exactly  the  same  as  those  which  occur  when  the 
intake  capture  area  is  increased.  If  the  missile  has  to 
be  capable  of  a  low  Mach  number  launch  very  little 
change  in  the  nozzle  throat  area  is  possible,  again 
because  of  the  need  to  have  sufficient  thrust  to 
accelerate  after  the  boost  phase. 

When  the  nozzle  throat  area  is  closed  5%  the  pressure 
margin  during  cruise  is  still  quite  large  (about  22%). 
Hence  a  variable  throat  offers  the  possibility  of  reducing 
the  cruise  fuel  flow  with  a  consequent  increase  of  range. 
Figure  5  shows  the  results  obtained  from  trajectory 
calculations  where  the  datum  throat  area  is  maintained 
up  to  the  top  of  the  climb  and  then  closed  by  varying 
amounts  for  the  rest  of  the  flight.  With  a  20%  throat 
area  reduction  the  cruise  pressure  margin  is  down  to 
about  8%  and  a  10%  increase  in  range  is  obtained.  If  the 
throat  is  further  closed,  the  intake  reaches  its  pressure 
margin  limit  and  the  cruise  Mach  number  cannot  be 
sustained. 

The  computer  code  for  the  trajectory  calculations  allows 
for  performance  losses  in  the  ramjet  nozzle  by  applying 
a  vacuum  thrust  efficiency.  For  the  datum  vehicle,  a 
typical  nozzle  efficiency  of  0.97  has  been  applied  and  at 
cruise  conditions  this  corresponds  to  a  thrust  coefficient 
of  0.96.  A  variable  nozzle  may  well  be  less  efficient, 
and  Figure  5  accordingly  shows  the  effects  of  reducing 
nozzle  efficiency  by  2%  and  4%.  It  is  seen  that  the  latter 
loss  would  more  than  wipe  out  the  benefit  to  be  gained 
from  throat  area  reduction. 

The  design  of  a  variable  area  nozzle  throat  is  a  very 
difficult  problem  due  to  the  limited  space  availab.-,  the 
high  local  temperatures  and  the  need  to  minimize  flow 
passage  irregularities.  One  possible  arrangement  using 
four  circular  inserts  is  illustrated  on  Figure  6.  The 
inserts  would  be  located  between  the  rear  control  fins 
and  could  be  spring  loaded  to  drive  them  into  their 
cruise  location.  As  indicated,  there  could  be  a  portion 
on  the  upstream  side  of  each  insert  which  bums  away 
when  it  enters  the  gas  stream,  the  aim  being  to  smooth 
the  contracting  passage  area  variation.  Unfortunately  it 
is  not  possible  to  do  any  similar  blending  on  the 
downstream  side  and  the  flow  pattern  in  the  whole  throat 
region  will  be  very  complex.  There  is  likely  to  be  local 
over  expansion  around  the  inserts  and  shockwave 
terminations  will  produce  pressure  losses  which  will  add 
to  the  basic  turbulence  and  flow  mixing  penalties.  It  is 
unlikely  that  any  computational  methods  will  be  able  to 
model  such  a  very  mixed  flow  and  experimental  work 
would  be  needed  to  quantify  the  resulting  efficiency 
loss.  It  should  be  pointed  out  that  the  inserts  as 
sketched  on  Figure  6  give  a  geometric  throat  area 
reduction  of  20%.  With  the  non-axial  nature  of  the  flow 
as  it  contracts  to  the  throat,  it  Is  likely  that 
significantly  smaller  inserts  would  give  the  required  20% 
reduction  in  effective  passage  area.  Such  a  size  change 
would  obviously  lessen  the  efficiency  penalty  but  again 
this  conclusion  can  only  be  quantified  by  an 
experimental  investigation. 


Nevertheless  it  is  not  unreasonable  to  assume  that  the 
loss  could  be  kept  to  less  than  2%,  so  that  a  5%  to  10% 
improvement  in  missile  range  would  be  achievable. 
Further  gains  are  possible  if  a  narrow  high  Mach  number 
launch  envelope  is  acceptable. 

4.  AIR-TO-AIR  MISSILE  PERFORMANCE 

The  ducted  rocket  air-to-air  missile  considered  in  this 
paper  is  assumed  to  have  a  length  and  diameter  similar 
to  existing  advanced  6VR  missiles.  The  basic  missile 
arrangement  is  shown  in  figure  7.  Following  launch,  the 
missile  is  accelerated  to  a  Mach  number  at  which  the 
ramjet  can  operate,  by  means  of  a  nozzleless  boost  motor 
which  is  cast  into  the  main  ramjet  combustion  chamber. 
The  boost  motor  bums  out  after  2.2  seconds  and 
transition  to  ramjet  sustain  motor  power  then  occurs. 
The  main  combustor  is  supplied  with  air  via  a  pair  of  two 
dimensional  intakes  offset  at  90  degrees  relative  to  one 
another.  The  primary  gas  generator  produces  fuel  rich 
exhaust  gas  combustion  products  from  a  hydrocarbon 
based  solid  fuel  and  the  rate  at  which  these  gases  are 
supplied  to  the  main  combustor  is  controlled  by  a  valve 
with  a  variable  flow  area.  The  boost  propellent  and 
sustain  propellant  charges  represent  22%  and  11%  of  the 
missile  launch  mass  respectively. 

The  missile  is  guided  towards  a  target  using  a  lofted 
form  of  proportional  navigation.  The  trajectory  followed 
by  the  missile  depends  upon  the  degree  of  lofting  that  is 
commanded  and  the  relative  positions  of  the  launch  and 
target  aircraft.  The  impact  of  variations  in  both  are 
examined  in  this  paper,  but  most  of  the  calculations  are 
based  on  a  datum  case  where  the  target  and  launch 
aircraft  are  both  flying  at  an  altitude  of  6000  m. 

4.1  Launch  characteristics 

As  with  the  stand-off  missile,  to  determine  the 
performance  required  of  the  boost  motor  it  is 
necessary  to  establish  the  minimum  operating  Mach 
number  of  the  ramjet  and  the  most  arduous  launch 
condition  that  is  envisaged  for  the  missile.  The 

preferred  boost  motor  size  will  generally  be  the  smallest 
that  is  capable  of  meeting  both  these  requirements, 
thereby  providing  the  maximum  amount  of  sustain  motor 
fuel  possible  for  a  given  propulsion  system  weight. 

The  launch  envelope  that  is  specified  for  a  missile  will 
depend  upon  the  relative  importance  to  the  operator  of 
operational  flexibility  in  the  launch  phase  and  missile 
capability  against  targets  flying  at  extreme  ranges  or 
altitudes.  For  the  purposes  of  this  study  it  has  been 
assumed  that  the  missile  should  be  capable  of  being 
launched  at  a  minimum  Mach  number  of  0.5  at  sea  level, 
thereby  placing  the  greater  emphasis  on  the  former 
requirement.  This  fixes  the  lower  boundary  of  the 
launch  envelope,  but  given  the  choice,  the  missile  would 
normally  be  launched  at  a  higher  altitude  and  Mach 
number  for  optimum  range  performance. 

With  a  fixed  booster  motor  bum  duration,  the  Mach 
number  at  which  transition  to  ramjet  power  occurs  will 
vary  according  to  the  launch  condition.  The  transition 
Mach  number  must  always  be  high  enough  to  ensure 
positive  acceleration  of  the  missile  in  the  airbreathing 
mode.  The  lower  boundary  is  defined  as  that  providing 
an  initial  minimum  acceleration  of  0.5  g. 

After  the  transition  from  boost  motor  power  to  ramjet 
propulsion  the  fuel  flow  rate  stabilises  at  its  maximum 
value  until  the  commanded  cruise  Mach  number  is 
approached.  The  resultant  axial  acceleration  forces 
applied  to  the  missile  0.5  seconds  after  transition  are 
plotted  in  Figure  8  against  transition  Mach  number  for 


fuel  flow  rates  of  2.9%,  4.3%  and  5.7%  of  sustain 
propellant  launch  mass  per  second.  The  performance  of 
the  propulsion  system  is  dependent  not  only  on  the  fuel 
flow  rate  but  also  on  the  characteristics  of  the  fuel  rich 
solid  propellant  used  in  the  gas  generator.  A  fuel  with 
a  calorific  value  of  34500  MJ/m3  is  assumed  for  this 
missile  giving  a  sea  level  specific  impulse  of  650  s  for 
the  installed  propulsion  system.  At  a  launch  altitude  of 
6000  m  the  required  acceleration  rate  of  0.5  g  in  level 
flight  is  achieved  at  a  transition  Mach  number  of 
between  1.85  and  1.9  for  all  three  fuel  flow  rates 
examined.  However,  at  sea  level  there  is  a  much 
stronger  dependence  on  fuel  flow  rate.  Sustained  ramjet 
powered  flight  is  impossible  at  this  altitude  with  the 
lower  fuel  flow  rate,  but  the  required  acceleration  is 
possible  with  the  higher  fuel  flow  rates  and  is  achieved 
at  slightly  lower  transition  Mach  numbers  than  at 
altitude.  At  high  transition  Mach  numbers  the 

acceleration  rate  falls  off  as  the  ultimate  cruise  Mach 
number  for  the  given  fuel  flow  rate  is  approached. 
Some  deterioration  in  performance  is  to  be  expected  if 
the  missile  is  required  to  climb  during  the  transition 
phase,  but  the  minimum  acceleration  margin  specified  for 
level  flight  adequately  caters  for  this  effect. 

From  the  data  presented  in  the  figure  it  is  apparent  that 
the  higher  airframe  drag  at  sea  level  makes  this 
condition  critical  for  the  selection  of  the  maximum 
required  fuel  flow  rate.  Since  there  is  little  advantage 
in  selecting  a  value  that  is  higher  than  necessary,  a 
maximum  rate  of  4.3%  of  sustain  propellant  launch  mass 
per  second  appears  to  be  close  to  optimum  for 
the  datum  missile.  The  minimum  transition  Mach 
numbers  that  must  be  achieved  by  the  boost  motor  are 
therefore  1.8  and  1.85  a.  sea  level  and  6000m 
respectively. 

Figure  9  shows  how  transition  Mach  number  varies  with 
booster  propellant  mass  for  various  different  launch 
Mach  numbers  at  sea  level  and  at  6000  m.  Boost  motor 
thrust  is  held  constant  and  therefore  the  bum  duration 
is  allowed  to  vary.  The  sea  level  condition  again 
represents  the  more  difficult  design  target  due  to  the 
higher  airframe  drag  levels.  At  this  altitude  the 
required  launch  and  end  of  boost  Mach  numbers  of  0.5 
and  1.8  respectively  can  be  achieved  with  a  boost 
propellent  charge  sized  at  22%  of  the  missile  launch 
weight.  If  the  minimum  launch  requirement  is  relaxed  to 
a  Mach  number  of  0.7  at  sea  level  then  this  datum  boost 
charge  can  be  decreased  by  12%,  whilst  an  increase  in 
the  propellent  of  a  similar  magnitude  would  be  required 
if  a  launch  capability  at  a  Mach  number  of  0.3  were 
required.  At  6000  m  altitude  and  using  the  datum  boost 
charge  the  minimum  launch  Mach  number  is  0.3.  This 
boost  motor  therefore  gives  a  generous  launch  envelope 
at  altitude,  and  a  10-15%  reduction  in  the  size  of  the 
component  would  be  feasible  if  the  low  level  launch 
requirements  were  relaxed  (eg  by  raising  the  minimum 
launch  Mach  No  to  0.7). 

Although  the  missile  may  be  capable  of  being  launched 
from  low  Mach  number  conditions  it  is  desirable  to 
achieve  the  highest  launch  Mach  number  possible  since 
this  increases  the  range  of  the  missile  and  decreases  its 
time  of  flight  to  a  target.  Figure  10  gives  an  example  of 
the  variation  in  range  that  can  be  achieved  by  a  missile 
following  a  typical  lofted  trajectory  for  different  launch 
conditions.  For  comparison  the  range  of  a  non-lofted 
missile  is  also  shown  and  it  is  evident  that  the  lofting 
leads  to  a  greater  sensitivity  to  the  launch  Mach 
number. 

4.2  Steady  state  ramjet  performance 

Since  the  ducted  rocket  missile  would  normally  be 
programmed  to  follow  a  lofted  trajectory  towards  its 
target,  for  range  and  seeker  performance  reasons, 
level  steady  state  flight  would  rarely  be  achieved. 
But  examining  the  performance  of  the  ramjet  under  these 


conditions  is  helpful  in  providing  a  guide  to  the  Mach 
number  and  altitude  combinations  that  can  be  achieved. 
Figure  11  shows  the  fuel  flow  rates  and  turndown  ratios 
required  to  sustain  the  datum  missile  in  steady,  level 
flight,  plotted  against  Mach  number  for  different 
altitudes.  Contours  of  constant  fuel-air  ratio  are  also 
shown.  The  figure  indicates  the  need  to  reduce  the  fuel 
flow  rate  as  altitude  is  increased,  in  order  to  control 
the  missile  to  an  acceptable  Mach  number.  Although  the 
propulsion  system  may  be  capable  of  being  designed  for 
operation  at  a  Mach  number  approaching  a  value  of  4.0, 
in  practice  the  missile  must  be  limited  to  lower  speeds  in 
order  to  provide  a  radome  stagnation  temperature  that  is 
no  greater  than  about  800K.  Beyond  this  temperature 
the  structural  integrity  of  conventional  radar  seekers 
may  be  jeopardised  due  to  the  ablation  of  the  radome, 
and  thermal  background  noise  can  affect  the  seeker 
performance. 

With  a  constant  fuel  flow  rate  of  4.3%  of  total  fuel  mass 
per  second,  the  maximum  Mach  number  in  level  flight  at 
sea  level  is  2.5,  increasing  to  3.5  at  an  altitude  of 
5000  m,  at  which  point  aerodynamic  heating  effects 
would  have  a  detrimental  impact  on  the  seeker. 
Sustained  flight  at  significantly  higher  altitudes  would 
not  be  possible.  Variable  control  over  the  fuel  flow 
rates  permits  operation  over  a  wider  range  of  altitudes 
and  Mach  numbers.  For  instance  a  turn  down  ratio  of  5 
(max/min  fuel  flow  =  5)  would  enable  the  missile  to  fly  at 
15000  m  altitude  at  a  Mach  number  of  3.3,  but  sustained 
flight  at  altitudes  of  20000  m  or  greater  would  not  be 
possible.  Increasing  the  turn  down  ratio  to  a  value  of 
10  would  permit  flight  at  20000  m  at  a  Mach  number  of 
3.4.  Brief  excursions  to  higher  altitudes  might  also  be 
feasible  since  the  limited  acceleration  rate  and  effect  of 
missile  manoeuvring  would  tend  to  reduce  the  Mach 
numbers  achieved  in  an  actual  flight  from  the  steady 
state  values  presented  here.  These  tum  down  ratios 
are  based  on  a  maximum  fuel  flow  rate  sized  for 
operation  at  sea  level.  If  a  minimum  launch  altitude  of 
5000  m  was  accepted  then  the  maximum  fuel  flow  rate 
could  be  reduced  by  about  30%  and  a  tum  down  ratio  of 
7.5  would  still  allow  flight  beyond  20000  m. 

Figure  11  also  shows  how  the  combustor  fuel-air  ratio  - 
(and  hence  cycle  tempera  hire)  is  influenced  by  the 
flight  altitude  and  Mach  number.  The  values  presented 
are  well  below  the  stoichiometric  fuel  air  ratio  of  0.14, 
which  would  be  encountered  during  a  maximum  fuel  flow 
rate  acceleration  from  a  low  transition  Mach  number. 
The  minimum  cruise  fuel-air  ratio  of  just  below  0.06 
would  occur  at  a  Mach  number  of  2.5  at  the  tropopause 
(Alt  =  11500  m).  Below  this  Mach  number,  the  ramjet 
cycle  becomes  very  inefficient  because  of  the  low  ram 
pressure  rise  and  low  intake  flow.  Above  Mach  2.5, 
while  the  cycle  efficiency  continues  to  improve,  the 
thrust  requirement  due  to  the  greater  drag,  increases 
faster  and  a  higher  fuel-air  ratio  is  needed  to 
compensate.  If  the  missile  was  taken  to  the  radome 
temperature  limit,  which  corresponds  to  Mach  3.7  at  this 
altitude,  a  fuel-air  ratio  of  0.075  would  be  required. 
The  fuel-air  ratio  also  rises  rapidly  as  the  missile 
approaches  the  altitude  ceiling  which  lies  just  beyond 
25000  m  due  to  the  low  air  density.  At  these  high 
altitudes  operation  at  the  lower  Mach  number  may  be 
Impossible  due  to  combustion  stability  problems 
associated  with  low  combustion  pressures. 

In  selecting  the  optimum  altitude  and  Mach  number  at 
which  the  ramjet  should  operate,  the  relative  importance 
of  a  low  time  of  flight  for  the  missile  versus  fuel 
conservation  needs  to  be  considered.  Figure  12  shows 
the  impact  of  the  flight  condition  on  the  fuel 
consumption  per  kilometer  of  missile  flight.  It  is  evident 
that  whilst  there  is  some  benefit  in  the  ultimate  range 
that  can  be  obtained  by  optimising  the  cruise  Mach 
number,  by  far  the  greatest  advantage  is  achieved  by 
flying  as  high  as  possible. 


4.3  Missile  flight  performance 

In  an  air-to-air  combat  the  propulsion  system  design  and 
the  chosen  flight  trajectory  will  have  an  impact  on  the 
achievable  missile  range,  the  time  of  flight  and  the 
terminal  flight  dynamics.  These  criteria,  in  conjunction 
with  the  missile  guidance  system  and  warhead 
performance  will  determine  the  kill  probability  of  the 
missile  for  any  particular  engagement. 


A  high  degree  of  lofting  is  shown  to  produce  great 
benefits  in  the  potential  launch  range  of  the  missile, 
particularly  in  conjunction  with  a  higher  turn  down  ratio 
capability  and  a  head  on  launch  aspect.  The  high  loft 
guidance  command  enables  the  missile  to  climb  more 
rapidly  to  efficient  cruise  altitudes  and  generally 
increases  the  maximum  altitude  attained  since  the 
commanded  altitude  of  25000  m  is  only  reached  by  the 
longest  range  flights. 


In  simple  flyout  and  intercept  simulations  with  both 
launch  and  target  aircraft  flying  at  6000  m  and  0.9  Mach 
number  it  has  been  found  that  whilst  a  commanded 
cruise  Mach  number  of  3.5  gives  a  good  performance 
from  a  head  on  launch  aspect,  tail  chase  performance  at 
longer  ranges  is  enhanced  by  the  adoption  of  a 
commanded  Mach  number  of  3.0  thereby  reducing  the 
rate  of  fuel  consumption  for  greater  endurance.  In 
order  to  maximise  the  range  of  the  missile  a  lofted 
trajectory  is  desirable,  but  the  degree  of  lofting  used 
may  have  a  bearing  on  the  kill  probability  of  the  missile 
at  intercept.  At  the  longest  launch  ranges  the  missile 
can  attain  dive  angles  of  60°  when  the  missile  is  lofted  to 
a  high  altitude.  However,  the  preferred  terminal 
elevation  angle  maybe  strongly  influenced  by  the  radar 
cross  section  characteristics  of  the  target  aircraft. 
Many  current  aircraft  designs  present  strong  signatures 
at  low  angles,  particularly  if  the  engine  intakes  or 
nozzles  are  visible,  whilst  newer  stealth  aircraft  may 
have  a  low  frontal  signature,  but  be  more  visible  when 
viewed  from  above.  Other  considerations  influencing 
the  terminal  elevation  include  the  target  doppler 
response,  the  effectiveness  of  aircraft  jamming 
countermeasures,  and  the  engagement  terminal 
dynamics. 

The  optimum  missile  trajectory  is  therefore  not  clear  and 
may  change  according  to  the  nature  of  the  engagement 
or  the  target.  The  effects  on  range  of  three  alternative 
lofting  assumptions  will  be  considered  here.  These 
consist  of  a  high  loft  and  a  low  loft  both  with  a 
commanded  altitude  of  25000  m  and  a  climb  pitch  up  g  of 
5.0  and  3.0  respectively.  The  third  trajectory  has  zero 
lift  (level  flight)  at  6000  m  altitude.  An  example  of  the 
flight  trajectory  and  fuel  flow  for  an  intermediate  range 
is  plotted  on  Figure  13. 

The  maximum  launch  ranges  of  the  missile  for 
flights  with  target  impact  occurring  firstly  under  ramjet 
power  at  a  Mach  number  of  3.0  and  secondly  unpowered 
with  a  coast  phase  to  a  terminal  Mach  number  of  2.0  are 
presented  in  the  following  table.  Note  that  these  are 
not  the  fly-out  ranges,  but  the  distance  to  the  target  at 
the  moment  of  missile  launch. 


Maximum  Launch  Ranges  (km) 

Tum  down 

10.0 

7.5 

5.0 

1.0 

ratio 

Powered/ 

P 

U 

P 

U 

P 

U 

P 

u 

Unpowered 

Intercept 

Head  on 

Launch  range 
High  loft 

100 

220 

95 

200 

80 

180 

31 

71 

Low  loft 

50 

80 

50 

80 

50 

80 

32 

56 

No  loft 

41 

51 

41 

51 

41 

51 

32 

48 

Tail  chase 

Launch  range 
High  loft 

31 

82 

31 

73 

31 

63 

17 

32 

Low  loft 

23 

30 

23 

30 

23 

30 

17 

28 

No  loft 

21 

_ 

26 

21 

26 

[26 

l" 

25 

Note:  P  =  Powered  intercept,  terminal  Mach  No  =  3.0 

U  =  Unpxiwered  intercept,  terminal  Mach  No  = 

2.0 

The  fuel  flow  rate  of  the  missile  is  initially  set  to  the 
maximum  but  it  is  progressively  cut  back,  firstly  as  the 
required  cruise  Mach  number  is  approached  and  then  as 
the  missile  climbs  to  higher  altitudes  where  the  lower 
airframe  drag  permits  reduced  thrust  levels.  If  a 
powered  approach  to  the  target  is  required  then  the  fuel 
flow  rate  increases  again  as  the  operating  altitude  of  the 
missile  falls  as  shown  in  Figure  13.  At  longer  launch 
ranges  than  that  shown  in  the  figure,  the  terminal  phase 
may  be  unpowered  and  therefore  the  missile  is  able  to 
consume  much  of  the  remaining  fuel  at  relatively  high 
altitudes,  thereby  gaining  a  significant  range 
advantage.  The  missile  then  dives  towards  the  target, 
taking  advantage  of  a  steep  flight  path  to  maintain  its 
high  kinetic  energy  level  to  counter  any  target  evasive 
manoeuvring. 

The  influence  of  the  assumed  level  of  turn  down  ratio  on 
the  missile  flight  is  shown  in  Figure  14  for  a  head  on 
high  loft  engagement  with  a  launch  range  of  100  km. 
The  first  missile  with  a  turn  down  ratio  of  one  has  a 
fixed  flow  rate  gas  generator  with  a  choked  nozzle  (ie 
the  bum  rate  is  independent  of  the  main  combustion 
chamber  pressure).  TTus  missile  achieves  a  very  high 
thrust  level  in  an  early  stage  of  flight,  giving  it  a 
peak  Mach  number  of  4.1.  This  is  beyond  both  the 
commanded  value  of  3.0  and  the  radome  limit.  However, 
the  missile  runs  out  of  fuel  well  before  the  target  is 
reached  and  it  therefore  has  a  low  terminal  velocity. 
Introducing  a  variable  area  gas  generator  nozzle  to  give 
a  turn  down  ratio  of  5  enables  the  missile  to  achieve  a 
much  longer  powered  flight  phase  although  some 
overspeed  does  occur  at  high  altitudes  and  the  missile 
runs  out  of  fuel  during  the  dive.  The  highest  turn 
down  ratio  of  10  results  in  a  trajectory  that  is  powered 
almost  to  missile  impact,  thereby  increasing  the  terminal 
Mach  number  as  indicated  in  Figure  14.  During  these 
long  range  high  loft  engagements  the  missile  attains  an 
altitude  of  20000  m  or  more,  but  for  other  shorter  range 
trajectories  the  peak  altitude  may  not  exceed  15000  m 
and  the  minimum  demanded  fuel  flow  rate  for  a  Mach 
number  of  3.0  can  be  met  with  a  reduced  turn  down 
ratio  of  5  or  less.  The  importance  of  achieving  higher 
turn  down  ratios  is  therefore  dependent  on  the 
trajectory  that  is  to  be  flown.  A  turn  down  ratio 
approaching  10  maybe  an  important  design  requirement 
in  order  to  prevent  overspeed  if  the  missile  must  be 
capable  of  sea  level  launch  and  also  be  able  to  fly  at 
altitudes  above  25000  m  (eg  against  high  altitude  or  long 
range  targets)  or  if  dives  at  very  steep  angles  under 
power  are  required.  A  relatively  small  relaxation  in 
these  requirements  could  reduce  the  turn  down  ratio  to 
nearer  5. 

If  flights  of  100  km  or  more  are  of  secondary  importance 
because  of  long  range  targeting  limitations,  the  ramjet 
may  still  provide  a  significant  advantage  over  a  rocket 
powered  missile  for  engagements  with  a  launch  range  of 
50  km  or  less.  At  such  ranges  the  latter  missile  is  likely 
to  be  unpowered  in  the  terminal  flight  phase  and  any 
high  g  manoeuvring  that  is  required  to  track  an  evading 
target  aircraft  will  result  in  a  rapid  loss  of  velocity.  On 
the  other  hand  at  these  ranges  the  ramjet  will  still  be 
under  power  and  will  be  able  to  increase  the  thrust  from 
its  sustain  motor  in  order  to  compensate  for  high 
manoeuvre  drag  levels.  However,  for  these  shorter 
range  engagements  against  targets  flying  at  medium 
altitudes  highly  lofted  trajectories  are  not  necessary  and 
the  high  turn  down  ratio  capability  will  not  be  fully 
utilised. 


5-7 


Another  advantage  of  the  ramjet  is  that  its  variable 
thrust  level  would  give  some  scope  for  an  'intelligent' 
guidance  system  to  be  used  to  vary  the  flight  guidance 
commands  dependent  on  the  target  launch  range,  by 
adopting  a  throttled  back  very  high  altitude  approach  to 
a  target  at  extreme  ranges,  whilst  a  very  high  Mach 
number,  low  loft  trajectory  could  be  employed  against 
shorter  range  adversaries  that  are  well  within  the 
launch  success  zone. 

4.4  Effect  of  variations  on  boost/sustain  fuel  ratio 

The  datum  missile  discussed  in  this  paper  has  boost 
motor  and  gas  generator  fuel  masses  in  the  proportion  of 
2:1.  The  following  table  shows  the  effects  on  missile 
range  and  time  of  flight  of  changing  the  ratio  to  provide 
boost  motors  10%  bigger  and  smaller  than  the  datum, 
within  the  same  power  plant  volume  (ie  gas  generator 
changes  are  20%  smaller  and  bigger,  respectively). 


-10% 

Datum 

+10% 

Boost/sustain  mass 

1.50 

2.00 

2.75 

Boost  propellant  (%  launch  wt) 

19.8 

22.0 

24.2 

Sustain  propellant  (%  launch  wt) 

13.2 

11.0 

8.8 

10  km  launch  range 

Time  of  flight  (s) 

9.9 

9.6 

9.4 

Terminal  Mach  number 

2.78 

2.85 

2.89 

Fuel  remaining  (%)f 

88.6 

72.6 

56.0 

25  km  launch  range 

Time  of  flight  (s) 

22.4 

22.0 

21.8 

Terminal  Mach  number 

2.97 

2.97 

2.97 

Fuel  remaining  (%)$ 

53.1 

39.4 

23.4 

75  km  launch  range 

Time  of  flight  (s) 

66.1 

66.4 

70.0 

Terminal  Mach  number 

2.76 

2.10 

1.43 

Fuel  remaining  (%)f 

0.0 

0.0 

0.0 

f  Relative  to  datum  sustain  fuel  mass  at  launch 

The  boost  motor  provides  a  much  greater  thrust  than 
the  sustain  motor  but  at  lower  specific  impulse. 
Therefore,  the  missile  with  the  10%  bigger  boost  motor 
has  an  average  velocity  that  is  2.5%  greater  for  a  10  km 
launch  range,  reducing  to  a  1.5%  advantage  at  25  km, 
whilst  at  the  longest  launch  range  it  has  the  lowest 
average  velocity  because  sustain  fuel  exhaustion  occurs 
relatively  early  in  the  flight  and  the  missile  coasts  to  the 
target  with  a  terminal  Mach  number  of  only  1.43. 
Increasing  the  size  of  the  boost  motor  would  therefore 
seem  to  be  unattractive  since  it  produces  only  a  very 
marginal  time  of  flight  benefit  at  the  shortest  launch 
ranges  and  its  long  range  performance  is  significantly 
worse. 

As  discussed  in  section  4.1,  reducing  booster  motor  size 
by  10%  has  a  detrimental  impact  on  the  launch  envelope, 
increasing  the  minimum  Mach  number  to  0.65  at  sea 
level.  However  the  previous  table  shews  there  is  little 
or  no  loss  in  intercept  performance  at  altitude.  The 
missile  average  velocity  is  reduced  by  4%  at  10  km 
launch  range  and  2.5%  at  25  km  due  to  the  lower  initial 
acceleration  rates.  At  longer  ranges  the  performance  is 
actually  enhanced.  Thus  at  75  km  range  the  terminal 
Mach  numbeT  is  as  high  as  2.76  as  the  missile  has  only 
just  exhausted  its  sustain  motor  fuel  supply.  These 
results  show  that  reducing  the  size  of  the  boost  motor  in 
order  to  increase  gas  generator  size  has  considerable 
attraction  when  "long  reach”  is  required,  although  some 
relaxation  in  minimum  launch  requirements  must  be 
accepted. 


4.5  Propellant  performance  improvements 

The  datum  missile  has  been  assumed  to  have  current 
state-of-art  propellants  for  both  booster  and  gas 
generator.  Propellant  research  may  be  able  to  achieve 
improvements  in  propellant  performance  which  may  be 
exploited  either  for  further  increases  in  range  or  for 
reductions  in  missile  size.  As  with  the  stand  off  missile, 
the  impact  of  potential  improvements  to  the  ramjet  fuel 
have  been  examined. 

Enhanced  performance  of  the  ducted  rocket  gas 
generator  may  be  achievable  through  the  introduction  of 
advanced  high  performance  fuels  such  as  boron  based 
propellants  similar  to  the  slurries  mentioned  in  section 
3.2.  Figure  15  shows  the  effects  of  using  an  advanced 
gas  generator  fuel  of  this  type,  assumed  to  offer  an 
increase  in  volumetric  heat  release  of  30%  (comprising  of 
a  10%  gain  in  lower  calorific  value  and  a  20%  increase  in 
density).  The  reduction  in  the  fuel-air  ratio  that  can  be 
achieved  with  the  advanced  fuel  is  evident  when  a 
comparison  is  made  with  the  datum  performance  shown  in 
Figure  11.  The  maximum  fuel  flow  rate  is  determined  by 
the  requirement  to  provide  the  same  0.5  g  acceleration 
at  a  transition  Mach  number  of  1.80  as  the  datum 
missile.  A  reduction  in  the  maximum  fuel  flow  rate  of 
13%  provides  the  same  transition  performance  as  the 
datum  missile.  The  lower  fuel  flow  rates  and  increased 
density  of  this  advanced  fuel  give  large  increases  in 
range  since,  following  the  initial  climb  phase,  a  greater 
proportion  of  the  fuel  is  available  for  high  altitude 
flight.  A  sample  of  the  ranges  that  may  be  achieved  by 
a  missile  using  this  high  energy  sustain  fuel  is  indicated 
in  the  following  table. 


Maximum  Launch  Ranges  (km) 

Advanced  Fuel 

Datum  Fuel 

Powered/ 

Unpowered 

Intercept 

■ 

U 

■ 

U 

Head  on 

Launch  range 

Low  loft 

146 

190 

50 

80 

No  loft 

54 

64 

41 

51 

Tail  chase 

Launch  range 

Low  loft 

34 

44 

23 

30 

No  loft 

28 

33 

21 

26 

Note:  P  =  Powered  intercept,  terminal  Mach  No  =  3.0 

U  =  Unpowered  intercept,  terminal  Mach  No  =  Z0 

Turn  Down  Ratio  = 

10 

The  ultimate  range  potential  of  this  missile  is  probably 
well  beyond  the  capabilities  of  near  term  targeting  and 
seeker  developments,  but  the  missile  is  able  to  reach 
targets  at  much  longer  ranges  than  the  datum  missile 
with  ramjet  power  on,  with  resultant  benefits  against 
aircraft  adopting  evasive  manoeuvres. 


5.  CONCLUSIONS 

The  possible  future  development  route  for  ramjet 
powered  missiles  has  been  investigated  using  a 
trajectory  simulation  program  which  includes  a 
one-dimensional  engine  model.  Typical  stand-off  md 
air-to-air  missiles  have  been  conceived  for  the  study 
and  areas  for  potential  performance  improvements  have 
been  explored. 


The  conclusions  for  the  stand-off  missile  are  as 

follows:- 

i  A  range  improvement  of  up  to  9%  could  be 
obtained  by  reducing  the  size  of  the  boost  motor 
but  the  missile  would  then  be  limited  to  high  Mach 
number  launch  conditions. 

ii  High  density  fuels  offer  the  possibility  of  a 
significant  increase  in  range  or  duration  of 
powered  flight.  For  the  datum  vehicle  considered 
in  this  study,  a  44%  range  enhancement  could  be 
gained  if  a  70%  boron  slurry  was  used  for  the 
sustain  fuel.  However,  the  missile  will  then  be 
easier  to  detect  and  problems  with  the  fuel  system 
and  long  term  storage  have  to  be  overcome. 

iii  Performance  improvements  from  intake 
variability  do  not  seem  very  attractive  because  the 
potential  gains  are  small  and  it  will  be  difficult  to 
engineer,  particularly  if  stealth  requirements  have 
also  to  be  considered. 

iv  If  the  nozzle  throat  area  is  closed  20%  at  the 
top  of  climb,  a  range  enhancement  of  10%  is 
obtained  and  this  improvement  is  even  higher  if 
only  high  Mach  number  launches  are  specified.  A 
method  of  varying  the  nozzle  throat  area  by  using 
four  inserts  is  presented  but  it  was  not  possible  to 
predict  the  efficiency  loss  incurred.  All  the  range 
enhancement  would  be  lost  if  the  variable  geometry 
produced  about  a  4%  worsening  of  the  nozzle 
efficiency. 

The  conclusions  for  the  air-to-air  missile  are:- 

i  The  datum  missile  has  a  boost  motor  sized  to 
permit  sea  level  launch  at  a  Mach  number  of  0.5. 
A  10%  reduction  in  the  size  of  this  component 
would  significantly  improve  the  long  range 
performance  of  the  missile  but  the  minimum  launch 
Mach  number  would  be  raised  to  0.65,  or  the 
minimum  launch  altitude  would  rise  to  6000  m. 


il  The  achievable  range  is  very  dependent  on  the 
launch  Mach  number.  Increasing  the  actual  launch 
Mach  number  from  0.5  to  0.9  gives  30%  range 
improvement  with  a  medium  loft  trajectory. 

iii  The  maximum  Mach  number  of  the  missile  is 
governed  by  the  temperature  limitations  of  the  seeker 
whilst  the  minimum  Mach  number  is  determined  by 
the  need  to  ensure  an  adequate  ramjet  cycle 
pressure  ratio.  A  commanded  Mach  No  of  3.0 
provides  a  good  overall  level  of  performance  for 
both  head-on  and  tail -chase  engagements. 

iv  The  range  of  the  missile  may  be  optimised  by 
adopting  a  lofted  flight  trajectory  with  a  cruise 
altitude  of  20000  m  or  greater.  Significant  further 
increases  in  range  are  possible  if  the  missile  is  able  to 
descend  to  its  target  unpowered.  However,  long 
range  highly  lofted  trajectories  lead  to  high  terminal 
dive  angles,  which  could  introduce  greater  homing 
difficulties  against  some  targets. 

v  A  turn  down  ratio  of  10  is  required  for  extended 
duration  flight  at  altitudes  from  sea  level  to  beyond 
20000  m  to  prevent  overspeed.  If  the  minimum 
altitude  is  raised  to  5000  m  a  turn  down  ratio  of 
7.5  is  adequate,  whilst  a  value  of  only  5.0  will 
suffice  if  the  flight  envelope  lies  between  sea  level 
and  15000  m. 

vi  The  use  of  a  high  density,  high  performance  gas 
generator  propellant  could  enable  head  on  launch 
ranges  to  be  increased  by  30%  with  level  flight,  rising 
to  a  range  extension  of  over  100%  for  some  lofted 
trajectories. 
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Figure  3  Boost  Motor  Volume  vs.  Transition  Mach  No. 
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Figure  10  Range  vs.  Launch  Mach  No. 


Figure  1 1  Steady  State  Performance  -  Datum  Fuel 


Figure  12  Steady  State  Maximum  Endurance 
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Discussion 

Question  from  A.  CHEVALIER.  AEROSPATTAI F. 

What  is  the  value  of  the  combustion  efficiency  of  a  boron  loading  of  70  %  ? 


Author's  reply 

During  the  high  altitude  cruise  phase  of  the  stand-off  missiles  flight,  the 
combustion  efficiency  when  operating  with  a  70  %  boron  slurry  was  assumed  to  be  87  %.  This 
value  can  be  compared  with  the  93  %  efficiency  wich  was  applied  for  the  flight  of  the  datum 
missile  using  RJ6  as  its  sustain  fuel. 


Question  from  M.  KAUFMANN 

Is  the  temperature  limit  of  800°K  based  on  test  results  ? 


Author’s  reply 

The  temperature  limit  of  800K  was  based  on  flight  simulations  for  this  type  of 
air-to-air  missile.  A  stagnation  temperature  of  up  to  1200K  might  be  acceptable  when  there  is 
only  a  short  period  of  very  high  speed  flight  and  the  radome  area  is  relatively  small. 
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DEVELOPMENT  TESTING  OF  THROTTLEABLE  DUCTED  ROCKETS 


by 

Hans-Ludwig  Besser 
Messerschmitt-BOlkow-Blohm  GmbH 
Postfach80  11  69,  8000  Mtlnchen  80 


SUMMARY 

Throttleability,  being  a  current  requirement  for  modem  air- 
breathing  missile  propulsion  systems,  adds  considerable 
complexity  to  the  development  of  ducted  rockets.  Problems 
are  especially  inherent  in  the  development  of 

-  pressure  sensitive  propellants 

-  hot  gas  valves  (especially  for  particle  laden  flow) 

-  ramcombusiors  featuring  high  performance  over  widely 
varying  operating  conditions. 

The  use  of  propellant  ingredients  with  high  heating  value  but 
unfavourable  combustion  characteristics,  like  boron,  is  an  ad¬ 
ditional  challenge  in  the  development  of  high  energy  ducted 
rocket  systems. 

Extensive  testing  and  a  well  conceived  test  philosophy  are 
needed  to  achieve  satisfactory  development  results. 

MBB,  together  with  its  subsidiary  Bayem-Chemie,  has  been 
engaged  in  the  field  of  throttleable  ducted  rockets  for  more 
than  a  decade.  This  paper  summarizes  test  procedures  which 
have  been  established  to  address  the  strongly  interrelated  de¬ 
velopment  problems  and  presents  examples  of  test  results  de¬ 
rived  from  the  development  of  a  ducted  rocket  engine  for  a 
supersonic  antiship  missile. 

LIST  OF  SYMBOLS 
A  area 

d  diameter 

F  thrust 

r|  efficiency 

X.  1/equivalence  ratio,  h=  (rn^/rhfi»j)/(m,i/rhfo0i),micll 

m  mass  flow 

M  mach  number 

p  pressure 

t  time 

T  temperature 

v  velocity 

v  acceleration 

Subcripts 
s  set  value 


Abbreviations 

d/c  direct  connect 

fj  freejet 

1.  INTRODUCTION 

Solid  Propellant  Cue  ted  Rockets  (SDR)  have  been  under  in¬ 
vestigation  since  the  1950's.  Several  SDR  engines  were  flight 
tested,  while  only  one  system  reached  operational  status  in 
the  SAM  6  "Gainful"  antiaircraft  missile  deployed  by  the 
USSR  in  the  late  1960's.  All  of  these  SDR-systems  had  no 
active  fuel  flow  control,  which  means  that  they  either  had  a 
fixed  fuel  flow  or  a  predetermined  fuel  flow  profile  by  using 
staged  propellant  grains  with  different  bum  rates.  A  system, 
which  couples  gasgenerator  and  ramcombustor  pressure  by 
subcritical  gasgenerator  flow  (like  the  French  "Statoreactor 
Rustique")  has  a  limited  autothrottling  capability  depending 
on  the  pressure  exponent  of  the  propellant  and  the  ramcom¬ 
bustor  pressure  range.  This  allows  a  limited  adaptation  of  the 
engine  thrust  to  flight  altitude  and  velocity,  but  does  not  pro¬ 
vide  active  thrust  control  to  allow  acceleration  or  manoeu¬ 
vring  at  constant  speed  from  drag/thrust  balanced  flight  con¬ 
ditions. 

Active  control  is  a  feature  of  the  throttleable  SDR  that  makes 
it  a  promising  candidate  for  tactical  missile  propulsion. 
Throttleable  ducted  rocket  technology  has  been  under  devel¬ 
opment  in  Europe  and  the  US  since  the  1970‘s.  MBB  together 
with  its  subsidiary  Bayern  Chemie  (both  are  currently  part  of 
the  Deutsche  Aerospace)  have  performed  a  predevelopment 
of  a  throttleable  SDR  using  a  high  energy  boron  propellant 
The  engine  having  a  diameter  of  3S0  mm  was  a  candidate  for 
application  in  the  French-German  supersonic  antiship  missile 
ANS.  The  predevelopment  was  concluded  in  1987  by  a  direct 
connect  performance  demonstration  and  semi-freejet 
boost/sustain  transition  tests,  both  done  with  flightweight  en¬ 
gine  hardware.  Work  on  this  technology  is  continuing,  and 
currently  concentrates  on  throttleable  SDR  systems  of  small 
diameter  (S  200  mm),  mainly  for  air/air  or  air/ground  appli¬ 
cations. 

An  overview  of  the  experience  gained  in  approximately  20 
years  of  work  in  the  field  of  fixed  flow  and  throttleable  duct¬ 
ed  rockets  using  boron  propellants  was  given  in  [1).  A  test 
philosophy,  established  to  address  adequately  the  complex 
and  interrelated  development  problems  of  a  throttleable  SDR, 
is  an  important  part  of  this  experience. 

In  the  following  text,  test  procedures  for  the  different  phases 
of  the  development  of  a  throttleable  SDR  will  be  outlined  and 
illustrated  by  examples  from  MBB's  technology  and  develop¬ 
ment  work  in  this  field. 


o 


free  stream 


2.  TESTING  PHILOSOPHY  FOR  THE 
THROTTLEABLE  DUCTED  ROCKET 

Testing  is  a  major  cost  driver  in  development  Testing  ex¬ 
penses  depend  on  numerous  factors.  Among  the  most  impor¬ 
tant  are: 

-  test  setup  being  on  component-,  subsystem-  or  system- 
level 

-  scale  and  type  of  the  hardware  involved  (e.g.  experi¬ 
mental  or  flightweight  hardware) 

-  propellant  mass  used  for  the  test. 

It  appears  desirable  to  perform  a  great  portion  of  develop¬ 
ment  testing  on  component  level,  with  subscale  or  simplified 
hardware  and  with  short  bum-times.  On  the  other  hand,  func¬ 
tion,  interaction  and  compatibility  of  all  components  have  to 
be  proven  in  a  test  setup  of  adequate  similarity  to  the  authen¬ 
tic  engine  as  early  as  possible.  A  sound  tradeoff  has  to  be 
made  between  reduced  testing  expense  and  the  risk  of  dis¬ 
covering  serious  technical  problems  in  a  late  development 
phase,  where  any  need  for  a  substantial  redesign  endangers  a 
program  in  terms  of  time  schedule  and  funding.  An  adequate 
test  philosophy  has  to  anticipate  where  testing  on  a  subsys¬ 
tem  level,  or  with  hardware  of  greater  refinement,  is  inevita¬ 
ble  already  in  an  early  development  phase. 

All  important  components  of  a  throttleable  ducted  rocket  are 
indicated  in  the  schematic  drawing  of  Fig.  1.  The  air  delivery 
system  consists  of  the  air-intakes,  the  subsonic  air  ducts  and 
the  bends  at  the  ramcombustoi  dump  station.  The  air  ducts 
are  closed  by  port  covers  during  operation  of  the  integrated 
booster.  The  sketch  shows  a  four  inlet  side  dump  configura¬ 
tion,  which  is  frequently  used  in  modem  missile  systems. 

The  fuel  feeding  system  consists  of  the  gasgenerator  case,  the 
propellant  grain  and  the  control-valve.  The  oxygen  deficient 
propellant  produces  fuel  rich  primary  combustion  products. 

In  modem  systems,  the  propellant  is  frequently  metallized  to 
obtain  a  high  volumetric  heating  value.  The  grain  frequently 
has  an  end  burning  configuration  as  shown  in  the  sketch.  The 
control  valve  incorporates  the  adjustable  gasgenerator  throat 
and  the  fuel  injectors.  The  ramcombustor  forms  the  case  for 
the  integrated  booster,  and  therefore  does  not  contain  internal 


installations  (like  flameholders).  The  ramjet  nozzle  may 
house  an  ejectable  or  consumable  coaxial  nozzle  for  the  inte¬ 
grated  booster,  unless  the  system  uses  a  nozzleless  booster. 
Both  gasgenerator-and  ramcombustor -cases  need  a  thermal 
protection  system  which  usually  is  based  on  ablative  materi¬ 
als.  More  details  on  SDR  systems  are  given  in  [2]. 

Fig.  2, 3  and  4  give  a  general  impression  of  a  development 
testing  logic  for  a  throttleable  ducted  rocket.  Of  course, 
modifications  will  occur  for  each  program,  depending  on  the 
detailed  engine  configuration  and  the  technological  status  of 
the  components  to  be  integrated.  The  illustration  of  the  test¬ 
ing  scheme  is  subdivided  into  three  parts,  where 

Fig.  2  illustrates  the  general  ground  testing  proce¬ 

dures  for  the  integrated  SDR-propulsion  sys¬ 
tem 


Fig.  3  and  4  present  a  more  detailed  testing  logic  for  the 
development  of  the  throttleable  ducted  rocket 
being  the  key  subsystem 


Fia.  2  Development  Testing  Logic  -  Integrated  SDR 
Propulsion  System 


All  components  and  subsystems,  as  indicated  by  the  shaded 
boxes  in  Fig.  2,  can  be  developed  in  parallel  for  a  long  peri¬ 
od,  provided  that  interfaces  can  be  clearly  specified  at  the  be¬ 
ginning  of  the  hardware  development.  The  main  development 
testing  steps  are  indicated  for  the  air  intakes,  the  port  covers 
and  the  integrated  booster.  The  box  Throttleable  Ducted 
Rocket'  refers  to  Fig.  3  and  4.  The  air  intakes  and  the  com¬ 
bustor  system  of  the  throttleable  ducted  rocket  are  combined 
for  freejet  or  semi-freejet  testing.  Also,  integrated  testing  of 
the  port  covers  should  be  perform _d  at  this  development 
stage  to  prepare  for  the  transition  tests.  Transition  testing,  in¬ 
cluding  integrated  booster  operation,  booster  nozzle  separa¬ 
tion  (if  applicable),  port  cover  opening,  gasgenerator  and  af¬ 
terburner  ignition  followed  by  a  full  or  part  time  cruise  oper¬ 
ation,  may  be  performed  in  direct  connect-  or  (semi)  freejet- 
testing.  Freejet  testing  and  transition  testing  are  most  fre¬ 
quently  performed  with  flightweight  hardware.  These  steps 
then  lead  over  to  flight  testing. 

The  testing  logic  shown  in  Fig.  3  corresponds  to  a  phase 
which  may  be  called  Basic  Development’.  This  is  the  phase 
where  technology  for  the  propulsion  system  is  to  be  estab¬ 
lished.  This  technology  is  usually  directed  to  a  specific  appli¬ 
cation.  Most  programs,  however,  which  were  funded  in  the 
past,  were  restricted  to  this  basic  development  phase  and  did 
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not  proceed  to  advanced  development,  flight  testing  or  an  op¬ 
erational  system.  Nevertheless,  sound  and  comprehensive 
work  in  the  basic  development  phase  is  the  key  to  success  in 
subsequent  development  phases.  The  biggest  portion  of  test¬ 
ing  during  the  development  of  a  throttleable  SDR  is  accumu¬ 
lated  in  this  phase.  Test  expenses,  however,  are  kept  within 
limits  due  to  the  fact  that  testing  in  this  phase  is  done  in  sub¬ 
scale  (although  not  recommendable  for  systems  with  a  full- 
size  diameter  below  200  mm)  and/or  experimental  (heavy¬ 
weight)  hardware,  and  mostly  with  reduced  bum  times. 


Fio.  3  Development  Testing  Logic  - 

Throttleable  Solid  Propellant  Ducted  Rocket , 
Phase  I  -  Basic  Development 

Obtaining  a  propellant,  which  has  reached  a  certain  level  of 
technical  maturity  is  a  prerequisite  for  the  development  of  the 
control  valve  and  the  ramcombustor.  Basic  screening  of  a 
propellant  formulation  is  usually  done  by  testing  in  ballistic 
motors  (e.  g.  2  x  4  inch  tube/end  burners).  This  has  to  be  fol¬ 
lowed  by  fixed  throat  gasgeneralor  firings,  which  give  more 
reliable  information  about  the  burning  behaviour  of  a  propel¬ 
lant  within  the  operational  pressure  range.  These  static  gas- 
generator  firings,  usually  done  in  subscale,  may  also  be  used 
to  investigate  the  compatibility  of  the  propellant  and  gasgen- 
erator  throat  configurations  corresponding  to  an  anticipated 
control  valve  design. 

The  subsequent  testing  phase  covers  the  optimization  of  a 
control  valve  concept  (hardware  design  as  well  as  controller 
software)  and  a  ramcombustor  geometry.  Testing  may  remain 
in  subscale  hardware,  but  there  is  a  need  for  increased  burn¬ 
ing  times  for  the  investigation  of  the  control  valve.  Geometri¬ 
cal  variability  is  the  main  requirement  for  the  design  of  the 
test  hardware,  which  consequently  is  not  inexpensive. 

Control  valve  development  with  variable  flow  gasgenerator 
firings,  and  ramcombustor  optimization  with  fixed  flow  di¬ 
rect  connect  tests,  can  be  done  independently,  thus  facilitat¬ 
ing  the  testing  procedures.  During  this  parallel  development, 
the  fuel  injector  interface  between  the  two  subsystems  has  to 
be  carefully  considered.  It  does  not  appear  reasonable  to 
combine  the  control  valve  and  the  ramcombustor  in  subscale 
testing,  because  the  control  valve  hardware  usually  is  a  seg¬ 


ment  or  a  simplified  version  of  the  fullscale  design  rather 
than  a  subscale  duplicate. 

The  last  testing  phase  of  basic  development  is  done  with  full- 
scale  hardware.  The  hardware,  however,  is  still  the  experi¬ 
mental  type  of  design  to  allow  sufficient  variability.  The  opti¬ 
mization  process  for  the  control  valve  and  the  ramcombustor 
is  verified  and  refined  during  this  testing  phase.  As  soon  as 
function  and  satisfactory  performance  of  both  subsystems 
have  been  demonstrated  in  separate  testing,  they  can  be  com¬ 
bined  in  variable  flow  direct  connect  tests.  These  tests  feature 
significantly  increased  complexity  and  cost,  especially  for  the 
so  called  hardware  in  the  loop  flight  simulation'  which  will 
be  explained  in  detail  in  section  3.3. 

Furthermore,  during  this  testing  phase,  a  special  gasgenerator 
or  grain  design  (determined  by  a  preliminary  missile  design), 
the  thermal  protection  of  the  gasgeneralor  and  ramcombustor, 
and  the  ramcombustor  thrust  nozzle  may  be  introduced  into 
the  test  program.  The  problems  inherent  in  those  components 
can  be  adressed  adequately  only  with  fullscale  hardware  and 
sufficiently  extended  bum  times. 

The  development  problems  associated  with  function  and  per¬ 
formance  of  the  propellant,  the  control  valve  and  the  ram¬ 
combustor  are  strongly  interrelated.  Fig.  3  illustrates  this  in¬ 
terrelationship.  As  a  consequence,  basic  development  of 
these  components  or  subsystems  turns  out  to  be  an  iterative 
process.  It  is  desirable  but  not  always  attainable  to  perform 
most  of  these  iterations  during  the  subscale  testing  phase. 


Fia.  4  Development  Testing  Logic  - 

Throttleable  Solid  Propellant  Ducted  Rocket, 
Phase  II  -  Advanced  Development 

Fig.  4  refers  to  an  advanced  development  phase  which  occurs 
when  a  program  proceeds  from  technology  accumulation  to¬ 
wards  the  realization  of  an  operational  propulsion  system. 
Now,  the  criteria  for  optimized  design  of  subsystems  and 
components,  having  been  established  in  basic  development, 
need  to  be  applied  to  flightweight  hardware.  Usually,  a  lot  of 
compromises  have  to  be  made  between  optimum  geometries 
and  hardware  weight,  producibility  and  cost.  Consequently, 
the  fullscale  testing  of  the  basic  development  phase  has  to  be 
repeated  with  the  flightweight  hardware  to  investigate  the  re¬ 
sulting  effects  on  function  and  performance.  Except  for  the 
verification  of  ramcombustor  performance  in  fixed  flow  di¬ 
rect  connect  tests,  major  portions  of  testing  in  this  phase  need 
to  be  done  with  full  bum  time  (i.  e.  full  prcpellant  mass)  of 
the  system.  If  the  test  facility  allows  a  close  simulation  of  the 
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flight  trajectories  required  by  a  mission,  the  variable  flow  di¬ 
rect  connect  testing  in  this  phase  can  be  considered  a  sound 
proof  of  the  feasibility  and  performance  of  a  subsequent  fly¬ 
ing  system. 

Expenses  for  testing,  and  possibly  required  hardware  modifi¬ 
cations,  are  significantly  increased  during  this  phase.  Unfor¬ 
tunately,  problems  inherent  in  large  propellant  grains  and  the 
endurance  of  lightweight  components  and  thermal  protection 
systems  are  not  fully  explored  until  this  late  stage  in  develop¬ 
ment.  In  the  worst  case,  iterative  development  steps  induced 
by  these  problems  may  lead  back  to  the  technological  devel¬ 
opment  of  phase  I. 


Fia.  5  Interrelated  Development  Problems 


3.  SELECTED  TESTING  MILESTONES 

This  section  will  illustrate  several  steps  of  the  development 
testing  logic  explained  above.  Within  the  scope  of  this  paper, 
of  course,  only  some  highlights  can  be  presented  of  a  process 
which  usually  lasts  close  to  a  decade  and  includes  hundreds 
of  tests.  The  examples  of  hardware  and  test  results  given  in 
the  following  are  mostly  taken  from  the  development  work 
for  the  engine  of  an  antiship  missile  (i.  e.  ANS  and  its  prede¬ 
cessors).  This  means  that  we  are  dealing  with  a  development 
characterized  by  the  following  requirements  : 

-  volumetric  heating  value  of  the  propellant  =  60  MJ/dm3 
(AP/PB  formulation  with  about  40  %  boron  content) 

-  turn  down  ratio  =1:4 


3.1  Basic  Development  -  .Subscale  Testing 


One  of  the  earliest  steps  in  the  development  of  a  throttleable 
ducted  rocket  is  the  investigation  of  propellants  by  Fixed 


Throat  Gasgenerator  Firings. 


These  tests  can  be  used  to  characterize 


-  burning  behaviour  of  the  propellant  at  different  pressures 


-  pressure  exponent 

expulsion  efficiency  (i.  c.  residues  in  the  gasgcncrator 
after  burnout) 


-  depositing  behaviour  (referring  to  an  undesirable  varia¬ 
tion  of  the  gasgenerator  throat) 


Fiq.  6  Fixed  Throat  Gasgenerator  Firing 

The  photograph  of  Fig.  6  shows  a  fixed  throat  firing  with  half 
the  diameter  of  the  real  engine  ( i.  e.  25  percent  of  the  cigaret 
burner  cross  section).  The  gasgenerator  exhausts  into  a  sim¬ 
ple  tube,  where  fuel  rich  afterburning  occurs  with  entrained 
air,  if  the  primary  combustion  products  are  of  sufficiently 
high  temperature.  This  may  provide  preliminary  indications 
about  autoignition  and  afterburning  characteristics.  Mainly, 
however,  this  is  done  to  reduce  air  pollution. 


Fia.  7  Depositing  Characteristics  Determined  By 
Propellant  Formulation  And  Gasgenerator 
Throat  Configuration  [1] 


Expulsion  efficiency  data  obtained  from  these  tests  allow  a 
grading  of  different  propellant  formulations.  However,  they 
cannot  be  used  reliably  to  infer  the  expulsion  efficiency 
full  size  grain,  where  the  characteristic  length  of  the  gasgene- 
rator  and  the  operational  pressure  profile  are  additional  im¬ 
portant  parameters. 

Results  concerning  depositing  are  more  reliable,  if  instead  of 
a  simple  nozzle,  a  gasgcnerator  throat  geometry  is  used 
which  simulates  a  possible  control  valve  configuration.  Fig.  7 
shows  pressure  traces  of  fixed  throat  gasgenerator  firings  ob¬ 
tained  with  propellant  formulations  having  different  deposi¬ 
ting  characteristics.  Formulation  A,  having  unfavourable  de¬ 
positing  characteristics  produces  a  smooth  pressure  trace 
when  tested  with  a  throat  geometry  simulating  a  disk-valve. 

Testing  with  a  needle  valve  geometry  led  to  the  blow  off 
of  the  safety  valve  after  a  rapid  progression  of  the  internal 
pressure.  A  second  formulation  B,  having  only  moderate  de¬ 
positing  tendencies,  appears  to  be  compatible  with  the  needle 
valve  geometry  at  least  for  limited  bum  times. 

After  the  screening  of  feasible  throat  configurations,  and  hav¬ 
ing  obtained  some  feedback  on  ramcombustor  performance 
with  a  suitable  fuel  injection  geometry,  conceptual  control 
valve  designs  can  be  made.  Resulting  hardware  has  to  under¬ 
go  functional  testing  by  performing  cold  gas  flowchecks  (air) 
and  Gasgenerator/Control  Valve  Firings.  The  same  tests  may 
be  used  to  develop  or  prove  controller  software. 

Subscale  hardware  allows  testing  with  propellant  grains  of 
reduced  size.  On  the  other  hand,  a  scaled  down  control-valve 
design  poses  problems  concerning 

-  producibility  of  the  hardware 

-  increased  susceptibility  to  depositing 

-  adverse  influence  on  the  formation  of  gasgenerator  resi¬ 
dues. 


Fiq.  8  Fullscale  Interstage  Design  With  Control  Valve 
And  Fuel  Injection 

These  problems  may  be  overcome,  if  it  is  possible  to  test  a 
representative  segment  of  a  fullscale  design.  This  was  done 
in  the  ANS -development,  where  the  valve  design  featured 
two  rotary  sliders  controlling  four  gasgenerator  exit  ports  at 
the  upstream  end  of  straight  blast  tubes.  Preliminary  testing 
of  this  design,  illustrated  by  fig.  8,  used  hardware  with  one 
fullscale  slider  controlling  two  throats.  The  photograph  of 


fig.  9  shows  the  gasgenerator  aft  closure  with  the  control  ele¬ 
ment  (A  safety  valve  is  also  shown  on  the  bottom  of  the  clo¬ 
sure). 


Fig.  9  Gasgenerator  Aft  Closure  With  Control  Valve 
For  Subscale  Testing 


Fig.  10  presents  the  test  setup  with 

-  the  subscale  gasgenerator  (50  %  of  fullscale  grain  burn¬ 
ing  surface) 

-  the  hydraulic  actuator  below  the  blast  tubes 

-  the  blast  tubes  exhausting  into  two  downstream  vessels. 

The  downstream  vessels  exhaust  through  choked  nozzles  and 
allow  an  evaluation  of  the  massfiow.  Massflow  evaluation 
provides  important  diagnostics  of  the  control  valve  function 
and  should  be  considered  essential.  If  there  arc  several  blast 
tubes,  evaluation  of  individual  massflows  is  highly  desirable. 


Fio.  10  Test  Setup  For  Subscale  Gasgenerator/Con- 
trol  Valve  Firing 

Parallel  to  the  control  valve  investigation,  the  basic  optimiza¬ 
tion  of  the  ramcombustor  is  carried  on  by  Fixed  Flow  Direct 
Connect  Tests. 

These  tests  should  use  a  'parametric  hardware',  which  allows 
a  variety  of  geometrical  modifications.  Fig.  1 1  presents  a 
sketch  of  parametric  ramcombustor  hardware  used  in  the 
SDR-jwedevelopment  for  ANS.  The  chamber  diameter  is 
240  mm  (50  %  of  the  cross  section  of  the  fullscale  system). 
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Fig.  1 1  Subscale  Parametric  Hardware  For  Direct 
Connect  Tests 

The  gasgenerator,  featuring  a  variable  length  gTain,  exhausts 
through  a  single  choked  nozzle.  Primary  combustion  prod¬ 
ucts  are  led  through  a  blast  tube  to  a  distributor  chamber.  The 
aft  closure  of  this  chamber  is  exchangeable  to  incorporate 
different  injector  configurations.  A  staged  air  injection  is  re¬ 
quired  to  bum  boron  efficiently  at  fuel  lean  conditions.  To 
optimize  the  important  parameters,  the  hardware  allowed 

-  an  independent  adjustment  of  primary  and  secondary  air 
flow  by  choked  nozzles  at  the  upstream  end  of  the  air 
ducts 

-  an  independent  adjustment  of  the  primary  and  secon¬ 
dary  air  injection  velocities  by  exchangeable  inserts  for 
the  inlet  ports 

-  a  variation  of  chamber  length  upstream  of  the  primary 
air  injection,  between  the  air  injection  stations,  and  of 
total  chamber  length 

-  a  variation  of  the  ramcombustor  Mach  number  by  ex¬ 
changeable  thrust  nozzles. 

Fig.  12  shows  a  photograph  of  the  parametric  engine  on  the 
test  stand. 


Fig.  12  Direct  Connect  Test  Setup  -  Subscale  Engine 


Here,  the  gasgenerator  is  installed  in  a  vertical  position, 
which  facilitates  handling.  This  setup  was  used  only  in  an 
early  part  of  the  test  activities. 

This  type  of  engine  allows  a  precise  differentiation  of  the  pa¬ 
rameters  influencing  combustion  efficiency.  However,  when 
optimum  configurations  are  developed  from  testing  with  this 
type  of  hardware,  several  reservations  have  to  be  made: 

-  In  an  operational  engine,  airflow  partitioning  and  air  in¬ 
jection  velocities  are  not  independent  parameters  and 
both  have  a  major  influence  on  total  pressure  loss. 

-  Air  injection  conditions  are  less  'well  defined'  in  an  op¬ 
erational  engine,  since  the  air  ducts  sit  close  to  the  ram¬ 
combustor  and  induce  narrow  bends  at  the  inlet  ports. 

-  The  realization  of  optimized  fuel  injector  configurations 
is  restricted  by  the  control  valve  interface. 

-  A  fuel  injector  configuration  showing  promising  results 
in  a  parametric  engine  as  shown  above,  may  act  sub¬ 
stantially  different  when  coupled  with  a  variable  gas¬ 
generator  throat. 

Nevertheless,  testing  with  parametric  hardware  provides  a 
sound  understanding  of  the  relative  importance  of  parameters 
determining  ramcombustors  performance.  This  technological 
basis  is  a  precondition  for  finding  adequate  solutions  in  the 
subsequent  development  steps. 

3-2  Bade  Development  -  Futlscale  Testing 

As  soon  as  propellant,  control  valve,  controller  software,  and 
ramcombustor  configuration  have  reached  a  sufficient  matur¬ 
ity,  testing  can  progress  to  fullscale  hardware. 

The  setup  for  fullscale  Gasgenerator/Control  Valve  Tests  re¬ 
sembles  that  of  the  subscale  development  phase.  The  trials, 
however  get  more  severe,  especially  with  increased  burning 
times  and  give  more  reliable  information  about  the  formation 
of  deposits  and  residues  and  the  endurance  of  the  compo¬ 
nents.  Furthermore,  fullscale  control  valve  hardware  may  un¬ 
cover  problems  concerning  for  example 

-  increased  actuation  loads/torque  needed  to  adjust  the 
control  element(s) 

-  clearances  of  a  gear  actuating  several  control  elements 

-  tolerances  in  the  assembly  of  several  control  elements 
affecting  the  min./max.  throat  area. 

These  can  lead  to  impaired  adjustment  accuracy  and  dynam¬ 
ic  behaviour  of  the  valve,  and  to  marginal  control  loop  stabil¬ 
ity.  The  torque  requirement  has  to  be  adapted  to  be  compati¬ 
ble  with  the  performance  of  an  actuator  which  can  be  inte¬ 
grated  into  a  subsequent  flightweight  design. 

Many  such  problems  had  to  be  solved  on  the  way  to  an  opti¬ 
mized  control  valve  for  ANS.  Fig.  13  shows  the  resulting  de¬ 
sign  with  two  rotary  sliders  throttling  four  gasgenerator  outlet 
ports.  The  circular  control  edges  of  the  sliders  have  a  smooth 
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nozzle  contour  and  exhibit  a  low  susceptibility  to  deposits. 


Fig.  13  Optimized  Control  Valve  Configuration  [3] 
Typical  tasks  for  the  fullscale  Direct  Connect  Testing  are 


-  to  define  the  ramcombustor  configuration  for  a  subse¬ 
quent  flightweight  design 

-  to  evaluate  a  preliminary  performance  envelope  of  the 
propulsion  system  under  consideration 

-  to  investigate  ramcombustor  -  control  valve  interaction 

-  to  investigate  ramcombustor  thermal  protection. 

The  first  two  items  are  usually  performed  in  a  fixed  flow 
configuration  with  bum  times  below  30  seconds.  The  last 
item  as  well  as  the  third  need  more  extended  bum  limes  and 
are  frequently  combined  in  variable  flow  tests. 


Fiq.  14  Fullscale  Parametric  Hardware  For  Direct 
Connect  Tests 

Fig.  14  presents  a  sketch  of  the  test  hardware  used  in  the 
ANS  program  for  this  development  step.  The  design  is  closer 
to  an  operational  engine  than  the  subscale  predecessor,  but 
still  offers  some  variability.  Main  features  of  the  design  are: 

-  The  gasgenerator  aft  closure  incorporates  four  blast 
tubes  with  fixed  throats  at  the  upstream  end  which  can 
be  replaced  by  the  control  valve. 

-  The  ramcombustor  dome  has  a  fixed  configuration. 


-  Total  chamber  length  and  distance  between  the  air  in¬ 
jection  stations  can  be  varied  by  exchanging  tube  seg¬ 
ments. 

-  Air  inlet  ports  can  be  varied  by  exchangeable  inserts  af¬ 
fecting  both  air  flow  partition  and  air  injection  veloci¬ 
ties. 

-  Primary  airflow  can  be,  measured  by  venturi-nozzles 
installed  in  the  upstream  part  of  the  primary  air  ducts. 

-  Choked  nozzles  can  be  installed  at  the  upstream  end  of 
the  four  air  ducts  to  simulate  the  acoustical  properties  of 
an  operational  design. 

-  The  thrust  nozzle  is  exchangeable,  mainly  to  apply  dif¬ 
ferent  materials  for  different  bum  times  and  to  test  di¬ 
vergent  nozzles. 

Fig.  IS  shows  the  fullscale  parametric  engine  integrated  on 
the  test  stand. 


Fia.  15  Direct  Connect  Test  Setup  -  Fullscale  Engine 

Since  subscale  hardware  docs  not  scale  length  (combustion 
processes  depend  on  residence  time),  the  fullscale  hardware 
has  a  reduced  1/d  ratio  (about  70%  for  the  ANS  hard¬ 
ware). Starting  from  subscale  optimization  results,  this  re¬ 
quires  refinement  of  the  air/fuel  injection  geometry. 


Fia.  16  Fixed  Flow  D/C  Test  Results  -  Fullscale  En¬ 
gine 
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Test  results  gained  during  this  phase  allow  a  more  realistic 
extrapolation  to  an  operational  system  with  one  reservation 
left: 

The  air  tum/dump  geometry  of  a  flightweight  design  may 
produce  a  less  optimum  flow  pattern  and  induce 

-  reduced  performance  (combustion  efficiency,  pressure 
loss) 

-  locally  increased  thermal  stress  and  erosion  on  the  ther¬ 
mal  protection  system. 

To  give  an  example  of  fixed  flow  d Jc  test  results,  fig.  16 
presents  a  plot  of  performance  data  gained  with  the  opti¬ 
mized  engine  for  max.  thrust  -  max.  fuel  flow  conditions. 

Fig.  17  shows  plotted  data  from  a  variable  flow  djc  test  using 
a  closed  loop  flight  trajectory  simulation  technique,  discussed 
in  the  next  section.  The  simulated  trajectory  was  a  dive  from 
altitude  flight  (6  km)  to  sea  level.  The  plot  on  top  of  fig.  17 
gives  the  simulated  values  of  altitude  and  range,  the  lower 
plots  show  the  traces  of  thrust  and  commanded  and  adjusted 
gasgenerator  pressure.  The  peak  in  gasgenerator  pressure  and 
thrust  between  30  and  40  sec  is  induced  by  the  pullup  ma¬ 
noeuvre  ending  the  dive. 
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Fia.  17  Results  Of  A  Variable  Flow  D/C  Test  With 

Flight  Trajectory  Simulation-  Fullscale  Engine 


3J  Advanced  Development  -  Fullscale  Testing 

In  the  advanced  development  phase,  a  flightweight  engine 
design  has  to  be  derived  from  the  configurations  optimized 
previously.  The  resulting  hardware  usually  features  no  geo¬ 
metrical  variability  and  is  modified  only  at  considerable  ex¬ 
pense.  The  need  for  modifications  however  is  inevitable  and 
therefore  it  should  be  considered  whether  hardware  simplifi¬ 
cation  without  compromising  the  authenticity  of  test  Tesults  is 
possible.  For  example,  high  quality  material  (eg.  high 
strength  steel)  and  sophisticated  manufacturing  procedures 
(e.g.  flow  forming)  need  not  be  applied,  if  a  ramcombustor 
case  will  be  used  only  for  afterburning  tests  at  moderate  pres¬ 
sure. 

Design  and  testing  of  flightweight  hardware  affect  each  other 
strongly.  The  design  must  provide  features  not  inherent  in  a 
real  flight  engine,  like 

-  attachments  to  the  test  bench,  to  support  the  engine  and 
to  react  engine  thrust,  or 

-  a  safety  valve  for  the  gasgenerator,  etc. 

Test  procedures  in  turn  have  to  accommodate  special  provi¬ 
sions  for  multiple  reuse  of  flightweight  components,  like 

-  comprehensive  hardware  inspections 

-  posttest  cooling  of  components  which  have  undergone 
an  aging  heat  treatment  as  last  manufacturing  step.  For 
example,  pyrolyzing  propellant  and  liner  residues  in  the 
gasgenerator  generate  heat  over  a  considerable  time  and 
can  well  overheat  a  structure  made  of  high  strength  (e.g. 
max  aging)  steel. 

The  setup  for  Gasgonerator/Control  Valve  Firings  corres¬ 
ponds  to  the  previous  testing  efforts.  Flightweight  gasgenera¬ 
tor  hardware  has  to  be  made  of  high  strength  material.  The 
control  valve  may  use  a  flight-type  actuator  or  remain  with 
an  experimental  actuation  unit,  depending  on  the  aims  and 
fundings  of  a  program. 

Debugging  of  the  control  valve  can  partly  be  made  with  re¬ 
duced  burning  times.  Here,  a  combination  of  the  flighttype 
control  valve  with  experimental  (heavywall)  gasgenerator 
hardware  is  recommendable. 

Tests  with  a  full  bum  time,  simulating  an  operational  pres¬ 
sure  profile,  are  finally  used  to  prove  the  correct  function  and 
endurance  of  the  control  valve,  gasgenerator  structure  and 
thermal  protection.  Fig.  !8  illustrates  this  type  of  testing.  The 
simulated  flight  trajectory  includes  a  climb  from  sea-level  to 
high  altitude,  high  altitude  cruising,  a  dive  back  to  sea  level 
and  a  final  manoeuvring  phase  with  maximum  thrust.  Fig.  18 
shows  traces  of  the  pressure  commanded  by  the  gasgenerator 
controller,  the  pressure  adjusted  by  the  valve  and  the  relative 
position  of  the  valve.  Nearly  the  entire  area  ratio  of  the  valve 
is  used  to  cover  the  required  pressure  range.  The  spikes  in  the 
pressure  and  valve  position  traces  occurring  between  60  and 
120  sec  correspond  to  a  commanded  'wiping'  motion  of  the 
valve  to  strip  off  deposits  and  preserve  the  maximum  throat 


area. 
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Fig.  18  Results  Of  A  Gasgenerator/Control  Valve 
Firing  -  Fullscale  Flightweight  Hardware, 
Full  BurnTime 


Direct  Connect  Testing  of  flightweight  hardware  is  the  most 
authentic  trial  for  cruise  phase  operation  which  can  be  per¬ 
formed  in  ground  testing. 

Fixed  flow  d/c  tests  with  reduced  bum  times  form  only  a  mi¬ 
nor  part  of  this  activity.  They  are  done  to  verify  performance 
figures,  and  to  prove  that  the  flightweight  design  has  suc¬ 
ceeded  in  keeping  close  to  optimized  configurations  deter¬ 
mined  in  the  preceding  development  steps.  If  successful,  the 
results  will  resemble  those  of  fig.  19,  which  were  gained  with 
the  ANS  flighttype  engine.  Combustion  efficiency  data  are 
given  along  with  the  equivalence  ratio  for  simulated  cruise 
flight  conditions  at  low  altitude. 
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stage  section  uses  an  experimental  hydraulic  actuator.  The 
ramcombustor  and  the  air  ducts  feature  a  flightweight  design, 
but  are  made  of  conventional  steel.  The  convergent/divergent 
thrust  nozzle  is  a  C/C  structure  with  SiC  antioxidizing-im- 
pregnation.  All  engine  sections  are  connected  by  key  locks. 


Fia.  20  Fullscale  Flighweight  Hardware  For  Variable 
Flow  Direct  Connect  Tests 


In  order  to  test  as  close  to  reality  as  possible,  MBB  has  de¬ 
veloped  a  procedure,  to  'fly'  an  engine  on  the  test  bench.  The 
so  called  Hardware  In  The  Loop  Flight  Simulation  [3]  needs 
some  explanation,  which  shall  be  done  referring  to  fig.  21. 

The  upper  half  of  fig.  21  represents  the  flight  parameters, 
while  the  lower  half  illustrates  the  flight  simulation  during 
ground  testing. 

During  flight,  engine  thrust  acts  against  inertia,  gravitation 
and  aerodynamic  forces  of  the  missile.  A  Machmeter  and  the 
Inertial  Navigation  System  (INS)  provide  measured  values  of 
Mach  number  and  acceleration  as  input  data  to  the  speed  con¬ 
trol  system  implemented  in  the  control  computer.  In  the  ex¬ 
ample  shown,  the  speed  controller  consists  of  a  Mach  number 
controller  and  a  cascade  controller  for  the  gasgenerator  pres¬ 
sure.  The  Mach  number  controller  adjusts  the  set  value  of 
gasgenerator  pressure  to  increase  or  reduce  thrust,  until  the 
Mach  number  required  by  the  specified  trajectory  is  reached. 
The  pressure  controller  adjusts  the  gasgenerator  pressure  by 
providing  set  values  for  the  throat  area  of  the  gasgenerator 
control  valve.  This  output  closes  the  loop  for  the  speed  con¬ 
trol. 

For  ground  testing,  the  algorithms  of  the  speed  control  code 
can  be  implemented  on  a  test  facility  computer. 


Fig.  19  Fixed  Flow  D/C  Test  Results  -  Fullscale  Flight- 
weight  Engine 

Variable  flow  d/c  tests  combine  all  components  of  the  cruise 
engine.  Conducted  with  full  bum  time,  they  demonstrate 
function,  endurance,  and  integrated  performance  of  the  sys¬ 
tem.  Fig.  20  shows  the  ANS  flightweight  engine  installed  on 
the  test  bench  for  a  variable  flow  d/c  test.  The  gasgenerator  is 
located  in  a  vessel  for  posttest  watercooling  to  prevent  the 
structure  (flow  formed  case,  maraging  steel)  from  damage. 
The  vertical  device  on  the  upper  side  of  the  gasgenerator  is 
the  safety  valve.  The  control  valve  incorporated  in  the  inter¬ 


Usually,  this  computer  also  controls  massflow  and  stagnation 
temperature  of  the  air  fed  into  the  engine  corresponding  to 
simulated  flight  conditions.  According  to  fig.  21,  this  features 
a  closed  loop  control  of  air  massflow  and  air  temperature.  Air 
heating  is  done  by  a  vitiator  using  gaseous  hydrogen  as  fuel. 
Make  up  oxygen  is  added  to  the  air  corresponding  to  the  vi¬ 
tiator  massflow  (not  shown  in  fig.  21).  Consequently,  the 
temperature  controller  includes  cascade  controllers  for  hydro¬ 
gen  and  oxygen  massflow. 

An  additional  code  for  the  simulation  of  missile  dynamics 
provides  the  missing  link  between  the  test  bench  and  the 
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Control  Valve 


Fig.  21  Hardware  In  The  Loop  Flight  Simulation 
speed  control  system.  By  determining 

-  measured  thrust 

-  currently  'simulated '  missile  mass  (calculated  from  a  set 
initial  mass  and  the  integrated  propellant  massflow) 

-  currently  'simulated'  flight  conditions  (altitude,  Mach 
number,  angle  of  incidence) 

the  coefficients  of  thrust  and  drag  and  a  'simulated'  accelera¬ 
tion  can  be  calculated.  A  first  integration  provides  velocity 
and  Mach  number  for  the  next  control  cycle.  A  second  inte¬ 
gration  provides  the  flight  path,  the  new  altitude  and  the  cov¬ 
ered  range  over  ground. 

Acceleration  and  Mach  number  are  fed  into  the  speed  con¬ 
troller  code  as  input  values  and  provide  the  basis  for  the  de¬ 
termination  of  set  values  for  the  test  facility  controllers  for  air 
massflow  and  air  temperature. 

Fig.  22  (as  well  as  fig.  16  of  section  3.2)  gives  another  exam¬ 
ple  of  test  results  gained  with  this  technique.  Here,  a  sea  level 
trajectory  was  simulated.  A  cruise  phase  at  some  initial  Mach 
number  was  followed  by  an  acceleration  phase  to  a  higher 
Mach  number  after  a  specified  range.  The  mission  ends  with 
a  max.  thrust  phase  for  terminal  manoeuvring.  From  top  to 
bottom,  fig.  22  presents  traces  of 

-  the  range  over  ground  at  the  specified  constant  altitude 

-  the  Mach  number 

-  the  acceleration  determined  by  the  simulation  of  missile 
dynamics 


-  set  value  p,  and  measured  value  pGH  of  the  gasgenerator 
pressure. 

After  a  short  initial  disturbance  caused  by  the  starting  se¬ 
quence  of  the  pressure  controller  at  gasgenerator  ignition,  the 
Mach  number  is  adjusted  correctly  to  the  set  initial  value. 

The  reduction  of  the  gasgenerator  pressure  at  30  sec  is  due  to 
an  increased  burning  surface  of  the  bottle  shaped  grain.  This 
also  causes  only  very  moderate  disturbances  in  the  traces  of 
acceleration  and  Mach  number.  At  the  end  of  the  acceleration 
phase,  the  Mach  number  control  is  deactivated  and  replaced 
by  a  set  value  adjuster,  which  produces  input  data  for  the 
pressure  controller  according  to  the  specified  manoeuvring. 

In  this  phase,  engine  thrust  did  not  completely  compensate 
for  the  drag  induced  by  the  simulated  manoeuvres,  which  re¬ 
sulted  in  a  moderate  decrease  in  Mach  number.  Set  and 
measured  values  of  the  gasgenerator  pressure  correspond 
very  well  for  the  complete  test.  The  oscillations  occuring  at 
the  beginning  of  the  max.  pressure  phase  are  induced  by 
problems  inherent  in  adjusting  a  very  small  throat  area  of  the 
control  valve  at  the  given  cycle  time  of  the  control  loop.  The 
pressure  controller  damps  the  oscillations  by  reducing  the 
gain  of  the  control  loop. 

3.4  Testing  Of  The  Integrated  SDR  Propulsion  System 

Freejet  testing  and  transition  testing  are  the  main  milestones 
in  ground  testing  of  the  integrated  SDR  propulsion  system. 

Usually,  windtunnel  facilities  of  sufficient  size  and  capability 
(pressure,  blow  time)  are  not  available  nor  affordable  to  per 
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Fia.  22  Results  Of  A  Variable  Flow  D/C  Test  With 

Flight  Trajectory  Simulation  -  Fullscale  Flight- 
weight  Engine 

form  freejet  testing  with  the  integrated  missile.  Consequent¬ 
ly,  semi-freejet  testing  is  applied,  which  can  be  done  on  the 
development  test  bench,  if  the  facility  features  sufficient  air¬ 
flow  capacity.  For  semi-freejet  testing,  each  intake  of  the 
propulsion  module  is  fed  by  an  individual  small  windtunnel 
nozzle,  designed  to  simulate  the  required  Mach  number.  This 
setup  is  shown  by  the  photograph  of  fig.  23. 


Semi-freejet  testing  does  not  allow  the  simulation  of 

-  the  influences  of  incidence  and  forebody 

-  varying  Mach  numbers  (which  would  require  variable 
geometries  for  the  windtunnel  nozzles) 

-  flight  conditions  at  higher  altitude  (which  would  require 
an  ejector  device  enclosing  the  test  setup). 

Thrust  cannot  be  measured  accurately  from  semi-freejet  test¬ 
ing.  Therefore  it  must  be  determined  using  the  ramcombustor 
total  pressure. 

Semi-freejet  testing  of  the  integrated  sustainer  propulsion 
system  with  reduced  bum  times  is  an  appropriate  tool  to  in- 
vec-'  ’ate  interactions  of  ramcombustor  and  air  intakes  and 
the  engine  startup  at  takeover  from  the  boost  phase. 

Testing  of  the  transition  phase  from  boost  to  sustain  opera¬ 
tion  may  be  done  either  in  a  semi-freejet  or  d/c  setup.  Both 
options  offer  advantages  and  disadvantages  : 

-  Semi-freejet  transition  testing  provides  a  simulation 
which  is  very  near  to  flight  conditions.  Interactions  of 
air  intake  start,  booster  tailoff,  booster  propellant  slivers 
and  ramcombustor  ignition  are  closely  reproduced.  On 
the  other  hand,  a  subsequent  cruise  operation  with  full 
bum  time  is  not  feasible,  if  the  mission  includes  vari¬ 
able  flight  conditions. 

-  For  d/c  transition  testing,  the  ram  air  must  be  bypassed 
during  the  operation  of  the  integrated  booster.  At  boost¬ 
er  burnout  and  port  cover  opening  this  air  must  be 
switched  over  to  the  engine  by  a  big  and  fast  valve.  This 
process  may  affect  the  transition  time.  Furthermore,  this 
test  procedure  is  insensitive  to  pressure  transient  phe¬ 
nomena  which  may  lead  to  a  failure  of  the  flight  system. 
Here,  however,  the  opportunity  exists  to  add  a  simulated 
cruise  operation  after  the  boost  and  transition  phase. 
Thus,  the  full  mission  of  the  propulsion  system  can  be 
simulated  on  the  test  bench. 


Fig.  24  Setup  For  Semi-Freejet  Transition  Testing  - 
Fullscale  Flightweight  Engine 


Fia.  23  Setup  For  Semi-Freejet  Testing  -  Circular 
Laval  Nozzles,  Axisymmetric  Air  Intakes 


It  is  rccommendable  to  conduct  both  types  of  transition  test¬ 
ing,  if  sufficient  funding  is  available.  The  main  issue  of  semi- 
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freejet  transition  testing  is  to  prove  the  proper  function  of  the 
propulsion  system.  D/C  transition  testing  with  subsequent 
full  time  sustainer  operation  provides  a  demonstration  of  sys¬ 
tem  endurance,  especially  regarding  the  ramcombustor  ther¬ 
mal  insulation  which  is  stressed  by  the  preceding  booster  fir¬ 
ing. 

Fig.  24  shows  the  fullscale  flightweight  engine  (cf.  section 
3.3)  with  the  integrated  booster  installed  on  the  test  bench  for 
a  semi-ffeejet  transition  test.  In  this  case,  the  ramcombustor 
is  a  flow  formed  structure  made  of  maraging  steel.  The  coax¬ 
ial  (ejectable)  booster  nozzle  can  be  seen  inside  the  ramjet 
nozzle.  The  setup  features  a  gasgenerator  of  reduced  length 
for  a  short  sustainer  operation  after  the  transition  phase. 

Fig.  25  illustrates  typical  results  derived  from  a  transition 
test.  The  diagrams  show  the  time  span  between  booster  tail- 
off  and  thrust  buildup  of  the  sustainer  engine.  The  upper  dia¬ 
gram  gives  the  trace  of  the  longitudinal  acceleration  evaluat¬ 
ed  from  chamber  pressure.  The  transition  time  is  defined  by 
the  period  where  the  longitudinal  acceleration  is  negative. 
The  resulting  decrease  of  Mach  number,  shown  by  the  lower 
diagram,  is  a  determining  factor  for  the  ability  of  the  ramjet 
to  reaccelerate. 
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4.  CONCLUDING  REMARKS 

Th  is  paper  reviewed  the  philosophy  of  ground  testing  for  the 
throttleable  ducted  rocket  as  applied  in  the  development  ac¬ 
tivities  of  MBB  and  Bayem  Chemie.  To  date  mere  than  2000 
tests  have  been  performed  with  ducted  rocket  systems  and 
components  in  basic  and  advanced  development  phases  of 
several  programs.  The  examples  given  in  the  paper  demon¬ 
strate  the  advanced  technical  standard  that  has  been  achieved 
in  this  field.  The  hardware  in  the  loop  flight  simulation  tech¬ 
nique  has  proven  to  be  an  especially  valuable  tool  to  prepare 
a  sound  basis  for  the  final  and  most  costly  trial  -  flight  test. 
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Discussion 


Question  from  R.  MONING 

Is  there  agreement  between  the  air  temperature  in  the  connected  pipe  and 
freestream  investigations  with  the  flight  conditions  ? 

Did  you  observe  a  significant  influence  of  the  air  temperature  ? 


Author's  reply 

Air  temperature  is  adjusted  according  to  the  simulated  flight  conditions 
both  in  connected  pipe  and  semi-freejet  tests. 

The  influence  of  air  temperature  on  combustion  efficiency  depends  on  the 
type  of  fuel  used. 

If  the  geometry  of  the  air  ducts  and  the  air  injection  into  the  ramcombustor 
is  fixed,  an  air  temperature  different  from  the  real  flight  conditions  will  lead  to  air 
injection  velocities  and  pressure  not  representative  of  the  real  system. 
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THE  DUAL  COMBUSTOR  RAMJET: 

A  VERSATILE  PROPULSION  SYSTEM  FOR  HYPERSONIC  TACTICAL  MISSILE  APPLICATIONS1 

by 


Paul  J.  Valtrup 
The  Johns  Hopkins  University 
Applied  Physics  Laboratory 
i^turel,  Maryland  20723 
U.S.A. 


SUMMARY 


Procedures  for  designing  and  maximizing  the 
performance  of  Dual  Combustor  Ramjet  (DCR)  engines 
and  vehicles  powered  by  this  engine  are  presented. 
Comparisons  of  DCR  powered  vehicles  with  scramjet 
powered  vehicles  for  Mach  4  to  8  flight  show  that 
the  DCR  provides  better  performance  at  the  Mach  4 
flight  condition,  while  the  scramjet  is  better  at 
Mach  8.  Comparisons  of  the  DCR  with  a  ramjet  for 
Mach  3  to  6  flight,  with  both  having  the  same,  but 
low,  thrust  level  at  Mach  3,  show  that  the  DCR 
exhibits  better  performance  at  and  near  the  cruise 
condition  at  Mach  6,  and  similar  performance  during 
acceleration.  Suggested  additional  comparisons  to 
broaden  the  scope  of  the  conclusions  are  also 
given. 


1 

2 

3 


4 
s 

5 

6 


-  inlet  cowl  plane 

-  inlet  throat 

-  prior  to  normal  shock  in  gas 
generator  and  ramjet 

inlet 

-  diffuser  exit 

-  after  scramjet  precombustion  shock 

-  combustor  exit 

-  nozzle  exit 


Superscripts 

*  -  gas  generator  or  ramjet  combustor  throat 


NOMENCLATURE 


A  -  area 

CtR  -  gross  engine  thrust  coefficient 

Ctn  -  net  vehicle  force  coefficient 

DCR  -  dual  combustor  ramjet 

ER  -  fuel -air  equivalence  ratio 

-  fuel-air  ratio/stoichiometry 
HHC  -  heavyhydrocarbon 

M  -  Mach  number 

p  -  pressure 

T  -  thrust,  temperature 

w  -  mass  flow  rate 

Z  -  altitude 

a  -  angle -of- attack  in  degrees 

*?ke  '  supersonic  inlet  kinetic  energy 
efficiency 

r;n  -  exit  nozzle  stream  thrust  efficiency 
»7pt  -  inlet  total  pressure  recovery 


a 

-  air  stream 

b 

-  gas  generator  base 

cr 

-  critical 

des 

-  design 

gg 

-  gas  generator 

1 

-  maximum  inlet  area 

max 

-  max imum 

o 

-  overall;  free  stream 

ss 

-  supersonic  inlet 

t 

-  stagnation  conditions 

0 

-  free  stream  station 

INTRODUCTION 

The  design  of  tactical  missiles  involves  the 
integration  of  many  complex  parts  including,  but 
not  limited  to,  boost  and  sustain  propulsion, 
airframe,  aerodynamics  and  control,  materials, 
guidance,  ordnance  and  fuze,  fuel  supply  and 
control,  and  power.  Additionally,  mission 
requirements  and  launcher  constraints ,  when 
combined,  define  the  flight  envelope  and  range,  and 
weight,  volume  and  external  missile  geometry, 
respectively. 

In  this  paper,  we  will  concentrate  on  the  sustainer 
propulsion  system  and  its  integration  with  the 
aerodynamics  and  airframe,  insofar  as  they 
influence  and/or  affect  net  vehicle  thrust 
performance.  In  particular,  this  paper  addresses 
the  use  of  the  Dual  Combustor  Ramjet  (DCR)  as  the 
sustainer  engine  for  hypersonic  (up  to  Mach  8) 
flight  of  tactical,  liquid  fueled  missiles,  and 
compares  net  vehicle  performance  with  that,  achieved 
with  supersonic  combustion  ramjet  (scramjet)  and 
conventional  subsonic  combustion  ramjet  engines. 

It  also  presents  the  methodology  necessary  to  guide 
the  design  the  DCR  engine. 

To  present  this  methodology  requires  that  a 
particular  mission  and  launcher  constraint  be 
selected,  but  the  general  approach  is  not  dependent 
on  the  particular  selection,  only  the  exemplary 
results  presented  herein.  The  constraints  chosen 
here  are  the  same  as  those  presented  in  Ref.  1, 
i .  e .  , 

(1)  The  missile  is  to  fit  in  a  circular  or 
square  launcher; 


1  This  work  was  supported  by  the  Johns  Hopkins 
University  Applied  Physics  Laboratory 
with  a  Stuart  S.  Janney  Fellowship. 


(2)  The  missile  is  to  be  rocket  boosted  to 
either  Mach  3  or  4  after  which  the 
airbreathing  sustainer  will  accelerate 
the  vehicle  to  its  cruise  Mach  number 
of  either  6  or  8; 
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(3)  The  sustainer  engine  will  be  either  a 
fixed  geometry  DCR,  scramjet  or  ramjet; 
and 

(4)  The  sustainer  engine  will  use 
Shelldyne-H  (RJ-5)  fuel  burning  at  100% 
efficiency  and  fly  within  the 
tropopause  at  50K  ft. 

(15.24  km)  altitude. 

Within  these  constraints,  the  objective  is  to 
present  the  methodology  necessary  to  select  the 
DCR's  inlet  design  Mach  number,  air  flow  split  and 
area  contraction  ratio,  subsonic  combustor  size, 
and  supersonic  combustor  area  ratio  to  maximize  net 
vehicle  performance.  Additionally,  the  merits  of 
using  the  DCR  over  either  a  scramjet  or  ramjet 
sustainer  are  discussed  using  exemplary  comparisons 
between  the  three  candidate  engines  shown  in  Figure 
1. 


THE  DUAL  COMBUSTOR  RAMJET  ENGINE 

Prior  to  presenting  the  design  methodology  or 
performance  comparisons,  a  brief  description  of  the 
DCR  engine  [Fig.  1(b)]  and  its  cycle  is  appropriate 
to  orient  the  reader  in  its  operation  and  to  point 
out  similarities  and  differences  between  it  and 
either  the  ramjet  or  scramjet  engines  depicted  in 
Fig's.  1(a)  and  1(c),  respectively.  As  shown  in 
Fig.  1(b),  the  dual  combustor  ramjet  is  an  engine 
that  combines  the  best  features  of  both  the 
scramjet  and  dump  combustor  ramjet  in  a  single 
cycle.  As  will  be  seen  latter,  this  results  in  an 
engine  that  operates  much  like  a  conventional 
ramjet  at  the  lower  flight  speeds  (Mach  3  to  5)  but 
also  like  a  scramjet  at  the  higher  flight  speeds 
(Mach  6  and  above) . 


(a)  Subsonic  combustion  ramjet 
Norma!  shock  train 

-  Fuel  injection 


—  ■  ■  j  r~7YS ////// 


-Inlet- 


Combustor 


Nozzle- 


(b)  Dual  combustor  ramjet  (OCR) 
Normal  shock  train  - 


Fuel  Subsonic  dump 

injection^-"  combustor  @ 

WZZZZZi 


Suporsonic 

inlet 


Shock  train 


(c)  Supersonic  combustion  ramjet  (scramjet) 

Shock  train  -j  ^  Fuel 

injection 

WZZZZZZZT^- 

® 


vZZZZZZZZZZZ2^ 


E  Nozzle  "H 


Fig.  1  Engine  schematic*  of  (a)  aubaonlc  combustion  ramjet, 

(b)  duel  combustor  ramjet,  and  (c)  supersonic  combustion 
ramjet 


The  DCR2  evolved  from  the  desire  to  use  pure 
heavyhydrocarbon  (HHC)  fuels  at  hypersonic  speeds 
rather  than  blends  of  HHC  fuels  with  "logistically 
unsuitable"  but  very  reactive  liquid  fuels  (e.g., 
boranes)  or  oxidizer  pilots  (e.g.,  chlorine 
trifloride),  which  had  traditionally  been  required 
for  efficient  HHC  combustion  in  scramjets,  even  at 
speeds  greater  than  Mach  73.  In  practice, 
efficient  supersonic  combustion  requires  that  the 
combination  of  air  static  enthalpy,  HHC  enthaply 
and  enthalpy  (including  heat  release)  of  the  very 
reactive  fuel  (or  oxidizer  pilot  reacting 
stoichiometrically  with  a  portion  of  the  HHC  fuel) 
has  to  be  approximately  15,000  BTU/lbm  (34.89 
MJ/kg)  of  HHC  fuel  or  greater.  For  example,  using 
pentaborane  (as  the  reactive  fuel  additive)  mixed 
with  RJ-5,  Fig.  2  shows  the  weight  percent  of  B5H5 
needed  as  a  function  of  fuel -air  equivalence  ratio, 
ER,  to  achieve  greater  than  an  80%  fuel  combustion 
efficiency  for  Mach  4  and  7  flight  at  the  inlet 
exit  static  enthalpies  shown.  For  stoichiometric 
combustion  at  Mach  4,  the  fuel  mixture  carried  on 
the  missile  has  to  exceed  29%  by  weight 
pentaborane . 

To  eliminate  any  dependence  on  these  pyrophoric, 
caustic  and/or  toxic  additives,  it  was  recognized 
that  pure  HHC  fuels  would  have  to  be  preprepared  to 
exceed  this  minimum  enthalpy  requirement  prior  to 
injection  into  the  supersonic  combustor. 
Essentially,  this  meant  heating  and  cracking  the 
HHC  fuel  to  high  temperature  and  light  gaseous  or 
angstrom  size  particulate  (carbon)  species  prior  to 
injection.  To  achieve  this  meant  using  either  an 
energy  source  external  to  the  propulsion  system,  at 
the  expense  of  a  loss  in  weight  and  volume  for 
other  vehicle  stores  as  well  as  unusable 
(propulsive)  energy,  or  an  energy  source  that  was 
an  integral  part  of  the  engine  cycle  and  used  all 
of  the  energy  directly  for  propulsion.  The  latter 
was  deemed  simpler  and  more  efficient  and  evolved 
into  what  is  now  called  the  dual  combustor  ramjet. 

In  the  DCR,  the  inlet  diffusion  process  is  the  same 
as  that  in  the  scramjet,  only  a  small  portion  of 
the  air  captured  by  the  inlet  (typically  l/3rd  or 
less)  is  split  off  and  further  diffused  to  provide 
a  subsonic  air  stream  to  a  small  subsonic  dump 
combustor  imbedded  within  the  main  scramjet  engine. 
The  Ingested  air  is  then  mixed  and  reacted 
stoichiometrically  in  the  dump  combustor  with  some 
of  the  HHC  fuel  to  produce  a  hot  [>  4500°R 
(2500°K)],  mainly  gaseous  stream.  Initially,  it 
was  not  known  whether  the  remainder  of  the  HHC  fuel 
could  be  injected,  heated  and  cracked  within  this 
hot  gas  stream  without  quenching  the  initial 
combustion  process  because  of  the  large  amount  of 
unreacted  fuel  (ER  >—  4  in  the  dump  combustor) 
present.  Mestre  and  Ducourneau,  however, 


Fig.  2  Par  cant  pantaborana  nac  assary  to  bum  RJ-5  In  a  typical 
scramjat  combustor 
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demonstrated  that  a  flame  could  be  maintained  with 
liquid  heavyhydrocarbon  fuels  up  to  an  ER  of  7.7* 
at  conditions  simulating  Mach  3  to  4  flight. 
Consequently,  all  of  the  HHC  fuel  used  in  the  DCR 
can  be,  and  is,  injected  (non- uniformly)  into  the 
dump  combustor,  generating  a  hot,  cracked, 
partially  reacted,  fuel-rich  stream.  Because  of 
its  fuel -rich  operation,  the  dump  combustor  is 
quite  often  referred  to  as  the  gas  generator. 

The  gas  generator  exhaust  products  are  then 
injected  axially  through  a  geometric  throat  into 
the  supersonic  combustor;  the  exit  speed  may  be 
either  sonic  or  supersonic,  depending  on  the  gas 
generator  exit  design.  In  either  case,  the  energy 
and  composition  of  these  exhaust  products  are  such 
that  they  permit  efficient  combustion  to  take  place 
in  the  1  to  2  ms  residence  time  available  in  the 
supersonic  combustor,  even  at  flight  speeds  as  low 
as  Mach  3.  Here,  the  air  entering  the  supersonic 
combustor,  which  comprises  2/3rd's  or  more  of  the 
air  captured  by  the  inlet,  bypasses  the  gas 
generator  supersonically  as  shown  in  Fig.  1(b). 

The  nearly  constant  area  duct  between  the 
supersonic  inlet  and  supersonic  combustor  provides 
more  than  sufficient  length  to  isolate  the 
precombustion  compression  field  (or  shock  train) 
generated  by  the  supersonic  combustion  process  from 
the  supersonic  diffusion  process  in  the  inlet5. 

The  hot,  fuel -rich  exhaust  from  the  gas  generator 
then  mixes  and  reacts  with  the  supersonic  air 
stream  in  the  supersonic  combustor,  and  the 
combustion  process  is  just  as  it  would  be  in  any 
scramjet  with  axial  injection5”7.  The  only  real 
difference  is  that  the  axial  injector  is  rather 
large  in  this  case,  the  fuel  is  quite  hot  and 
contains  some  combustion  products,  and  the  length 
of  supersonic  combustor  required  to  achieve  high 
fuel  combustion  efficiencies  for  the  Mach  3  to  8 
speeds  discussed  herein  is  approximately  twice  that 
required  in  a  borane  fueled  scramjet.  This  latter 
difference  is  partially  (if  not  completely)  due  to 
the  use  of  axial  fuel  injection  in  the  DCR  versus 
normal  fuel  injection  in  the  scramjet.  Finally, 
like  in  the  pure  scramjet,  there  is  no  combustor 
exit  geometric  throat  in  the  DCR,  requiring  the 
combustor  exit  Mach  number,  M5,  to  be  unity  or 
greater.  This,  in  turn,  can  limit  the  total  amount 
of  heat  added  to  less  than  stoichiometry  at  the 
lower  flight  speeds  (just  like  in  a  scramjet),  and 
the  exit  nozzle  expansion  process  does  not  always 
begin  with  a  Mach  number  of  unity;  the  initial 
conditions  will  vary  with  flight  speed  and  the 
amount  of  heat  addition. 


DCR  DESIGN  METHODOLOGY 

As  alluded  to  previously,  the  intent  of  this 
section  is  to  present  the  methodology  necessary  to 
select  the  inlet  design  Mach  number,  MdM,  inlet 
air  flow  split,  wMB/wagg,  inlet  area  contraction 
ratio,  Ai/Aj,  gas  generator  throat  size,  (AVAt)gg, 
and  supersonic  combustor  area  ratio,  A5/(A2„  +  Ab  + 
A*gg)  when  designing  a  DCR.  Here,  it  assumed  that 
the  isolator  duct  carrying  the  supersonic  air  from 
the  inlet  to  the  supersonic  combustor  is  constant 
area,  i.e.,  A2#g  -  A4g#.  This,  however,  is  not  the 
case  for  the  ramjet  or  DCR  gas  generator  inlets 
where  A4  »  A2.  Here,  modulation  of  the  normal 
shock  total  pressure  by  varying  the  initial  Mach 
number,  M3,  between  stations  2  and  4  is  necessary 
to  keep  the  fixed  geometry  combustor  exit  throat 
choked  for  ER's  of  unity  or  less.  As  will  be  seen 
shortly,  however,  very  little  total  pressure 
modulation  is  required  to  keep  the  throat  choked 
once  the  ER  of  the  gas  generator  or  ramjet  is  above 
unity. 


Supersonic  and  Gas  Generator  Inlets:  In  order 

to  start  this  procedure  requires  some  knowledge  of, 
or  assumption  about  the,  inlet's  compressive 
performance.  The  point  of  departure  used  in  this 
study  is  the  empirically  derived  correlation  of 
supersonic  inlet  kinetic  energy  efficiency ,  ,  as 

a  function  of  diffuser  throat  (or)  exit- to- free 
stream  Mach  number  ratio,  M2/Mq ,  presented  in  Ref. 

1  based  on  data  from  two  dimensional,  annular  and 
modular  scramjet  inlets  in  the  Mach  3  to  8  range. 
This  correlation  is  shown  in  Fig.  3  and  is 
expressed  by: 

*f«  -  *  -  0.4(1  -  M2/M0)*  (1) 

This  correlation,  in  turn,  can  be  rearranged  to 
express  the  total  pressure  recovery  of  the 
supersonic  inlet,  Pt2/Pto»  as  a  function  of 
effective  inlet  contraction  area  ratio,  Aq/A2,  as 
shown  in  Fig.  4  (from  Ref.  1)  for  flight  at  50K  ft. 
(15.24  km)  altitude.  Both  also  tacitly  assume  that 
rj ke  is  not  a  function  of  angle -of -attack  since 
insufficient  data  were  available  to  deduce  any  such 
dependency.  However,  dependency  is  implicit  in 
that  A0/A2  and  M2  are  both  dependent  on  a  . 

The  results  show  that  for  each  flight  Mach  number, 
pt2/pt0  decreases  with  increasing  contraction  ratio 
until  a  maximum  value  of  A0/A2  is  reached,  and  that 
further  increases  in  A0/A2  are  not  possible. 
Consequently,  there  are  definite  upper  limits  on 
inlet  area  contraction  (at  least  for  the  data 
correlated),  with  the  maximum  being  8.5  at  Mq  -  7. 
This  has  important  ramification  in  two  areas. 

First,  a  number  of  parametric  studies  (including 
some  of  the  author's)  have  overlooked  these  upper 
limits,  perhaps  resulting  in  some  erroneous 
conclusions  for  fixed  geometry  inlet  scramjets. 
Secondly,  not  only  does  the  upper  limit  have  to  be 
considered,  but  also  the  air  capture 
characteristics,  Aq/A*,  of  the  inlet  and  flight 
envelope.  For  instance,  as  will  be  seen  latter,  an 
inlet  designed  for  Mach  4  to  8  flight  will  have 
much  different  inlet  area  contraction  limits  than 
one  designed  for  Mach  3  to  6  flight,  mainly  because 
the  area  contraction  limits  shown  in  Fig.  4  cannot 
be  exceeded  at  any  flight  Mach  number,  not  just  at 
the  highest. 

The  data  and  correlations  shown  in  Fig's.  3  and  4 
can  be  used  to  define  the  critical  pressure 
recovery  of  the  DCR's  gas  generator  inlet  as  well 
as  that  of  the  conventional  subsonic  combustion 
ramjet's  inlet.  If  we  permit  a  normal  shock  to 
occur  at  station  2  for  each  point  along  each  curve 
shown  in  Fig.  4  (each  will  have  a  different  Mach 


Diffuser  exit-to-free  stream  Mach  No.  ratio,  M^q 
Fig.  3  Supersonic  inlet  kenetlc  energy  efficiency  ae  a  function 

of  diffuse  exit-to-free  stream  Mach  Number  ratio  (from  Ref.  1). 
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Effective  inlet  Contraction  area  ratio,  Ag  /A2 


Fig.  4  Supertonic  Inlet  total  preeture  recovery  at  a  function  of 
effective  area  contraction  ratio 


number,  M2) ,  then  a  curve  of  critical  total 
pressure  recovery,  npt  Cr  -  (Pt*/Pio)cr .  as  function 
of  A0/A2  can  be  generated  as  shown  in  Fig.  5. 

Here,  the  values  of  A0/A2  have  the  same  limits  as 
those  in  Fig.  4.  As  expected,  the  maximum  critical 
pressure  recoveries  at  each  M0  correspond  to  the 
maximum  area  contraction  ratios  of  the  supersonic 
inlet  (Fig.  4).  For  example,  the  maximum  critical 
total  pressure  recovery  for  M0  -  3  occurs  at  AQ/A2 

-  3.13  with  a  value  of  0.795. 

Up  to  this  point  in  the  discussion,  no 
consideration  has  been  given  to  the  specific  inlet 
design,  i.e.,  its  design  Mach  number,  geometry  and 
the  amount  of  external  (Ag/A})  and  internal  (A2/A!) 
contraction.  However,  the  maximum  contraction 
ratios  shown  in  Fig's.  4  and  5  are  based  on  the 
captured  stream  tube  (A0)  of  the  inlet,  not  its 
maximum  air  capture  (Aa)  .  Consequently,  a  specific 
inlet  geometry  must  be  introduced  at  this  point  to 
determine  the  maximum  geometric  area  contraction 
(At/A2)  for  a  given  inlet  design.  The  inlet  chosen 
is  the  same  as  that  presented  in  Ref.  1,  i.e.,  a 
12.5°  half  angle  cone.  At  this  point,  it  is  not 
necessary  to  specify  its  design  Mach  number  since 
subsequent  results  can  be  presented  as  a  function 
of  Mda3,  M0  and  the  range  of  Mach  numbers  (e.g.,  M0 

-  4  to  8)  over  which  the  vehicle  will  fly. 

However,  a  12.5°  half  angle  cone  inlet  cannot 
externally  compress  the  flow  to  the  maximum  value 
shown  in  Fig.  4,  It  is  therefore  assumed  that 
there  is  a  20%  internal  area  contraction  (Aj/^  - 
1.2),  with  any  remaining  contraction  achieved  by  an 
external  isentropic  compression  surface  whose  wave 
structure  always  falls  within  the  cowl. 

With  the  inlet  geometry  thus  defined,  it  is  now 
possible  to  directly  relate  the  maximum  values  of 
A0/A2  given  in  Fig's.  4  and  5  to  the  specific  inlet 
geometry.  This  requires  that  the  maximum  air 
capture  of  the  inlet  be  known  as  a  function  of 
Md„,  M0  and  angle -of  attack.  Note  that  the  air 
capture  for  an  axisymmetric  conical  design  is  a 
maximum  at  a  -  0°.  This  is  not  the  case  for 
assymetric  inlet  geometries  where  (A0/A2)a>0  can 
exceed  (A0/A|).«0  (see,  e.g.,  Ref.  1).  In  either 
case,  multiplying  (A0/A2)m„  in  Fig.  4  by  (Ai/A0)  as 
a  function  of  M0  and  MdM  (the  values  of  A0/Ai  for 
all  of  these  cases  are  given  in  Ref.  1)  will  yield 
a  set  of  curves  of  (Ai/A2)max  for  each  case.  Since 
the  maximum  values  of  A0/A2  shown  in  Fig.  4  cannot 
be  exceeded,  the  value  of  At/A2  for  a  given  Md„  and 
flight  Mach  number  range  will  then  be  the  minimum 
of  these  maxlmums. 


Fig.  5  Critical  gat  generator  Inlet  total  pressure  recovery  ee  e  function 
of  Inlet  aree  contraction  ratio  and  flight  Mach  number 


If  we  take  the  flight  Mach  number  ranges  to  be  Mach 
4  to  8 ,  Mach  3.5  to  7  and  Mach  3  to  6 ,  then  the 
minimum  of  the  maximum  values  of  Ai/A2  can  be 
plotted  as  a  function  of  Md„  as  shown  in  Fig.  6. 

The  results  show  that  as  both  the  Mach  number  range 
and  inlet  design  Mach  number  increase,  the  maximum 
value  of  A1/A2  increases,  with  this  increase  being 
almost  linear  with  Md.a.  This  is  to  be  expected 
since  increases  almost  linearly  with  Mq  and 

Md„.  Here,  for  example,  (A1/A2)0M1X  is  7.92  for  an 
Mdas  of  7  and  above  for  a  flight  Mach  number  range 
of  4  to  8.  However,  when  Mj.,  -  4,  (A1/A2)Bax 
decreases  by  34%  to  5.24  for  this  same  flight  Mach 
number  range.  Note  that  these  maximums  apply  to 
both  the  inlet  for  the  scramjet  combustor  and  the 
inlet  for  the  ramjet  and  DCR  subsonic  combustors  in 
this  paper. 

Gas  Generator:  With  the  inlet  performance 

defined  as  above,  it  is  now  possible  to  present  the 
design  philosophy  and  methodology  used  for  the  gas 
generator  along  with  specific  exemplary  cases. 

Since  the  intent  of  the  gas  generator  is  to  prepare 
all  of  the  HHC  fuel  for  efficient  combustion  within 
the  tandem  supersonic  combustor,  it  must 
efficiently  ingest  the  small  fraction  of  air  (l/3rd 
or  less  of  the  total  engine  air  flow)  diffused 
subsonically  to  it,  maintain  a  stable  flame  with 
fuel  flows  of  4  to  8  (or  more)  times  stoichiometry 
with  a  minimum  of  total  pressure  loss,  heat  and 
crack  the  unreacted  fuel  to  light  gaseous  or 
angstrom  size  carbon  species,  and  accelerate  the 
hot,  fuel-rich  mixture  to  sonic  or  supersonic 
speeds  through  a  geometric  throat  prior  to  axial 
injection  in  the  supersonic  combustor.  All  of  this 
is  accomplished  using  a  small,  subsonic  dump 
combustor  with  multiple  (two  or  more)  air  inlets. 

Two  or  more  air  ducts  entering  the  dump  plane  of 
the  gas  generator  are  required  to  induce  a 
recirculation  zone  in  the  center  of  the  dump  plane. 
This  can  be  accomplished  by  partitioning  the 
annular  flow  at  the  cowl  plane  of  the  symmetric 
inlet  discussed  above  into  symmetric  quadrants, 
with  two  or  more  quadrants  feeding  the  gas 
generator  and  the  remainder  supplying  supersonic 
air  to  the  supersonic  combustor'*8.  Alternatively, 
a  single  air  supply  duct  could  be  bifurcated  prior 
to  reaching  the  gas  generator  .  In  either  case. 


7-5 


Fig.  6  Maximum  Inlet  gaomatrlc  contraction  at  function  of  Inlat 
design  Mach  number  and  flight  Mach  number  range. 


the  recirculation  zone  between  ducts  at  the  head 
end  of  the  dump  combustor  provides  a  region  where  a 
near  stoichiometric  HHC  flame  can  be  established 
and  maintained  to  provide  the  heat  source  needed  to 
heat  and  decompose  the  remainder  of  the  HHC  fuel. 
The  remainder  of  the  HHC  fuel  is  then  injected  such 
that  it  does  not  migrate  to  the  center  of  the  dump 
plane  dome,  rather  it  mixes  and  interacts  with  the 
heated  combustion  products  further  downstream, 
preventing  quenching  of  the  Initial  flame. 

The  mixture  of  hot,  fuel  rich  products  is  then 
accelerated  through  a  fixed  geometry,  geometric 
throat,  A*gg,  the  size  of  which  is  a  function  of 
the  inlet  performance  and  air  capture,  dump 
combustor  total  pressure  losses,  gas  generator 
fuel-air  equivalence  ratio.  ERgg,  and  thermodynamic 
properties  of  the  exhaust  products.  Since  all  of 
the  gas  generator  air  plus  fuel  mass  must  pass 
through  this  throat  without  it  unchoking  for  a 
given  flight  Mach  number  and  altitude,  then  its 
minimum  size  relative  to  the  air  capture 
streamtube,  (A*/Ao)gg,  can  be  initially  determined 
from  conservation  of  mass  using  the  maximum 
critical  total  pressure  recoveries  in  Fig.  5,  and 
assuming  a  20%  dump  combustor  total  pressure  loss, 
irrespective  of  the  inlet's  design  Mach  number. 

For  reference,  the  fuel  used  in  these  studies  is 
room  temperature  Shelldyne-H  (RJ-5)  with  a  chemical 
composition  of  Ci4H18,  a  heat  of  formation  of  +20 
kcal/gm-mole ,  a  lower  heating  value  of  9.97 
kcal/gm,  a  specific  gravity  of  1.07,  a 
stoichiometric  fuel-air  ratio  of  0.0728356,  and  a 
molecular  weight  of  186.298  gm/gm-mole. 

The  results  from  just  such  a  sizing  are  shown  in 
Fig.  7,  where  values  of  (A*/Ao)gg  ml„  are  presented 
as  a  function  of  ERgg,  M0  and  flight  altitude.  For 
the  gas  generator  inlet  total  pressure  recoveries 
shown  in  Fig.  5,  these  curves  represent  the  minimum 
throat  areas  needed  to  maintain  M*m  -  1.  Larger 
throat  sizes  are  permitted  but  not  smaller.  As 
expected,  the  lower  the  altitude,  the  more  air  that 
is  captured  and  the  larger  the  required  size  of  the 
gas  generator  throat.  At  a  given  altitude  (ie. 
15.24  km),  it  is  apparent  that  the  gas  generator 
must  be  sized  for  the  lowest  flight  Mach  number 
provided  the  ratio  of  air  capture  from  one  flight 
Mach  number  to  the  next  is  less  than  the  ratio  of 
the  minimum  gas  generator  throat  sizes.  For  the 


Gas  generator  fuel-air  equivalence  ratio,  ERgg 


Fig.  7  Minimum  gas  generator  throat  slza  as  a  function  of  flight 
Mach  number,  fuel-air  equivalence  ratio  and  altitude  for 


12.5°  conical  inlet  used  in  this  paper,  this  is 
indeed  what  happens ,  i . e . ,  the  gas  generator  throat 
is  sized  by  the  mass  flow  and  gas  generator  exit 
thermodynamic  properties  at  the  lowest  flight  Mach 
number . 

Perhaps  the  most  Important  feature  illustrated  in 
Fig.  7,  however,  is  that  the  change  in  the  required 
gas  generator  throat  size  above  stoichiometry 
compared  to  that  below  stoichiometry  is  small. 

Since  throat  area  is  directly  proportional  to  the 
total  pressure  required  to  maintain  a  choked 
throat,  and  the  overall  DCR  engine  almost  always 
operates  with  ERjj  >  1  regardless  of  M„,  Mj., , 
flight  Mach  number  range  and  w,lt/w4gg ,  then  these 
results  show  that  the  DCR  gas  generator  inlet  will 
operate  at  or  near  its  critical  total  pressure 
recovery  over  most  of  its  flight  regime,  especially 
at  the  lower  flight  speeds.  For  example,  for 
W««»/W«M  ”  7  (ERjj  -  8  for  an  overall  engine 
equivalence  ratio,  ER,,,  of  unity)  and  Mg  -  3,  which 
exhibits  the  largest  variation  in  the  gas  generator 
total  pressure  required  to  maintain  a  choked 
throat,  the  total  pressure  required  at  ERgg  -  3 
(ERg  —  0.375),  where  the  total  pressure  requirement 
is  a  minimum,  is  only  16%  less  than  the  maximum 
critical  total  pressure  recovery  at  ER^  -  8  (ER„  - 
1).  At  Mach  6  this  difference  is  approximately  18% 
but  grows  to  over  72%  at  Mach  8.  This  is  why,  as 
will  be  seen  in  subsequent  comparisons,  the  DCR  is 
as  efficient  or  more  efficient  than  the  ramjet  at 
the  lower  flight  speeds. 

Returning  now  to  the  example  being  developed 
previously,  if  the  air  capture  characteristics  of 
the  12.5°  conical  inlet  are  incorporated  into  Fig. 

7  as  a  function  of  M^,,  and  flight  Mach  number 
range,  then  the  results  in  Fig.  7  can  be  replotted 
as  shown  in  Fig.  8.  Here  the  minimum  gas  generator 
throat -to- inlet  area  ratio,  (A‘/At)u  is  plotted 
versus  supersonic  combustor- to- gas  generator  air 
flow  split,  w„,/wMg,  for  inlet  design  Mach  numbers 
between  4  and  8  and  the  three  flight  Mach  number 
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Fig 


8  Gas  generator  throat  size  as  a  function  of  inlet  design 
Mach  number,  flight  Mach  number  range  and  air  flow 
split. 


ranges  discussed  in  Fig.  6.  These  results  show 
that  the  largest  gas  generator  throat  corresponds 
to  the  lowest  inlet  design  Mach  number  for  a  given 
flight  Mach  number  range,  and  that  the  throat  size 
increases  as  the  flight  Mach  number  range  is 
lowered.  Both  are  to  be  expected  since  the  lower 
the  inlet  design  Mach  number,  the  more  air  that  is 
captured  at  a  given  Mach  number  below  Mda#,  and  the 
minimum  flight  Mach  number,  which  sizes  the  gas 
generator  throat,  is  progressively  lower. 

One  final  parameter  that  can  influence  the 
performance  of  the  DCR's  gas  generator  (and 
supersonic  combustor  as  well)  is  the  potential 
mismatch  between  the  gas  generator  exit  static 
pressure  and  the  precorabustion  shock  static 
pressure  when  the  two  streams  meet  at  the  entrance 
to  the  supersonic  combustor  [station  s  in  Fig. 

1(b)].  Here,  there  is  no  problem  if  the  air  duct 
exit  static  pressure  is  less  than  or  equal  to  the 
static  pressure  required  to  keep  the  gas 
generator's  throat  choked.  However,  if  it  exceeds 
this  minimum,  then  the  gas  generator  throat  could 
unstart,  requiring  the  gas  generator  inlet  to 
unstart  (ingest  less  mass).  While  this  could  be 
troublesome  to  the  overall  engine  performance, 
most,  if  not  all  of  the  loss  in  performance  could 
be  made  up  for  by  adding  additional  fuel  in  the  gas 
generator  (which  would  react  in  the  supersonic 
combustor)  provided  the  overall  engine  ER  is  less 
than  unity.  Since  this  is  only  an  issue  during 
acceleration  at  the  lower  flight  Mach  numbers  (when 
the  maximum  overall  ER  is  usually  less  than  unity 
due  to  thermal  choking  limitations  in  the 
supersonic  combustor),  it  has  not  been  considered 
in  the  examples  given  in  this  study. 

Supersonic  Combustor;  The  DCR's  supersonic 
combustor  operates  just  like  any  other  scramjet 
combustor  with  axial  fuel  injection1,5"7.  As  stated 
previously,  the  only  differences  are  that  the  size 
of  the  fuel  injector  (gas  generator  throat)  is 
large  compared  other  designs,  the  fuel  now  contains 


some  products  of  combustion,  and  the  fuel  is  quite 
hot1  and  contains  some  particulate  matter  (carbon) 
when  ERgg  >  1.  Additionally,  there  is  always  a 
base  area  between  the  gas  generator  throat  and  the 
air  ducts  supplying  the  supersonic  combustor  (see 
Fig.  1).  In  this  study,  it  has  been  assumed  that 
the  ratio  of  the  base  area- to -supersonic  inlet  duct 
area,  Ab/A2a# ,  Is  a  constant  0.35  based  on  previous 
engine  designs.  Furthermore,  the  supersonic 
combustor  exit- to- inlet  area  ratio,  rather  than 
being  the  traditional  ratio  of  A5/A*,  is  define  as 
A5/(A*gg  +  At  +  a2*«)  •  Finally,  because  wall  skin 
friction  losses  play  such  an  important  role  in  the 
performance  of  the  supersonic  combustor,  it  is 
assumed  that  the  ratio  of  supersonic  combustor 
wetted  wall  area-to-supersonic  inlet  duct  area, 

Aw/A 2s* »  is  a  constant  70  based  on  a  minimum 
combustor  length  of  50  in.  (1.27  m)  and  body 
diameter  of  19.7  in.  (50  cm)  regardless  of  the 
combustor  area  ratio. 

The  reader  is  referred  to  the  references  for 
further  details  of  the  supersonic  combustion 
process . 


DCR  ENGINE  AND  VEHICLE  PERFORMANCE 


Up  to  this  point,  no  details  of  the  selection 
process  for  inlet  design  Mach  number  (Mdas) ,  inlet 
(or  combustor)  air  flow  split  (w„8/w  )  or 

supersonic  combustor  area  ratio  have  been 
addressed.  It  is  the  intent  of  this  section  to 
present  the  methodology  used  to  select  all  three. 
Furthermore,  while  the  nozzle  exit- to- inlet 
geometric  area  ratio,  A^/At ,  will  influence  vehicle 
performance  (increasing  or  decreasing  fuel  specific 
impulse  at  a  given  ER0,  decreasing  the  engine  gross 
thrust  coefficient  and  increasing  body  wave  drag 
for  a  fixed  Al  as  A6/A1  increases) ,  varying  it  will 
not  influence  the  general  conclusions  of  the 
comparisons  of  the  DCR  with  the  ramjet  and  scramjet 
in  the  next  section  and,  as  such,  Ag/Aj  has  not 
been  varied  in  this  study.  It  is  taken  to  be  unity 
in  all  cases.  Finally,  an  exit  nozzle  stream 
thrust  efficiency  of  0.98  was  assumed  for  of  the 
DCR  engine  performance  numbers  given  below. 

To  begin  this  process,  gross  engine  thrust 
coefficients  (Ctg's)  were  computed  as  a  function  of 
ER0  and  M0,  using  the  analyses  presented  in  Refs.  2 
and  5-7,  as  a  function  of  Mde#,  wai8/wagg  and  A5/(A2ss 
+  Ab  +  A*gg)  at  the  boundaries  of  the  flight  Mach 
number  regimes  used,  i.e.,  at  Mach  3  and  6  for  the 
M0  -  3  to  6  flight  regime  and  at  Mach  4  and  8  for 
the  Mach  4  to  8  flight  regime.  Here,  Mda#  was 
varied  between  Mach  4  and  8  for  the  Mach  4  to  8 
flight  regime,  and  Mach  4  and  6  for  the  Mach  3  to  6 
flight  regime.  Two  inlet  air  flow  splits  (3:1  and 
7:1)  were  used  in  the  Mach  4  to  8  flight  regime  to 
illustrate  its  influence  on  performance  at  the 
higher  flight  speeds,  whereas  only  one  (3:1)  was 
considered  for  the  Mach  3  to  6  flight  regime.  The 
supersonic  combustor  area  ratio  was  varied  between 
unity  and  two  in  one  quarter  increments  for  each 
inlet  design  Mach  number,  flight  Mach  number  and 
inlet  air  flow  split.  Finally,  the  computations  at 
Mach  3  and  4  were  made  for  zero  degrees  angle -of - 
attack  only,  where  acceleration  is  important  and 
maneuvering  is  secondary.  On  the  other  hand,  those 
at  Mach  6  and  8  were  done  at  o  -  0°  and  +-5°,  since 
this  portion  of  the  flight  includes  cruise  as  well 
as  the  initiation  of  any  final  maneuvers. 

The  chemistry  throughout  the  inlet(s)  and 
combustor(s)  of  all  three  engine  types  is  assumed 
to  be  in  thermochemical  equilibrium  at  each  of  the 
flight  conditions.  In  the  exit  nozzle,  however. 
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the  thermochemistry  in  the  expansion  process  is 
taken  to  be  2/3rd's  frozen  (at  the  combustor  exit 
conditions)  and  l/3rd  in  equilibrium. 

The  computed  values  of  Ctg  as  a  function  of  ER0  for 
Mach  4  flight  with  a  -  0°  and  wagg/wagg  -  3  are 
shown  in  Figure  9  to  illustrate  the  operation  of 
the  DCR  at  the  lower  flight  speeds  and  Its 
sensitivity  to  Mdag.  Three  important  effects  are 
shown.  First,  increasing  the  combustor  area  ratio 
at  a  given  ER0  decreases  engine  efficiency  or 
thrust,  but  not  significantly,  although  more  so  at 
the  higher  values  of  ERQ.  For  example,  increasing 
the  combustor  area  ratio  from  1.25  to  2.00  at  an 
ERo  -  0.5  with  Mdag  -  6  will  decrease  Ctg  by 
approximately  6%. 

Secondly,  and  far  more  importantly,  increasing  the 
supersonic  combustor  area  ratio  markedly  increases 
the  maximum  Ctg  permitted  before  thermal  choking 
(M5  -  1)  takes  place  whenever  ER0  is  less  than 
unity.  For  example,  for  Mdas  -  6,  increasing 
A5/(A2a,  +  Ab  +  A*gg)  from  unity  to  1.5  increases  Ctg 
a*,  from  0.315  to  0.848,  a  270%  increase,  due 
entirely  to  the  higher  maximum  ER0  permitted  at  the 
larger  combustor  area  ratio  (ER0  nax  -  0.654  vs 
0.215).  Finally,  increasing  Mdaa  decreases  Cfcg  at  a 
given  ER0  and  combustor  area  ratio.  For  example, 
at  an  ER0  -  0.5,  increasing  Md#a  by  one  Mach  number 
decreases  Ctg  by  9  to  12%. 

Since  acceleration  and  therefore  thrust,  is  a 
primary  consideration  at  the  lower  flight  speeds, 
the  results  in  Fig.  9  have  been  replotted  in  Fig. 

10  to  provide  a  direct  comparison  of  inlet  design 
Mach  number  and  combustor  area  ratio  on  the  maximum 
gross  engine  thrust  coefficient.  Also  included  are 
the  corresponding  values  of  Ctg  Bax  for  an  inlet  air 
flow  split  of  7:1.  The  effect  of  increasing  the 
air  flow  split  from  3:1  to  7:1  on  Ctg  is  seen  to 
be  negligible  at  a  given  ER0  mmx.  Increasing  the 
air  flow  split  does,  however,  decrease  ER0  ^  and 
the  corresponding  Ctg  max,  for  a  given  combustor 
area  ratio  except  when  ER0  max  is  unity,  in  which 
case  there  is  no  change,  and  when  A5/(A2gg  +  Ab  -f 
A*gg)  -  unity,  in  which  case  both  increase  except 
for  the  Mdaa  -  8  case. 

Furthermore,  if  the  selection  of  Md-g  and  combustor 
area  ratio  were  to  be  based  on  these  results  alone, 
one  would  chose  the  lowest  and  largest 
combustor  area  ratio  since  maximum  thrust  is  the 
major  figure  of  merit  at  the  sustainer  takeover 
Mach  number.  This,  however,  is  not  the  case  at  the 
cruise  Mach  number,  as  will  be  seen  in  subsequent 


Fig.  0  Mach  4  DCR  angina  groat  thrust  coefficient  at  a  function 
of  ovaraH  equivalence  ratio,  inlet  design  Mach  number 
and  combustor  area  ratio;  M0  *  4-8, 3:1  air  flow  split. 


Maximum  engine  fuei-air  equivalence  ratio, ER. 

MAX 

Fig.  1 0  Maximum  DCR  engine  gross  thrust  coefficient  at 
Mach  4,  M0  =  4-8. 

discussions.  Consequently,  the  choice  of  Mdes  and 
combustor  area  ratio  are  deferred  until  latter. 

Similar  conclusions  can  be  shown  for  the  Mach  3  to 
6  flight  regime  engine  design  when  flying  at  Mach  3 
as  shown  in  Fig.  11.  Here,  however,  the  maximum 
ER0's  are  less  than  those  shown  in  Fig.  10  (which 
are  for  M,,  -  4)  for  a  given  combustor  area  ratio 
but  the  values  of  Ctg  at  a  given  ERo  and  Md#s  are 
higher.  These  differences  are  due  to  the  lower 
flight  Mach  number  and  concomitant  inlet 
performance  changes,  nothing  else. 

To  make  the  actual  judgement  on  Md#,  and  A5/(A2gg  + 

Aj,  +  A*gg)  ,  it  is  necessary  to  consider  the  net 
force  on  the  vehicle.  The  procedures  as  well  as 
computed  values  of  additive,  leading  edge,  cowl  and 
control  surface  wave,  body  and  control  surface 
friction,  and  lift  drag  are  given  in  Ref.  1 
assuming  a  19.7  in.  (50  cm)  diameter  body  with  a 
length- to-diameter  ratio  of  8  and  A6/A1  -  1.0. 

The  corresponding  plots  are  shown  in  Fig's.  12 
through  16,  where  either  maximum  (ER*,  -  1  or  ER0 
max)  or  near  cruise  (ER0  -  0.5)  net  vehicle  force 
coefficients  (Ctn)  are  presented  as  a  function  of 
inlet  design  Mach  number  and  combustor  area  ratio 
for  the  upper  and  lower  Mach  number  limits  of  the 
Mach  4  to  8  and  Mach  3  to  6  flight  regimes.  Note, 
also,  that  for  a  given  fuel  combustion  efficiency, 
the  net  vehicle  force  coefficients  shown  are 
indicative  of  net  vehicle  specific  impulse  (Igp  n#t) 
since  there  is  a  one-to-one  correspondence  between 
force  and  Igpnat,  i.e.,  I8p  n.t  -  net  force/fuel  flow 
rate.  Here,  for  a  given  M0  and  ERq,  there  is  no 
change  in  the  fuel  flow  from  one  combustor  area 
ratio  to  the  next  for  a  given  Mdgg. 

Figures  12-14  present  the  results  for  the  Mach  4  to 
8  flight  regime.  At  Mach  4  (Fig.  12),  the 
conclusions  presented  for  Fig.  10  are  still  valid, 
just  the  absolute  values  of  force  are  lower  in  Fig. 
12  due  to  the  inclusion  of  the  inlet  and  external 
vehicle  drags,  i.e.,  the  maximum  net  vehicle  force 
occurs  at  a  combustor  area  ratio  of  2  (where  ER0 
reaches  unity)  and  an  inlet  design  Mach  number  of 
4,  and  increasing  the  inlet  air  flow  split  from  3:1 
to  7:1  decreases  performance  except  when  A5/(A2gg  + 
Ab  +  A*gg)  -  1  or  2.  Furthermore,  the  dependence  of 
Ctn  bu  on  M„..  decreases  with  increasing  M,,,,. 

At  Mach  8,  on  the  other  hand,  these  conclusions  are 
no  longer  valid.  Both  Fig's.  13  (3:1  air  flow 
split)  and  14  (7:1  air  flow  split)  shown  that  the 
optimum  inlet  design  Mach  number  is  approximately  7 
for  all  combustor  area  ratios,  angles-of -attack  and 
ER0's.  One  could  argue  that  «d..  -  *  cpuld  be 
considered  the  optimum  when  a  -  0°  and  ER^  -  0.5, 
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Fig.  11  Maximum  DCR  angina  gross  thrust  coefficient  at  Mach  3. 


and  it  would  provide  somewhat  better  performance 
than  a  Mach  7  design  at  Mach  4  (Fig.  12).  However, 
very  little  of  the  flight  is  spent  at  Mach  4;  most 
is  at  the  cruise  condition.  Additionally,  since 
cruise  will  likely  occur  at  a  >  5°,  and  any 
acceleration  at  or  near  the  cruise  condition  will 
take  place  when  ER0  -  1,  then  Md„  -  7  is  taken  as 
the  optimum  for  the  rest  of  this  study  for  both  air 
flow  splits. 

The  choice  of  the  optimum  supersonic  combustor  area 
ratio  for  an  engine  operating  in  the  Mach  4  to  8 
flight  regime  is  not  quite  as  obvious.  At  Mach  4 
(Fig.  12),  it  is  clear  that  the  choice  should  be  a 
combustor  area  ratio  of  2.0.  At  Mach  8  with  ER0  - 
1,  the  choice  is,  again,  a  combustor  area  ratio  of 
2.0  for  both  air  flow  splits  (Fig's.  13  and  14, 
respectively)  and  angles-of -attack,  although  the 
net  vehicle  performance  at  an  area  ratio  of  1.75 
for  the  3:1  air  flow  split  is  comparable  to  that  at 
an  area  ratio  of  2.0  when  a  -  0°  (<3%  difference). 
When  ER0  -  0.5,  however,  the  optimum  supersonic 
combustor  area  ratio  is  not  the  same  as  that  for 
ER0  -  1.0.  It  is  either  1.50  or  1.75.  In  this 
case,  the  net  vehicle  performance  is  the  same  for 
both  combustor  area  ratios  irrespective  of  the 
angle-of -attack.  Note,  however,  that  the  decrement 
in  performance  when  the  combustor  area  ratio  is 
changed  from  either  1.50  or  1.75  to  either  1.25  or 
2.00  at  these  Mach  8  flight  conditions  is  also 
small  (<3%) . 


Fig.  13  Net  DCR  vehicle  force  coefficient  at  Mech  8, 3:1 
Inlet  air  flow  split. 


Fig.  14  Net  DCR  vehicle  force  coefficient  at  Mach  8, 7:1 
Inlet  air  flow  split. 


The  choice,  then,  is  between  the  optimum  supersonic 
combustor  area  ratio  for  an  accelerating  vehicle 
(when  ERQ  -  unity  or  its  maximum)  and  that  at  or 
near  cruise  (when  ER0  -  0.5).  Since  a  significant 
portion  of  a  tactical  missile's  fuel  can  be 
consumed  during  acceleration  and  terminal  maneuvers 
unless  it  has  a  significant  cruise  requirement,  and 
since  the  difference  in  performance  at  the  Mach  8, 
near  cruise  condition  between  a  combustor  area 
ratio  of  1.75  (or  1.50)  and  2.00  (or  1.  )  is 

small,  then  the  choice  made  herein  for  o  Lmum 
vehicle  performance  for  an  accelerating  vehicle  is 
a  combustor  area  ratio  of  2.00  and  an  inlet  design 
Mach  number  of  7.0.  Alternatively,  for  a  cruise 
type  vehicle,  while  Md#g  -  7.0  is  still  preferred, 
a  supersonic  combustor  area  ratio  of  1.75  would  be 
chosen  because  of  its  better  performance  near  the 
cruise  condition.  While  a  supersonic  combustor 
area  ratio  of  1.50  would  achieve  the  same  cruise 
performance  at  Mach  8,  it  would  have  12  to  13% 
lower  performance  than  the  1.75  area  ratio  at  Mach 
4.  For  a  combination  acceleration  and  cruise 
vehicle,  the  choices  would  be  the  same  as  those  for 
an  accelerating  vehicle,  i.e.,  M^,  -  7.0  and 
A 5/ (A2>g  +  Ab  +  A*gg)  -  2.0,  with  the  attendant  small 
(<  3%)  sacrifice  in  cruise  performance.  The  latter 
will  be  used  in  subsequent  comparisons  of  DCR 
powered  vehicles  with  scramjet  powered  vehicles. 

The  choices  of  optimum  inlet  design  Mach  number  and 
supersonic  combustor  area  ratio  for  a  vehicle 
intended  for  Mach  3  to  6  flight  are  not  quite  as 
obvious.  Figure  15,  which  presents  net  vehicle 
performance  for  Mach  3  flight,  shows  that  the 
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optimum  Mdas  is  the  lowest  investigated  (Mde8  -  4) 
and  the  optimum  supersonic  combustor  area  ratio  is 
the  largest  investigated,  viz.,  2.0.  While  these 
conclusions  are  similar  to  those  drawn  for  the  Mach 
4  to  8  flight  vehicle  (Fig.  12),  one  major 
difference  is  that  the  maximum  ER  achievable  at 
Mach  3  is  0.65  (see  Fig.  11)  compared  to  unity  at 
Mach  4  for  the  Mach  4  to  8  flight  vehicle  with 
a5/(a\s  +  Ab  +  A2„)  -  2.0. 

At  Mach  6,  on  the  other  hand,  the  choice  of  Mde8 
and  combustor  area  ratio  are  a  strong  function  of 
angle -of- attack.  Figure  16  shows  that  a 
significantly  higher  vehicle  performance  can  be 
achieved  at  a  -  0°  with  ER0  -  0.5  or  1.0  when  MdftS 
-  6.0  than  at  any  of  the  lower  inlet  design  Mach 
numbers.  For  example,  for  a  combustor  area  ratio 
of  1.25  and  ERC  -  1.0,  the  net  vehicle  performance 
with  Mdea  -  6.0  is  12%  higher  than  that  when  Mdas  - 
5.0.  For  a  -  5°,  however,  the  preferred  inlet 
design  Mach  number  is  5  when  ERC  -  0.5  or  1.0,  with 
the  Md88  -  6.0  performance  being  somewhat  lower  (2 
to  3%).  Additionally,  the  preferred  supersonic 
combustor  area  ratio  for  acceleration  at  Mach  6  is 
1.25  at  either  angle-of-attack  while  that  for  near 
cruise  (ER0  -  0.5)  is  unity,  followed  closely  by  an 
area  ratio  of  1.25,  where  net  vehicle  performance 
decreases  by  1.5  to  2%.  It  is  apparent,  therefore, 
that  the  preferred  supersonic  combustor  area  ratio 
and  inlet  design  Mach  number  for  Mach  6  flight  are 
at  or  near  the  opposite  end  of  the  parametric 
spectrum  from  those  preferred  at  Mach  3. 

The  final  selection  of  both  Mdas  and  A5/(A288  +  Ab  + 
A*gg)  must,  therefore,  be  based  on  the  intended  use 
of  the  vehicle  and  heuristic  arguments  thereof.  If 
we  follow  the  arguments  used  in  the  selection 
process  for  the  Mach  4  to  8  flight  vehicle,  then 
accelerative  performance  dominates  leading  to  the 
selection  of  Md#8  -  6.0,  assuming  that  very  little 
time  is  spent  at  Mach  3  and  there  is  sufficient 
thrust.  Furthermore,  a  supersonic  combustor  area 
ratio  of  1.25  would  be  chosen  provided  sufficient 
net  thrust  at  Mach  3  is  possible  with  M^,,  -  6.0 
and  A5/(A2„  +  Ab  +  A*gg)  —  1.25.  On  the  other  hand, 
for  a  cruise  type  vehicle,  the  same  combustor  area 
ratio  would  be  chosen  (1.25),  but  with  -  5.0. 

If  the  vehicle  required  a  combination  of 
acceleration  and  cruise,  then  the  latter  would 
still  hold,  i.e.,  Mdas  -  5.0  and  A5/(A2gs  +  Ab  +  A*gg) 
-1.25.  In  fact,  with  Mdag  -  5.0,  the  acceleration 
at  Mach  3  would  be  enhanced  compared  to  the  Mach 
6.0  design.  The  latter  will  be  used  in  subsequent 
comparisons  of  a  ramjet  powered  vehicle  with  the 
DCR  powered  vehicle. 


Fig.  15  Net  DCR  vehicle  force  coefficient  et  Mach  3,  3:1 
Inlet  air  flow  split. 


Inlet  design  Mach  number, 

Fig.  16  Net  DCR  force  coefficient  at  Mach  6, 3:1  air  flow  split 


DCR.  SCRAMJET  AND  RAMJET  VEHICLE  PERFORMANCE 
COMPARISONS 

With  the  DCR  engine  design  methodology  and  designs 
of  DCR  engines  for  two  different  flight  regimes 
set,  comparisons  of  DCR  powered  sustainer  vehicles 
with  either  a  sc ramjet  or  conventional  ramjet  can 
now  be  made.  In  each  comparison,  identical  vehicle 
and  external  engine  sizes  are  maintained  so  that 
one-to-one  comparisons  between  engine  types  can  be 
made . 

DCR  and  Scramlet  Powered  Vehicle  Comparisons: 

First  we  will  compare  the  DCR  powered  vehicle 
performance  of  the  previous  sections  with  the 
scramjet  net  vehicle  performance  presented  in  Ref. 

1  for  Mach  4  to  8  flight  within  the  tropopause. 

For  the  scramjet,  the  optimum  supersonic  combustor 
area  ratio  given  in  Ref.  1  is  4.0  with  an  optimum 
inlet  design  Mach  number  between  6  and  7.  The 
comparisons  are  presented  in  Fig.  17,  where,  for 
completeness,  Ctn  is  plotted  as  a  function  of  M^, 
for  Mach  4  flight  with  a  -  0°  and  ERe  -  ERoniax,  and 
for  Mach  8  flight  with  a  -  0°  and  5°  and  ER0  —  0.5 
and  1.0.  Included  are  both  the  3 : 1  and  7 : 1  DCR 
inlet  air  flow  split  vehicles  along  with  the 
scramjet  vehicle. 

For  Mach  4  flight  with  a  -  0°  [Fig.  17  (a)],  the 
comparisons  show  that  the  net  performance  of  both 
the  3:1  and  7:1  inlet  air  flow  split  DCR  powered 
vehicles  is  superior  to  that  of  the  scramjet,  with 
the  performance  difference  being  10%  to  15%, 
depending  on  Md#t.  It  is  also  apparent  that  the 
performance  of  the  3:1  and  7:1  inlet  air  flow  split 
DCR  designs  are  nearly  identical. 

At  Mach  8  with  a  -  0°,  the  opposite  is  true,  i.e., 
the  net  vehicle  performance  using  a  scramjet  is 
superior  to  that  of  either  of  the  DCR  powered 
vehicle  designs.  For  ER,,  -  1  and  M^,  —  7,  the  net 
performance  of  the  scramjet  vehicle  is 
approximately  19%  higher  than  that  of  the  7:1  inlet 
are  flow  split  DCR  powered  vehicle  and  25%  higher 
than  that  for  the  3:1  design.  When  ER0  decreases 
to  0.5,  these  same  conclusions  hold,  i.e.,  the  net 
performance  of  the  scramjet  powered  vehicle  is 
superior  to  the  DCR  powered  vehicles.  However,  the 
net  vehicle  performance  of  the  7:1  and  3:1  DCR 
powered  vehicles  Is  now  approximately  the  same. 

For  Mach  8  flight  with  a  -  5°  and  ER,,  -  0.5  or  1.0 
[Fig.  17  (b)],  the  results  and  conclusion  are  the 
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FIG.  17  Comparison  of  DCR  and  Scramjet  net  vehicle 
force  coefficients  for  Mach  4  to  8  flight. 


same,  only  the  absolute  values  of  engine 
performance  are  slightly  lower. 

To  summarize  the  results  for  Mach  4  to  8  flight, 
the  DCR  powered  vehicles  have  better  performance 
than  the  scramjet  powered  vehicle  during 
acceleration  at  Mach  4.  For  Mach  8  flight, 
however,  the  performance  of  the  scramjet  powered 
vehicle  is  higher  than  either  DCR  powered  vehicle 
design  irrespective  of  the  ER,  and  angle -of -attack. 
Finally,  the  DCR  engine  with  a  7:1  inlet  air  flow 
split  exhibits  better  accelerative  performance  than 
the  3:1  inlet  air  flow  split  design  for  Mach  8 
flight  and  approximately  the  same  performance  for 
acceleration  at  Mach  4  and  cruise  at  Mach  8. 

Comparisons  of  net  vehicle  performance  for  the  Mach 
3  to  6  flight  conditions  have  not  been  made  in  this 
study.  It  is,  however,  expected  that  the 
difference  in  performance  between  the  DCR  and 
scramjet  powered  vehicles  at  Mach  3  will  be  even 
greater  than  those  presented  in  the  previous 
comparisons  at  Mach  4,  and  that  the  DCR  performance 
at  Mach  6  will  be  comparable  (or  perhaps  better) 
than  that  of  the  scramjet.  This  will  be  the 
subject  of  a  future  study. 

DCR  and  Ramjet  Powered  Vehicle  Comparisons: 
Comparisons  of  the  DCR  powered  vehicle  designed  for 
the  Mach  3  to  6  flight  regime  have  been  made  with  a 
conventional  subsonic  combustion  ramjet  powered 
vehicle  of  identical  size.  Here,  the  inlet 
performance  of  the  ramjet  up  to  its  throat  is  taken 
to  be  the  same  as  that  for  the  OCR's  gas  generator 
inlet  (Fig.  5).  Similarly,  a  20»  combustor  total 
pressure  loss  has  been  assumed.  The  exit  nozzle 
stream  thrust  efficiency,  however,  is  taken  as 
0.985  (vs  0.980  in  the  DCR)  since  the  nozzle 
expansion  process  will  be  more  efficient  than  that 
in  the  DCR  due  to  the  presence  of  a  geometric 
throat  (Mach  1  Initial  conditions  for  all  flight 
conditions) . 


Inlet  design  Mach  number,  M^ 
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FIG.  18  Comparison  of  DCR  and  Ramjet  net  vehicle  force 
coefficients  for  Mach  3  and  6  flight  for  MdoJ  =  5 


In  order  to  make  a  one  for  one  comparison  between 
the  ramjet  and  DCR,  a  consistent  figure  of  merit 
from  one  engine  to  the  other  is  required.  In  this 
example,  the  ramjet  has  been  designed  to  produce 
the  same  gross  thrust  as  the  DCR  at  Mach  3  with 
M,,..  -  5  and  A3/(A2..  +  Ab  +  A*M)  -  1.25.  Thus,  both 
the  ramjet  and  DCR  will  have  identical  maximum 
gross  thrust  coefficients  at  M,  -  3  of  0.736  (See 
Fig.  11).  To  achieve  this  in  the  ramjet  requires 
that  the  exit  nozzle  throat  size.  A",  and  overall 
ER  be  iterated  until  a  Ctg  of  0.736  is  achieved 
using  the  maximum  critical  total  pressure  recovery 
given  in  Fig.  5.  The  resulting  values  are  A*/A„  - 
0.5846  and  ER  -  0.32. 

The  comparisons  are  presented  in  Fig.  18  for  both 
the  Mach  3  and  6  flight  conditions.  Again,  net 
vehicle  force  coefficient  is  presented  as  a 
function  of  M^.,  for  the  DCR  with  the  ramjet 
performance  numbers  shown  only  at  its  design  Mach 
number  of  5  (dark  circles).  At  Mach  3,  the 
performance  of  the  DCR  and  ramjet  are  identical, 
this  point  being  the  figure  of  merit  for  this 
comparison.  At  Mach  6,  however,  the  DCR  has  better 
performance  than  the  ramjet  for  ER,  -  0.5,  and 
similar  performance  for  ER0  -  1.0.  For  Mach  6  with 
-  5°  and  ER,  -  0.5,  the  DCR's  performance  is 
approximately  32%  higher  than  that  for  the  ramjet. 
Here,  the  better  performance  of  the  at  ER,  -  0.5  is 
attributed  to  the  fact  that  the  DCR's  gas  generator 
inlet  is  operating  near  its  maximum  critical  total 
pressure  recovery  while  the  ramjet  inlet  is  not. 

As  ER,  Increases,  however,  the  pressure  recovery  of 
the  ramjet  inlet  increases  rapidly  towards  the 
critical  operating  value  while  that  for  the  DCR 
changes  only  slightly.  Consequently,  at  ER,  -  1.0, 
the  overall  performance  of  the  ramjet  and  DCR 
powered  vehicles  are  comparable,  at  least  for  the 
example  used. 

Were  another  design  contraint  requiring  more  thrust 
at  Mach  3  to  be  imposed,  then  the  throat  size  and 
ER,  max  Che  ramjet  would  both  increase  and  it  is 
expected  that  the  performance  of  the  DCR  powered 
vehicle  would  be  better  than  that  for  the  ramjet 
powered  vehicle  at  both  the  ER,  -  0.5  and  1.0,  Mach 
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6  flight  conditions.  This  statement  (or 
observation)  will  be  the  subject  of  a  follow-on 
study. 


CONCLUDING  REMARKS 

The  methodology  needed  to  design  and  maximize  the 
performance  of  dual  combustor  ramjet  engines  has 
been  presented.  The  results  of  these  design 
studies  and  subsequent  comparisons  of  the  ramjet, 
scramjet  and  DCR  powered  vehicles  lead  to  the 
following  conclusions  and  recommendations: 

1.  The  optimum  inlet  design  Mach  number 
for  DCR  powered  vehicles  flying  between 
Mach  3  and  6  and  Mach  4  and  8  is 
approximately  one  Mach  number  less  than 
the  maximum  flight  Mach  number; 

2.  The  optimum  DCR  supersonic  combustor 
area  ratio  decreases  as  the  flight  Mach 
number  regime  decreases  unless  thrust 
becomes  a  problem  at  the  minimum  flight 
Mach  number  for  the  lower  Mach  number 
flight  regime; 

3.  DCR  powered  vehicles  perform  better 
than  scramjet  powered  vehicles  at  the 
lower  flight  Mach  numbers  and  vice 
versa  at  the  higher  flight  Mach 
numbers,  at  least  in  the  Mach  4  to  8 
flight  regime  investigated; 

4.  The  larger  the  amount  of  air  ingested 
by  the  DCR's  supersonic  combustor,  the 
better  its  performance  at  the  higher 
flight  Mach  numbers,  i.e.,  it  operates 
more  and  more  like  a  scramjet.  At  the 
lower  flight  Mach  numbers,  no 
definitive  conclusion  could  be  reached 
within  the  limited  parametrics 
investigated  in  this  study; 

5.  When  DCR  and  ramjet  powered  vehicles 
are  designed  to  have  the  same  maximum 
net  thrust  at  Mach  3  for  Mach  3  to  6 
flight,  the  DCR  exhibits  better 
performance  at  and  near  cruise  at  the 
highest  flight  Mach  number  and  similar 
performance  at  stoichiometry;  and 

6.  It  is  recommended  that  comparisons  of 
the  DCR  and  scramjet  be  made  for  the 
Mach  3  to  6  flight  regime.  It  is  also 
recommended  that  the  DCR  and  ramjet  be 
compared  using  a  higher  required  thrust 
level  at  Mach  3  than  that  used  in  this 
study  to  broaden  the  scope  of  the 
conclusions . 
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SOMMAIRE 

Cet  article  dAcrit  les  diffArentes  families 
de  semi-propergols  AtudiAs  et  dAveloppAs 
par  la  SNPE  et  1* ONERA  en  vue  d'une  appli¬ 
cation  en  gAnArateur  de  gaz  pour  stato- 
fusee. 

Ces  semi-propergols  sont  adaptAs  A  un 
fonctionnement  soit  en  gen6rateur  de  gaz 
sAparA,  soit  en  gAnArateur  de  gaz  intAgrA 
(configuration  "rustique") .  Ils  peuvent 
Atre  classes  en  trois  grandes  families 
selon  leur  niveau  de  discretion  et  leur 
performance  AnergAtique: 

a.  les  compositions  discretes  sans  parti- 
cule  mAtallique, 

b.  les  compositions  automodulables  pour 
statofusAe  rustique  A  faible  taux  de 
particules  mAtalliques, 

c.  les  compositions  A  fort  taux  de  parti¬ 
cules: 

.  magnesium, 

.  carbone , 

.  bore . 

Pour  chaque  famine,  les  principales  carac- 
teristiques  des  compositions  les  plus 
representatives  sont  decrites. 


SUMMARY 

The  purpose  of  this  paper  is  to  describe 
the  different  families  of  fuel-rich  solid 
propellants  studied  and  developped  at  SNPE 
and  ONERA  for  ducted  rocket  applications. 

These  propellants  are  adjusted  wether  for 
choked  gas  generator  or  for  unchoked  gas 
generator  configurations.  They  are  ordered 
in  three  classes  depending  on  their  optical 
signature  characteristic  and  their  ener¬ 
getic  performance: 

a.  smokeless  propellants  without  metal, 

b.  reduced  smoke  compositions  with  a  low 
rate  of  metals  for  "rustique"  ducted 
rocket . 

c.  high  energy  propellants  with  a  high 
rate  of  particles: 

.  magnesium, 

.  carbon, 

.  boron. 

Major  properties  of  various  fuel-rich  solid 
propellants  of  each  families  are  described. 


NOMENCLATURE. 

Liste  de  symboles. 

CSF  Coefficient  de  sensibility  au 
frottement  Julius  Peters 
Cf  Coefficient  de  poussee 
C*  Vitesse  caractAristique 
eb  Epaisseur  A  brfller 

em  Allongement  maximal  A  la  rupture 

f  Rapport  de  melange  combustible/air 

fs  Rapport  de  melange  stoechiomAtrique 

F  PoussAe 

IAD  Indice  d' aptitude  A  la  detonation 
derriAre  barriAre 
Is  Impulsion  spAcifique 
K  Vie  de  pot 

M  Nombre  de  Mach 

A  DAbit 

n,.b  Exposant  de  pression  sur  la  plage  de 
pression  (a,  b] 
p  Pression  statique 

Sm  Contrainte  maximale  A  la  rupture 
T  Temperature 

t  Temps 

V  Vitesse 

Vcs.b  Vitesse  de  combustion  sur  la  plage  de 
pression  [a,  b] 

Z  Altitude 

a,.b  Coefficient  de  sensibility  A  la  tempe¬ 
rature  initiale  A  pression  constante, 
sur  la  plage  de  temperature  [a,  b] 

"  Viscosity  A  la  coulee 

nc  Rendement  de  combustion 

irK  s.b  Coefficient  de  sensibility  A  la  tempe¬ 
rature  initiale  A  serrage  constant, 
sur  la  plage  de  temperature  [a,  b] 
p  Masse  volumique  du  semi-propergol 

9  Richesse 

0  DiamAtre 

Indices: 

0:  Inf ini  amont 
2:  Fin  de  la  prise  d'air 
3:  Chambre  de  combustion 
4 :  Col 

c:  Combustion 

g:  GAnArateur  de  gaz 

i:  Conditions  d* arret  isentropique 


1.  INTRODUCTION. 

Le  statofusee  y  combustible  solide  offre  un 
systeme  propulsif  attractif  du  fait  de  sa 
simplicity  de  conception  et  de  sa  compa- 
cite,  comparees  a  celles  d'un  statorfeacteur 
a  combustible  liquide  [1].  Le  stockage  et 
la  maintenance  s ' apparentent  a  ceux  d'une 
munition  ou  d'un  missile  classique  a 
propulseur  fusee. 

Son  interet  resulte  de  1* evolution  et  du 
developpement  des  semi-propergols  solides, 
aussi  appel^s  propergols  aerobies  (fuel- 
rich  solid  propellants) ,  alimentant  le 
generateur  de  gaz  qui  peut  ytre  Jntegre 
dans  la  chambre  de  combustion  a 6r  bie  ou 
separe  de  celle-ci  (figure  1) . 

Depuis  les  annees  1970,  l'ONERA  et  SNPE  en 
collaboration  etroite,  ont  cherche  a  deve- 
lopper  ces  semi-propergols.  L'ONERA  a  porte 
son  effort  sur  1' etude  et  la  modelisation 
des  mecanismes  de  combustion  ainsi  que  sur 
la  recherche  de  nouvelles  formulations. 
SNPE  a  developpe  sa  competence  dans  les 
domaines  de  la  recherche  et  de  la  mise  au 
point  des  formulations,  de  la  caracteri- 
sation  et  de  1' adaptation  des  proprietes 
physico-chimiques,  mecaniques  et  de  secu¬ 
rity  de  ces  produits.  SNPE  developpe  ces 
combustibles  solides  en  vue  de  leur  indus¬ 
trialisation. 

Des  1976,  un  missile  experimental  de  cali¬ 
bre  400  mm  et  de  portee  voisine  de  100  km, 
demontrait  une  impulsion  specif ique  tres 
yievee.  Plus  recemment  (1983/1985),  pour 
des  applications  sol-air  courte  et  moyenne 
portae,  un  statofusee  de  faible  coQt  et 
d' architecture  simplifiee  dite  "rustique", 
le  MPSR  [3],  etait  teste  avec  succds  dans 
un  large  domaine  de  vol  (altitude,  Mach  et 
manoeuvrability) . 

Cet  article  est  destine  a  faire  un  bilan 
des  connaissances  acquises  a  ce  jour,  tant 
par  l'ONERA  que  par  SNPE,  dans  le  domaine 
de  ces  semi-propergols.  II  deer it  les 
caracteristiques  de  faisabilite,  de  secu¬ 
rity,  les  proprietes  mecaniques,  balisti- 
ques  et  energetiques  des  principales  famil¬ 
ies  de  materiaux  etudiees.  Les  produits 
presentes  ont  subi  une  caracterisation  y 
une  echelle  significative. 

La  plupart  des  semi-propergols  developpes 
ont  ete  evalues  en  combustion  avec  l'air,  y 
echelle  grandeur,  sur  les  installations 
d'essais  au  sol  de  l'ONERA  (calibre  100  y 
400  mm)  dans  les  conditions  de  simulation 
de  vol  des  missions  envisagees. 

Les  materiaux  encore  au  stade  de  la  recher¬ 
che  laboratoire,  ou  n'ayant  pas  dyboochy 
sur  une  caracterisation  suffisante,  ne  sont 
pas  pris  en  compte. 


2.  GENERALITES  SUR  LES  SEMI-PROPERGOLS. 

2.1  Applications  &  la  propulsion  par  stato- 
fusee. 

Le  choix  du  semi-propergol  solide  alimen¬ 
tant  le  gynyrateur  de  gaz  du  statofusye  et 
par  la  mSme  des  ingredients  le  constituant 
depend: 

-  des  caracteristiques  de  la  mission 
(domaine  de  vol,  vitesse,  manoeuvrability), 


-  de  la  diversity  des  trajectoires  ((auto)- 
rygulation  du  debit) , 

-  de  la  discrytion  du  jet  (visible,  yiec- 
tromagnytique  ou  infrarouge) , 

-  de  la  place  et/ou  de  la  masse  disponi- 
ble(s)  pour  le  chargement, 

-  du  mode  de  combustion  (frontal  ou 
radial) , 

-  des  conditions  thermiques  de  stockage  et 
d'emploi, 

-  des  codts  d' etude  et  de  developpement 
(industrialisation,  unites  produites, 
mission) . 

Deux  configurations  du  genyrateur  de  gaz, 
generalement  place  en  amont  de  la  chambre 
du  statofusee  (Fig.  1),  sont  utilisees: 

-  la  premiere  a  generateur  de  gaz  separe: 
la  pression  de  combustion  du  chargement  est 
reglee  par  une  ou  plusieurs  tuyere (s)  amor- 
cee(s) , 

-  la  seconde  a  generateur  de  gaz  integre 
encore  appelee  version  "rustique":  le 
fonctionnement  du  genyrateur  n'est  pas 
decouple  de  celui  de  la  chambre  de 
combustion. 

Si  la  modulation  du  debit  est  necessaire, 
elle  est  effectuee  dans  le  premier  cas  par 
1 '  intermediate  d'une  vanne  de  regulation, 
dans  le  second  elle  est  assuree  uniquement 
par  les  proprietes  balistiques  du  semi-pro¬ 
pergol  [2,3]. 

Les  semi-propergols  etudies  en  France  sont 
generalement  developpes  pour  un  domaine  de 
fonctionnement  du  generateur  compris  entre 
2  et  8  MPa  dans  la  configuration  generateur 
de  gaz  sypary,  et  entre  0,2  et  1  MPa  dans 
la  version  rustique.  Toutefois,  des 
pressions  de  fonctionnement  differentes 
peuvent  etre  requises  pour  certaines  appli¬ 
cations. 

Le  debit  gazeux  apporte  par  le  generateur 
est  entre  autre  fonction  de  la  surface  de 
combustion  du  bloc.  Le  mode  de  combustion 
(frontal  ou  radial)  determine  ainsi  le 
domaine  de  vitesse  de  combustion  neces¬ 
saire  . 

La  necessity  de  pouvoir  moduler  le  debit 
gazeux  du  genyrateur  en  fonction  du  debit 
d'air  entrant  dans  la  chambre  du  statofusye 
imposera  la  recherche  d'exposants  de 
pression  yievys. 

D'une  maniyre  generale,  pour  permettre  un 
fonctionnement  nominal  dans  un  large 
domaine  de  temperature  d'emploi,  une  faible 
sensibility  de  la  vitesse  de  combustion  a 
la  temperature  initiale  du  chargement  sera 
requise . 

Ceci  permet  par  ailleurs  de  disposer  d'une 
plus  forte  capacity  de  modulation. 

2.2  constituants  des  compositions  develop- 
pees. 

Ces  semi-propergols  [2,4]  comportent  gyne- 
ralement: 

un  liant  combustible  ryticulable  dont 
la  dygradation  gyndre  des  gaz  ryduc- 
teurs . 

Les  plus  couramment  employys  sont  les 
Hants  polybutadienes  en  raison  de 
leur  caractere  fortement  ryducteur. 


L'utilisation  d'un  liant  a  caractere 
oxydant  (polyester  plastifie  par  une 
huile  nitrAe,  ...)  ou  encore  azide 
(PAG) ,  peut  presenter  un  interet  pour 
la  recherche  de  propriAtAs  specif i- 
ques. 

un  oxydant  solide  pulverulent,  en 
faible  proportion  allant  de  25  a  50% 
suivant  les  caracteristiques  recher- 
chees. 

Le  perchlorate  d' ammonium  et  les  oxy- 
dants  organiques  sont  generalement  les 
plus  utilises. 

des  combustibles  additionnels  qui  sont 
generalement  des  particules  hydrocar- 
bonees,  mAtalliques  ou  de  carbone, 
dont  l'emploi  depend  des  specifica¬ 
tions  d'utilisation  recherchees 
(caracteristiques  cinetiques,  AnergA- 
tiques  ou  de  discretion) . 
des  additifs  Aventuels  tels  que  des 
accelerateurs  de  combustion,  des  cata- 
lyseurs  de  reticulation,  des  agents 
anti-oxydants  ou  des  additifs  stabi- 
lisant  la  combustion,  peuvent  Atre 
introduits  en  faible  proportion  pour 
optimiser  les  caracteristiques  du 
materiau  (faisabilite,  tenue  au 
vieillissement,  proprietes  mAcaniques, 
cinetiques  et  balistiques) . 

La  capacite  du  semi-propergol  a  fournir  des 
gaz  rAducteurs  est  d'autant  plus  AlevAe  que 
le  taux  d'oxydant  est  faible. 

2.3  Combustion  des  semi-propergols. 

La  combustion  des  semi-propergols  est 
diffArente  de  celle  d'un  propergol 
classique  [4,5]. 

L' oxydant  est  introduit  en  quantite  rAduite 
afin  de  pyrolyser  le  liant  hydrocarbone  et 
dans  le  but  de  fournir  ainsi  les  gaz 
combustibles.  L' analyse  des  produits  issus 
de  la  degradation  montre  une  trAs  forte 
proportion  d ' hydrocar bures  lourds  et  une 
trAs  grande  complexitA  du  melange.  Aux 
faibles  taux  de  perchlorate  d' ammonium, 
1' existence  d'un  residu  carbone  solide 
tAmoigne  du  processus  de  degradation  de  la 
phase  condensee  du  semi-propergol.  Des 
phAnomAnes  de  combustion  instationnaires 
intrinsAques  peuvent  alors  apparaltre 
lorsque  le  rAsidu  se  detache  pAriodiquement 
de  la  surface  sous  forme  de  strates  [6]. 

A  titre  d'exemple,  la  figure  3  [5]  prAsen- 
te,  pour  chaque  domaine  de  pression,  une 
description  schAmatique  de  la  combustion 
d'un  semi-propergol  A  faible  taux  de 
perchlorate  d' ammonium.  Les  vitessei,  de 
combustion  mesurees  expArimentalement  sont 
comparAes  aux  resultats  d'un  module  de 
calcul  mis  au  point  a  l'ONERA  [5]. 

2.4  Formulation  des  compositions. 

Les  critAres  qui  orientent  les  Atudes  de 
formulation  sont  la  faisabilitA,  les  carac- 
tAristiques  de  sAcuritA,  les  propriAtAs 
mAcaniques,  les  performances  AnergAtiques 
ainsi  que  les  propriAtAs  cinAtiques  et 
balistiques  (2,4,7). 

Le  procAdA  mis  en  oeuvre  pour  rAaliser  ces 
semi-propergols  est  identique  A  celui  qui 
est  utilisA  classiquement  en  propergol 
solide:  homogAnAisation  du  matAriau  par 
malaxage,  puis  mise  en  forme  des  charge- 


ments  par  coulee  sous  vide  ou  injection. 
L'utilisation  de  liants  thermodurcissables, 
impose  une  viscosite  A  la  coulAe  de  la  pate 
faible  (<  20  000  poises)  ainsi  qu'une  vie 
de  pot  compatible  avec  la  rAalisation  des 
chargements  (>  5  heures)  . 

Les  matAriaux  obtenus  doivent  possAder  des 
propriAtAs  mAcaniques  dont  le  niveau  est 
fonction  du  type  de  chargement,  libre  ou 
moulA-collA,  du  taux  de  remplissage  et  des 
sollicitations  mecaniques  engendrAes  par 
les  contraintes  thermiques  subies  au  cours 
du  stockage  et  des  periodes  opArationnel- 
les . 

D'une  maniere  gAnerale,  le  taux  de  liant 
dans  les  semi-propergols  est  important,  ce 
qui  a  pour  consequence  un  coefficient  de 
dilatation  linAaire  superieur  A  celui  des 
propergols  classiques.  Cette  caractAristi- 
que  conduit  A  rechercher  des  propriAtAs 
mAcaniques  d'un  niveau  plus  AlevA. 

La  recherche  de  performances  AnergAtiques 
conduit  A  envisager  1 ' incorporation  d'un 
taux  maximal  d'AlAments  rAducteurs;  dans  le 
cas  de  charges  solides,  celui-ci  est  en 
gAnAral  limite  par  le  critAre  de  faisabili- 
te.  Le  taux  minimum  d'Alements  oxydants 
necessaire  pour  assurer  la  degradation  du 
liant  est  limitA  par  les  propriAtAs  balis¬ 
tiques  requises:  dAlai  d'allumage,  absence 
de  rAsidus,  stabilite  de  la  combustion, 
Vitesse  de  combustion,  .... 

Les  propriAtAs  cinetiques  doivent  etre 
reglAes  en  fonction  de  la  configuration  du 
genArateur  de  gaz  envisagee,  de  la  gAome- 
trie  du  chargement,  de  la  durAe  de  fonc- 
tionnement  et  de  la  nAcessitA  ou  non  de 
pouvoir  moduler  le  dAbit. 

L'obtention  de  rendements  de  combustion 
optimums  nAcessite  dans  bien  des  cas,  et  en 
particulier  dans  celui  des  genArateurs 
contenant  des  particules  solides  (bore, 
...),  la  mise  au  point  de  moteurs  spAcifi- 
ques,  ayant  une  architecture  adaptee  (dis- 
positif  d' injection,  manches  A  air,  chambre 
de  combustion) . 

Un  bon  comportement  des  semi-propergols  aux 
Apreuves  de  sAcuritA  est  Agalement  recher- 
chA . 

L' optimisation  des  compositions  en  fonction 
des  propriAtAs  dAcrites  a  permis  la  mise  au 
point  d'une  large  gamme  de  semi-propergols 
qui  peuvent  etre  classAs  dans  les  grandes 
families  suivantes: 

a.  les  compositions  discretes  sans  parti- 
cule  metallique, 

b.  les  compositions  automodulables  pour 
statofusAe  rustique  a  faible  taux  de 
particules  mAtalliques, 

c.  les  compositions  a  fort  taux  de  parti¬ 
cules: 

.  magnesium, 

.  carbone, 

.  bore. 

3.  PERFORMANCES  ENERGETIQUES  DES  SEMI-PRO¬ 
PERGOLS  DEVELOPPES. 

Selon  1 ' appl ication  envisagAe,  on  peut  Atre 
amenA  A  privilAgier: 
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1' impulsion  specif ique  (Is)  dans  le 
cas  oO  la  masse  du  gEnErateur  de  gaz 
(chargement  de  semi-propergol)  est 
f igEe, 

1' impulsion  specif ique  volumique 
(p.  Is)  dans  le  cas  od  le  volume  du 
generateur  de  gaz  est  impose. 


reference  de  poussee  specif ique  par  rapport 
a  l'air,  sont  precisees  dans  le  tableau  1. 
En  considErant  seulement  1' aspect  EnergEti- 
que,  1 ' intEret  du  bore  est  evident  et  bien 
connu.  En  consequence,  les  semi-propergols 
au  bore  (35  et  40%)  developpes  presentent 
des  niveaux  de  performances  eleves. 


Ces  performances  energetiques  sont  A  consi- 
derer  dans  un  domaine  de  poussee  specif ique 
(f .Is)  requis  par  la  mission  a  effectuer. 

Elies  dependent  de  nombreux  facteurs  tels 
que: 

le  taux  et  la  nature  des  comburants  et 
des  combustibles  utilises,  notamment 
des  metaux  tels  que  le  bore, 
les  conditions  de  f onctionnement  du 
statofusee  (domaine  de  vol  en  altitude 
et  vitesse,  rapport  de  melange  combus¬ 
tible/air,  geometric  et  rapport  de 
detente  de  la  tuyere,  ...),  c 1 est  a 
dire,  de  maniere  plus  pratique,  de  la 
richesse  injectee  du  melange  combus¬ 
tible/air,  de  la  temperature  genera- 
trice  de  l'air,  de  la  pression  de 
f onctionnement  et  du  rapport  de  de¬ 
tente  de  la  tuyere. 


L' intEret  des  compositions  a  fort  taux  de 
magnesium  reside  essentiellement  dans  le 
gain  d' impulsion  obtenue  aux  fortes  pous- 
sees  comparees  aux  semi-propergols  classi- 
ques . 

Ce  type  de  composition  conduit  a  une  valeur 
elevee  du  rapport  stoechiometrique. 

Le  classement  par  famille  de  produits,  en 
terme  d1 impulsion  specif ique  volumique  a 
poussee  specifique  donnee,  s'etablit  comme 
suit: 

"bore">  "carbone">  ”magnEsium">  "automo- 
dulable">  "discrete". 

Ceci  depend  bien  evidemment  du  taux  de 
charges  reductrices  introduites  mais  dans 
1' ensemble  cet  ordre  est  respecte. 


Les  performances  energetiques  des  differen- 
tes  families  de  semi-propergols  developpes 
sont  comparees  sur  les  diagrammes  des  figu¬ 
res  4  et  5,  en  terme  d1 impulsion  specifique 
volumique  en  fonction  de  la  poussee  speci¬ 
fique. 

Leurs  formulations  sont  precisees  par  la 
suite. 

Les  calculs  thermodynamiques  sont  realises 
en  employant  le  code  de  calcul  NASA  SP-273, 
[8]  . 

Ces  resultats  sont  presentes  pour  deux  cas 
de  calculs  de  reference:  le  premier  dans 
les  conditions  d'un  vol  a  basse  altitude 
(Z=  0)  a  Mach  2  et  le  second  pour  un  vol  a 
haute  altitude  (Z=  30  000  m)  et  Mach  5. 

Les  valeurs  d' impulsion  specifique  volumi- 


4.  CARACTERISTIQUES  PAR  FAMILLE. 

4.1  Compositions  discretes  sans  particule 
metallique. 

L'interet  principal  de  ces  compositions 
repose  sur  1' absence  totale  de  particule 
metallique,  ce  qui  leur  confere  des  quali- 
tes  de  discretion. 

Ces  compositions  possedent  generalement  un 
fort  taux  de  liant  polybutadiEne  et  con- 
tiennent  Eventuellement  une  charge  hydro¬ 
carbon^  . 

Les  performances  Energetiques  sont  directe- 
ment  liEes  au  taux  d'oxydant,  les  valeurs 
maximales  correspondent  au  liant  pur.  A 
titre  d’exemple,  la  figure  6  donne,  pour 
une  composition  a  liant  PBHT ,  1' Evolution 


conditions 
basse  altitude 
M„=  2 

Conditions 
haute  altitude 

5 

Famille  de 

Ref. 

f  s 

fi 

p.  Is 

P  .  Is 

Semi-propergols 

(Xg/m3) 

(•■t'cHl’) 

(••f/cm*) 

a  f.Is=50  s 

a  f . Is— 70  s  j 

"discrEte" 

mm 

0,1107 

1060 

1236 

969 

0,1428 

1295 

1262 

1016 

kh 

0,1744 

1266 

1048 

875 

D4 

0,1793 

1307 

1056 

883 

"automodulable" 

R1 

0,1773 

1334 

1140 

935 

R2 

0,1559 

1252 

1178 

953 

"carbone" 

Cl 

0,1357 

1440 

1430 

1118 

C2 

0, 1489 

1637 

1488 

1182 

Ml 

0,2940 

1557 

1257 

1023 

"bore” 

B1 

0,1611 

1626 

1862 

1254 

B2 

0,1361 

1546 

1992 

1331 

B3 

0, 1608 

1621 

1862 

1247 

Rapport  de  dEtente  de  la  tuyEre:  Basse  altitude  5,7/1 

Haute  altitude  1/0,0117 


TABLEAU  l:  Performances  energEtiques  des  semi-propergols  dEveloppEs. 


de  1* impulsion  specif ique  et  de  1* impulsion 
specif ique  volumique  en  fonction  du  taux  de 
perchlorate  d1 ammonium. 


Deux  des  compositions  presentent  un  expo- 
sant  de  pression  eieve  (>  0,5)  qui  permet 
d'envisager  un  taux  de  modulation  eieve. 


Ces  performances  theoriques  ne  peuvent  etre 
atteintes  que  si  la  degradation  totale  du 
liant  est  obtenue;  pour  cela  un  taux  mini¬ 
mum  d'oxydant  est  necessaire.  Dans  le  cas 
contraire,  la  presence  aprSs  tir  de  residus 
de  combustion  compacts  est  observee  dans  le 
generateur  de  gaz.  Dans  le  cas  des  composi¬ 
tions  contenant  entre  25  et  30%  de  perchlo¬ 
rate  d' ammonium,  la  masse  de  ces  residus  de 
combustion  peut  atteindre  jusqu'S  15%  de  la 
masse  initiale  du  bloc. 

Au  dela  du  probieme  des  residus,  les  formu¬ 
lations  de  ces  semi-propergols  sont  adap- 
tees  de  manidre  A  prendre  en  compte  le  type 
de  mission  consideree.  En  particulier  la 
capacite  de  modulation  peut  etre  reglee  par 
la  nature  de  l'oxydant  utilise  (oxydant 
mineral  ou  organlque)  et  la  presence  ou  non 
d'un  combustible  auxiliaire  [5]. 

Dans  le  tableau  2  sont  regroupees  les  prin- 
cipales  caracteristiques  des  compositions 
representatives  de  cette  famille  de  pro- 
duits. 


Les  rendements  de  combustion  ont  ete  eva- 
lues  en  chambres  de  statofusees  de  diamdtre 
180  ou  200  mm. 

Ces  evaluations  ont  ete  effectu£es  en 
conduite  forcSe  sur  des  foyers  a  quatre 
entries  d'air  laterales  pour  diffSrentes 
conditions  de  simulation  de  vol. 

Dans  le  tableau  3,  des  exemples  de  valeurs 
experiments les  obtenues  sont  prScisees  dans 
deux  conditions  de  vol  de  reference: 

un  vol  A  basse  altitude  et  a  Mach  2, 
un  vol  A  moyenne  altitude  S  Mach  plus 
eleve  («  3) , 

Le  rendement  de  combustion  est  exprime  ici 
comme  le  rapport  de  la  richesse  brUlSe 
theorique  (correspondant  A  une  combustion 
complete)  A  la  richesse  injectee: 

*)c  = 

Les  compositions  ont  ete  evaluees  dans  les 
configurations  a  g^nerateurs  de  gaz  separ& 


Semi-propergol 

Dl 

D2 

D3 

D4  | 

.  Formulation 

liant  +  additifs 

70 

40 

52,4 

31, 7 

oxydant  organique 

30 

60 

- 

oxydant  mineral 

“ 

47,6 

48,3 

additif  hydrocarbons 

- 

- 

20,0 

.  Faisabilite 

i)  (poises) 

2  000 

6  000 

5  000 

14  000 

K  (heures) 

7 

4 

12 

5 

.  ProDriStes  mecaniaues 

8m  (MPa) 

0,8 

1,2 

1,2 

0,9 

em  (%) 

150 

80 

60 

30 

.  Masse  volumicrae 

P  (kg/m3’ 

1060 

1295 

1266 

1307 

.  Security 

CSF  (N) 

100 

0%  A  353  N 

0%  A  353  M 

0%  A  353  N 

Mouton  30  kg  (m) 

- 

2 

2,5 

2,5 

I AD  (cartes) 

150 

110 

<  1 

<  1 

.  ProDrietAs  cinetioues 

vt*5,.Mr.  (mm/s) 

0,9 

2,5  A  5 

- 

VciMMr.  (mm/s) 

- 

1,75 

2,4 

n 

0,35 

0,5  A  0,6 

0,1 

0,8 

a233»JJ3K  (%/K) 

- 

“ 

<s  0,4 

0,50 

*K.2J3»333  K  (%/k) 

0,55 

TABLEAU  2:  CaractAr istiques  das  semi-propergols  discrets 
sans  particule  mStallique. 


Ces  compositions  ayant  un  taux  eieve  de 
liant,  prSsentent  une  faisabilite  excellen- 
te.  Les  viscosites  A  la  coulfee  sont  faibles 
avec  une  vie  de  pot  de  plusieurs  heures. 
Ceci  permet  d'envisager  la  realisation 
aisee  de  chargements,  mfime  de  g6om6trie 
complexe,  suivant  des  proc4d£s  de  mise  en 
oeuvre  classique.  Dans  la  plupart  des  cas, 
la  simple  coulee  par  gravity  est  suffisan- 
te. 

De  mSme,  la  presence  d'un  fort  taux  de 
liant  leur  confAre  d ' excellentes  caracte- 
ristiques  mScaniques,  compatibles  avec  la 
realisation  de  chargements  mouies-colies  A 
fort  taux  de  remplissage. 


(Dl)  et  integre  (D3  et  D4)  pour  des  dur&es 
de  fonctionnement  pouvant  atteindre  50 
secondes. 

Ces  semi-propergols  ne  presentent  pas  de 
difficulty  d'allumage.  Ils  conduisent  A 
1' absence  de  residus  dans  le  generateur  de 
gaz  A  1' exception  de  la  composition  Dl  qui 
possSde  un  taux  de  residus  de  l'ordre  de 
10%  [9). 

Les  evolutions  de  pressions  dans  le  genera¬ 
teur  de  gaz  et  dans  la  chambre  de  combus¬ 
tion  sont  rAgulieres,  le  fonctionnement  est 
stable.  Dans  tous  les  cas,  la  pyrophoricite 
des  gaz  issus  du  semi-propergol  avec  l'air 
est  obtenue. 
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Semi-propergol 

Dl 

D3 

D4 

Configuration 

"syparye" 

"intygree" 

"intygrye" 

Simulation  de  vol 

lft 

altitude  (km) 

1,5 

0 

0 

10 

Mach  de  vol 

2,0 

2,0 

2,9 

2,0 

2,9 

Generateur  de  gaz: 

(K) 

- 

293 

293 

293 

293 

Pg  (MPa) 

3,2 

0,62 

0,35 

0,66 

0,34 

Vc  (mm/s) 

0,8 

2,63 

1,55 

Combustion  statofusye 

Vi 

0,38 

0,50 

0,90 

0,66 

0,80 

P3l  (MPa) 

0,35 

0,50 

0,25 

0,53 

0,25 

Vc 

0,91 

0,95 

0,80 

0,94 

0,87 

TABLEAU  3:  Resultats  d'essais  da  combustion  avec 
des  semi-propergols  discrets. 


4.2  Compositions  automodulables  pour  stato- 
fusee  rustigue  A  faible  taux  de  particules 
metalliques. 

La  specification  principale  imposee  aux 
semi-propergols  automodulables  pour  "rusti- 
que"  est  une  adaptation  permanente  du  debit 
gazeux  du  g6n6rateur  au  debit  d'air  entrant 
dans  la  chambre  du  statoreacteur ,  celui-ci 
etant  fonction  des  conditions  de  vol  du 
missile  (vitesse-altitude)  [3]. 

Le  g&nerateur  fonctionnant  3  une  pression 
voisine  de  celle  regnant  dans  la  chambre  du 
statofusfee,  elle  meme  rfeglee  par  les  condi¬ 
tions  de  vol,  la  modulation  ne  peut  etre 
obtenue  que  si  le  semi-propergol  possede  un 
exposant  de  pression  eleve  (supSrieur  a 
0,5)  et  ceci  jusqu'3  des  pressions  de  fonc- 
tionnement  d'autant  plus  faibles  que  l'al- 
titude  maximale  est  elevee. 

L'utilisation  de  chargements  a  combustion 
radiale  conduit  a  rechercher  des  vitesses 
de  combustion  faibles  (environ  de  1,5  a  2,5 
mm/s  3  0,8  MPa)  dans  le  domaine  de  pression 
de  fonctionnement  envisage. 


De  plus,  les  applications  visees  "tous 
temps",  imposent  un  faible  coefficient  de 
sensibility  de  la  vitesse  de  combustion  3 
la  temperature  initiale  du  chargement. 

Par  nature,  ce  type  de  semi-propergol  a 
tres  faible  vitesse  de  combustion  presente 
un  coefficient  a  generalement  eleve  (10). 

L'obtention  simultanee  de  ces  caracteristi- 
ques  est  particulierement  difficile  3  r4a- 
liser  et  peut  n£cessiter  l'utilisation  de 
charges  organiques  et/ou  metalliques. 

Pour  des  raisons  de  discretion,  le  taux 
d'additif  mfetallique  n’excede  pas  10%. 

Le  rfeglage  des  vitesses  de  combustion  se 
fait  par  adaptation  du  taux  de  catalyseur 
de  combustion,  en  integrant  1' influence  des 
divers  additifs  entrant  dans  la  formulation 
(additif  mytallique,  charge  hydrocarbonee , 
granulomfetrie  du  perchlorate  d' ammonium) . 

Les  caractferistiques  de  ces  produits  sont 
indiquees  dans  le  tableau  4. 


Semi -propergo 1 

R1 

R2 

R3 

.  Formulation 

liant  +  additifs 

33 

50 

40 

oxydant  minyral 

42 

40 

15 

additifs  hydrocarbon4s 

15 

- 

35 

additifs  mytalliques 

10 

10 

10 

.  Faisabilite 

r i  (poises) 

5 

1 

10 

K  (heures) 

5 

>  10 

5 

.  ProDrietes  mecanioues 

Sm  (MPa) 

0,75 

2,0 

0,8 

em  ( %) 

15 

200 

24 

.  Masse  volumique 

P  (kg/m3) 

.  Security 

1330 

1267 

1363 

CSF  (N) 

250 

0%  353  N 

0%  a  353  N 

Mouton  30  kg  (m) 

2 

>  4 

1 

.  ProDriitis  cindtioues 

Vc»o,s5M7>  (mm/s) 

1,8 

2,1 

2,0 

n0,2  1  0.7  Mpi 

0,6 

0,63 

1,0 

a2JJ»33JK  (^/K) 

0,3 

0,15 

0,25 

TABLEAU  4:  Caract6ristiques  des  ssmi-propsrgols 
automodulables  pour  statofuste  "rustigue”. 


Ces  compositions  ne  prfesentent  pas  de  pro- 
blAme  de  faisability.  Le  niveau  mfecanique 
obtenu  sur  la  composition  R2  permet  d'envi- 
sager  des  densitSs  de  chargement  y levees. 
Pour  ces  niveaux  de  vitesse  de  combustion 
faibles,  les  capacit&s  de  modulation  sont 
&lev£es  (exposant  de  pression  fort  et  coef¬ 
ficient  de  sensibility  a  faible) . 

La  loi  de  vitesse  de  combustion  et  par 
suite  la  capacity  de  modulation  peut  etre 
adaptee  aux  besoins  de  1 • application  visye, 
ceci  en  ajustant  lar  formulation  du  combus¬ 
tible. 

Par  exemple,  une  plus  faible  valeur  d'expo- 
sant  peut  ytre  souhaitee  y  forte  pression 
pour  limiter  la  consommation  du  chargement 
durant  la  phase  d' acceleration  du  booster. 
De  meme  une  forte  capacity  de  modulation 
peut  etre  requise  a  faible  pression  lors 
d'un  vol  a  haute  altitude,  afin  de  limiter 
Involution  de  la  richesse  injectee  du 
gynyrateur  de  gaz  et  garder  ainsi  un  fonc- 
tionnement  optimum  du  statofusye. 

Un  exemple  de  involution  de  la  vitesse  de 
combustion  en  fonction  de  la  pression  dans 
le  domaine  0,1  y  10  MPa  est  prysenty  sur  la 
figure  7  pour  un  semi-propergol  automodula- 
ble  de  ce  type. 

Les  mesures  de  vitesse  de  combustion  ont 
ete  realisees  sur  echantillons  par  la  tech¬ 
nique  ultrasonore  appliquee  au  semi-proper¬ 
gol  [5,6,11]  dans  ce  large  domaine  de  pres¬ 
sion. 

Un  trAs  important  programme  d 'evaluation 
balistique  de  ces  semi-propergols  sur  sta¬ 
tofusye  d  mchelle  100  et  180  mm,  a  ety 
meny  ces  dernidres  annees  dans  le  cadre  du 
developpement  exploratoire  du  missile  a 
statofusye  rustique  MPSR  [3]. 

De  maniSre  gdndrale,  le  statofusee  rusti¬ 
que,  par  sa  conception  a  genyrateur  integre 
et  son  unique  plan  d' injection,  se  pryte 
assez  mal  y  la  combustion  des  semi-proper- 
gols  A  fortes  teneurs  en  particules,  dans 
le  cas  o\X  celles-ci  sont  injectyes  en  phase 
solide  ou  liquide  dans  la  chambre  aerobie. 

A  titre  d'exemple,  les  rysultats  d'essais 
de  combustion  en  chambre  de  statofusee 
(diamdtre  180  mm)  concernant  les  deux  com¬ 


positions  R1  et  R2,  sont  presentys  dans  le 
tableau  5.  Les  conditions  d'essais  en 
conduite  forcde  sont  comparables  a  cel les 
prycydemment  dycrites. 

Les  optimisations  de  la  formulation  du 
semi-propergol,  de  lc.  chambre  de  combustion 
et  des  dispositifs  d'injection  afin  d'obte- 
nir  une  bonne  efficacity  de  combustion, 
peuvent  ytre  dans  ce  cas  plus  dyiicates  que 
pour  les  configurations  classiques  de  sta¬ 
tofusye  . 

La  pyrophoricity  des  gaz  de  combustion  avec 
l'air  a  toujours  yty  obtenue  myme  dans  les 
conditions  de  fonctionnement  difficiles  y 
basse  pression  (P  <  0,2  MPa)  et  faible 
tempyrature  initiale  (T^  »  233  K)  du  char¬ 
gement.  La  combustion  est  ryguliAre  et 
stable. 

Cependant,  pour  certains  semi-propergols,  y 
faible  vitesse  de  combustion,  et  ce  malgry 
la  prysence  favorable  de  particules  metal- 
liques,  la  combustion  peut  devenir  instable 
dans  ces  conditions  de  fonctionnement.  Les 
trAs  faibles  vitesses  de  combustion  sont  en 
effet  dyfavorables  y  une  bonne  ejection  des 
rysidus  carbonds  de  la  matrice  polymerique. 

L ' optimisation  de  la  chambre  de  combustion 
du  statofusye  rustique  et  1' amelioration 
des  caractyristiques  balistiques  de  ces 
semi-propergols,  ont  conduit  a  des  valeurs 
de  rendement  de  combustion  yievees  en  depit 
de  la  rusticite  des  dispositifs  d'injection 
et  de  1 'architecture  de  la  chambre  de  com¬ 
bustion,  ainsi  que  de  la  prysence  de  parti¬ 
cules  solides  (organiques  ou  metalliques) . 


4.3  Compositions  a  fort  taux  da  particules. 

4.3.X  Semi-propergols  au  magnesium. 

La  recherche  de  semi-propergols  destines  a 
alimenter  en  combustible  des  statofusees 
devant  assurer  une  forte  acceiyration  au 
missile  a  conduit  a  retenir  des  composi¬ 
tions  fortement  chargyes  en  magnesium. 

Par  rapport  aux  autres  mytaux  envisageables 
pour  ce  type  d 'applications  (Al,  Zr,  ...) 
[2],  le  magnysium  presente  l'avantage  d'e¬ 
tre  introduit  gynyralement  a  l'ytat  gazeux 
dans  la  chambre  du  statofusye. 


Semi-propergol 

RX 

R2  | 

Configuration 

"intygrye" 

"intygrye"  1 

Simulation  de  vol 

altitude  (km) 

0,8 

2,3 

0 

12 

|  Mach  de  vol 

1,9 

2,1 

2,2 

3,1 

G  ..yrateur  de  gaz 

(K) 

293 

333 

293 

293 

Pg  (MPa) 

0,58 

0,59 

0,68 

0,33 

Vc  (mm/s) 

1,98 

2,24 

1,88 

1,25 

Combustion  statofusye 

0,57 

0,74 

0,53 

1,0 

P3i  (MPa) 

0,50 

0,40 

0,57 

0,24 

Vc 

0,90 

0,86 

0,95 

0,89 

TABLEAU  5i  Rtsultats  d'essais  de  combustion  avec  des  semi-propergols 
pour  applications  "rustigues" . 


Les  travaux  menes  sur  cette  f ami lie  de 
semi-propergols  ont  ports  sur  la  recherche 
du  taux  minimum  de  perchlorate  d' ammonium 
conduisant  A  1* absence  de  rSsidu  de  combus¬ 
tion,  et  sur  la  recherche  du  taux  maximum 
de  magnesium  compatible  avec  une  faisabi- 
litS  correcte. 

A  titre  d'exemple,  les  caractSristiques 
d'une  formulation  a  liant  PBHT  contenant 
respectivement  55  %  et  60%  de  magnesium 
sont  donnSes  dans  le  tableau  6. 

II  convient  de  noter  la  sensibilite  de  ces 
compositions  a  1 'electricity  statique. 
Cette  propriety  impose  de  prendre  des  pre¬ 
cautions  particuliSres  lors  de  1' ensemble 
des  phases  de  fabrication  et  d'utilisation 
du  matSriau.  Ces  precautions  sont  destinees 
A  eviter  toute  dScharge  felectr ique  entre  le 
semi-propergol  et  son  environnement  (mani- 
pulateur,  moules,  ...  etc). 

En  principe,  le  magnesium  ne  presente  pas 
de  difficultSs  d'allumage  et  conduit  a  une 
combustion  efficace  dans  le  statofusee  du 
fait  de  sa  faible  temperature  de  vaporisa¬ 
tion  (1376  K)  trAs  inferieure  A  celles  des 
points  de  fusion  et  de  vaporisation  de 
l'oxyde  (3073  et  3373  K  respectivement). 

A  titre  d'exemple,  des  travaux  suedois  [12] 
ont  conduit  A  la  combustion  efficace  du 
magnesium  dans  les  conditions  de  fonction- 
nement  A  basse  altitude  et  Mach  2,  dans  un 
large  domaine  de  richesse  injectee. 

Par  ailleurs,  l'addition  de  magnesium  dans 
les  semi-propergols  est  couramment  utilisAe 
afin  de  favor iser  l'allumage  et  la  combus¬ 
tion  d'autres  metaux  presents  dans  le  semi- 
propergol  . 


4.3.2  Semi-propergols  au  carbons. 

L'intgrAt  du  carbone  reside  dans  le  fait 
qu'il  permet  d'acc&der  A  un  niveau  energeti- 
que  61ev6  (>  1400  g.s/cm3)  tout  en  conser- 
vant  de  bonnes  qualites  de  discretion. 

Cependant,  il  est  bien  connu  que  cet  intfe- 
r£t  n'est  reel  que  dans  la  mesure  ou  la 
combustion  des  particules  de  carbone  est 
effective  dans  la  chambre  du  statofusee.  De 
ce  fait,  les  travaux  ont  porte  essentielle- 
ment  sur  1*  etude  experimentale  de  la  com¬ 
bustion  des  particules  de  carbone  dans  une 
chambre  de  statofusee. 

Ces  travaux  ont  ete  realises  en  utilisant 
une  composition  a  29%  en  masse  de  particu¬ 
les  de  carbone.  Paralieiement,  la  gamme  des 
formulations  disponibles  a  ete  6tendue;  en 
particulier,  des  compositions  disposant 
d'un  exposant  de  pression  yieve,  done  modu- 
lables,  ont  ete  mises  au  point. 

Les  caracteristiques  de  ces  semi-propergols 
sont  indiquees  dans  le  tableau  7. 

La  faisabilite  de  ces  compositions  est 
satisfaisante  malgre  1 'utilisation  de  trAs 
fines  particules  de  carbone.  Les  pAtes  sont 
fortement  pseudo-plastiques,  ce  qui  conduit 
A  utiliser  pr6ferentiellement  le  procede 
d' injection  pour  la  mise  en  forme  des 
blocs. 

Les  proprietes  mecaniques  sont  d'un  excel¬ 
lent  niveau,  les  fines  particules  de  car¬ 
bone  ayant  un  fort  pouvoir  renforgant. 

La  difficulty  de  brOler  efficacement  les 
particules  de  carbone  dans  une  chambre 
agrobie  est  essentiellement  li£e  au  faible 
temps  de  sAjour  de  la  particule  dans  les 


semi-propergol 

Ml 

M2 

.  Formulation 

liant  +  additifs 

17 

17 

oxydant  mineral 

23 

28 

magnesium 

60 

55 

.  FaisabilitA 

i)  (poises) 

25 

8 

K  (heures) 

2 

3 

.  ProDrietes  mecanicrues 

Sm  (MPa) 

0,90 

0,97 

em  (%) 

21 

47 

.  Masse  volumioue 

P  (Kg/m5) 

1557 

1564 

.  SAcuriti 

CSF  (N) 

- 

210 

Mouton  30  kg  (m) 

- 

2,75 

Sensibility  A 

1 ' AlectricitA  statique 

sensible 

sensible 

.  ProDrietfcs  ciniticrues 

vc  k  5,o  mps  (nun/s) 

13 

22 

n 

0,35 

0,35 

a23J.  1JJ  K  (^/^) 

0,55 

TABLEAU  6:  Caractir istiquas  des  semi-propergols  au  magnesium. 
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Semi-propergol 

Cl 

C2  1 

.  Formulation 

liant  +  additifs 

33 

42 

oxydant  minAral 

30 

10 

carbone 

29 

40 

additif  mAtallique 

8 

8 

.  FaisabilitA 

r )  (poises) 

5  000 

20  000 

K  (heures) 

.  ProDriAtAs  mAcanioues 

10 

3 

!  Sm  (MPa) 

0,7 

2,2 

em  (%) 

60 

34 

.  Masse  volumique 

P  (kg/m3) 

1442 

1637 

.  PropriAtAs  cinAtiques 

^ci5,om?«  (mm/s) 

14 

5 

n 

0,2 

0,69 

TABLEAU  7:  CaractAr istiques  das  semi-propergols  contanant 
des  particulss  d«  carbons. 


zones  de  recirculation,  A  temperature  Ale- 
vAe. 

Le  rendement  de  combustion  est  trAs  sensi¬ 
ble  A  la  nature  et  la  quality  (teneur  en 
produits  volatils)  du  carbone  ainsi  qu'A  la 
granulomAtrie  des  particules. 

La  composition  Cl  a  AtA  AvaluAe  dans  une 
chambre  de  statofusAe  de  diamAtre  100  mm  A 
entries  d'air  laterales  et  pour  diffArentes 
conditions  de  fonctionnement  en  altitude  (0 
a  10  km)  et  de  norabre  de  Mach  (2  A  3,5). 

L'allumage  du  gAnArateur  de  gaz  ne  prAsente 
pas  de  difficulte  particuliAre  (figure  8) 
quelle  que  soit  la  configuration  (gAnAra- 
teur  de  gaz  separe  ou  integre) .  La  pyropho- 
ricite  avec  l'air  est  acquise.  Le  taux  de 
residus  faible  (<  0,5%)  est  comparable  4 
celui  d'un  semi-propergol  classique. 

L'6tude  des  principaux  paramAtres  de  fonc¬ 
tionnement  montre  que  la  combustion  des 
particules  de  carbone  utilisees  est  parti- 
culiArement  sensible  a  la  vitesse  de  l'A- 
coulement  dans  la  chambre  et  3  la  press ion 
(temps  de  sAjour) ,  mais  aussi  &  la  tempera¬ 
ture  g6n6ratrice  de  l'air. 

A  titre  d'exemple,  les  resultats  suivants 
ont  ete  obtenus  dans  le  cas  du  fonctionne¬ 
ment  d'un  moteur  simulant,  en  conduite 
forc6e,  des  conditions  de  vol  A  moyenne 
altitude  (»  10  km)  et  nombre  de  Mach  de 
3,5.  Les  valeurs  de  rendements  de  combus¬ 
tion  enregistr6es  sont  comprises  entre  0,85 
et  0,95  suivant  la  configuration  du  gAnAra- 
teur  de  gaz,  le  mode  d' injection,  la  ri- 
chesse  injectee  du  combustible  («  0,4  A 
0,6)  et  le  nombre  de  Mach  interne  dans  la 
chambre  (de  0,3  A  0,2). 

L'interAt  d'une  configuration  en  gAnArateur 
de  gaz  integre  ou  separe  n'est  pas  claire- 
ment  demontre,  nAanmoins  la  version  sAparA 
permet  d'utiliser  des  dispositifs  d' injec¬ 
tion  plus  spAcifiques  qui  permettent  d'ob- 
tenir  un  16ger  gain  sur  les  rendements  de 
combustion.  La  maltrise  de  la  pression  et 
du  debit  dans  le  gAnArateur  de  gaz  ne  pose 
pas  de  problAme  particulier  (Fig.  8)  et 


1* absence  de  dApdt  sur  les  injecteurs  ainsi 
que  dans  la  chambre  de  combustion  restent 
un  atout  majeur,  en  plus  de  la  discretion, 
compare  A  des  compositions  contenant  du 
bore. 

4.3.3  Bemi-propergols  au  bore. 

Du  point  de  vue  AnergAtique,  les  composi¬ 
tions  au  bore  sont  potentiellement  intAres- 
santes  lorsque  des  critAres  de  discretion 
ne  sont  pas  imposes.  Leur  utilisation  se 
heurte  cependant  A  deux  problAmes  spAcifi- 
gues:  d'une  part  des  problAmes  de  faisabi- 
litA  aux  taux  de  charge  AlevAs,  d' autre 
part  des  difficultAs  A  faire  brOler  les 
particules  de  bore  dans  la  chambre  de  com¬ 
bustion  aArobie. 

Les  compositions  au  bore  sont  constituAes 
d'un  liant,  de  perchlorate  d'ammonium,  de 
bore  et  Aventuellement  d'additifs  destinAs 
A  faciliter  la  combustion  [13]. 

Le  liant  est  gAnAralement  A  base  de  polybu- 
tadiAne  A  terminaisons  carboxyles  (PBCT) . 
Bien  qu'ayant  une  viscositA  supArieure  A 
celle  du  polybutadiAne  hydroxytAlAchAlique 
(PBHT) ,  il  prAsente  par  rapport  A  celui-ci 
l'avantage  de  ne  pas  rAagir  au  contact  des 
impuretAs  prAsentes  A  la  surface  des  parti¬ 
cules  de  bore.  II  est  en  effet  couramment 
observe  que  1 ' incorporation  de  bore  dans  du 
PBHT  conduit  A  des  pAtes  ayant  une  visco¬ 
sitA  trAs  elevAe,  incompatibles  avec  une 
mise  en  oeuvre  correcte. 

II  a  AtA  dAmontrA  [14]  que  ceci  est  dd  a 
l'apparition  dans  le  milieu  d'espAces  de 
trAs  fortes  masses  molAculaires  lorsque  le 
mAlange  bore/PBHT  est  soumis  A  de  fortes 
contraintes  de  cisaillement,  ce  qui  est  le 
cas  au  cours  du  malaxage  (figure  9) . 

Le  perchlorate  d'ammonium  est  introduit  A 
un  taux  compris  entre  25  et  35%.  Les  granu¬ 
lometries  utilisAes  tiennent  compte  de  la 
faisabilitA  et  des  propriAtAs  cinAtiques 
requises. 

Les  particules  de  bore  sont  fines  (de  l’or- 
dre  du  micron)  afin  d' assurer  une  combus¬ 
tion  correcte.  Un  traitement  chimique  sp6- 
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cifique  permet  eventuellement  d'ameliorer 
la  faisability. 

Enfin  1 ' incorporation  en  faible  quantity 
(quelques  %)  d'un  autre  mytal  peut  etre 
favorable  a  1 ' augmentation  de  la  tempera¬ 
ture  dans  le  g£n6rateur  de  gaz  ou  dans  la 
chambre  de  combustion.  Ceci  conduit  a  l'a- 
m61ioration  des  rendements  de  combustion. 

Le  mode  de  combustion  frontal  impose  de 
disposer  de  vitesses  de  combustion  elevees 
(entre  10  et  15  mm/s)  ,  pour  assurer  les 
debits  n£cessaires  a  la  pression  de  fonc- 
tionnement. 

Le  reglage  de  cette  vitesse  de  combustion 
est  en  general  obtenu  en  adaptant  la  formu¬ 
lation  (granulometrie  du  perchlorate 
d 'ammonium,  taux  et  nature  du  catalyseur  de 
combustion) . 

L'utilisation  de  blocs  pleins  permet  egale- 
ment  d'envisager  un  reglage  de  la  vitesse 
de  combustion  par  la  technique  des  blocs  a 
fils:  la  combustion  du  semi-propergol  est 
acceleree  en  noyant  dans  la  matrice  un  ou 
plusieurs  fils  metalliques. 

Le  tableau  8  regroupe  les  principales  ca- 
racter istiques  de  formulations  representa¬ 
tives  de  la  famine  de  semi-propergols  au 
bore  developpes. 

Les  viscosites  a  la  coulee,  comprises  entre 
10  000  et  20  000  poises,  conduisent  a  des 
taux  limites  de  bore  de  l'ordre  de  40%,  un 
taux  minimum  de  perchlorate  d' ammonium 
etant  necessaire  pour  assurer  la  decomposi¬ 
tion  du  liant  (de  25  a  30  %) . 


Les  temperatures  critiques  A  1 ' epreuve  du 
cook-off  sont  faibles  (»  120°C) ,  comparees 
A  celles  des  propergols  composites  classi- 
ques  a  liant  inerte.  Cependant  la  reaction 
observ£e  n'est  pas  violente:  le  materiau 
brflle.  Ce  comportement  particulier  (combus¬ 
tion  A  faible  temperature)  est  general  pour 
1' ensemble  des  semi-propergols  studies.  II 
est  trAs  favorable  du  point  de  vue  de  la 
vulnerability. 

La  vitesse  de  combustion  de  ces  matAriaux 
peut  aisAment  etre  reglAe  en  adaptant  la 
formulation,  et  ceci  quelle  que  soit  la 
configuration  envisagee. 

Dans  le  cas  de  ces  semi-propergols,  la 
combustion  des  particules  de  bore  dans  une 
chambre  aerobie  pose  des  problAmes  specif i- 
ques  lies  A  la  prAsence  d'oxyde  de  bore 
enrobant  les  particules  et  a  la  necessity 
d'obtenir  des  temperatures  elevees  du  me¬ 
lange  "air/produits  de  combustion"  afin 
d'initier  et  d'entretenir  la  combustion  du 
bore. 

L'emploi  de  metaux  peut  contribuer  a  1' aug¬ 
mentation  de  la  temperature  de  combustion 
primaire  des  gaz  du  generateur  et  faciliter 
ainsi  l'allumage  des  particules  de  bore. 
Des  architectures  de  chambre  specif iques  et 
des  dispositifs  d* injection  adaptes  sont 
aussi  requis,  dans  certains  cas,  afin  d'a- 
meliorer  la  combustion  du  bore  [15,16]. 

Le  surplus  de  masse  de  la  chambre  de  com¬ 
bustion  dd  a  ces  amenagements,  peut  penal i- 
ser  les  performances  du  systAme  propulsif. 

De  plus,  dans  le  cas  de  la  configuration  a 
gAnerateur  separe,  les  dApdts  d'oxyde  de 
bore  sur  les  organes  de  transfert  et  d'in- 


Semi-propergol 

B1 

B2 

B3 

B4 

.  Conf iouration  envisaaee 

generateur  de  gaz 

s£par£e 

"rustique"  || 

combustion  du  bloc 

frontale 

frontale 
accelerAe 
par  fils 

.  Formulation 

liant  PBCT  +  additifs 

30 

30 

30 

32  I 

oxydant 

30 

25 

30 

30  1 

bore 

35 

40 

35 

33 

additifs  metalliques 

5 

5 

5 

5 

.  Faisabilite 

q  (poises) 

12  000 

20  000 

15  000 

10  000 

K  (heures) 

6 

5 

5 

7 

.  ProDri6t6s  m6canicrues 

Sm  (MPa) 

2,1 

1,6 

2 

2,0 

em  ( % ) 

37 

50 

43 

75  I 

.  Masse  volumicrue 

P  (kg/m3)  ■ 

1616 

1642 

1631 

1595 

.  Security 

CSF  (N) 

345 

221 

Mouton  30  kg  (m) 

2,5 

- 

2,75 

.  VulnArability 

Cook-off 

116 

- 

121 

.  Prooriytys  cinyticrues 

Vci5n  MP*  (  /  S  ) 

14 

10 

- 

_ 

•  0  A  MPi  (  ®  ) 

- 

12 

15 

n 

0,1 

0,1 

0,3 

0, 16 

TABLEAU  8:  CaractAr istiques  des  semi-propergols  au  bore. 
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S ami -proper go 1 s 

B1 

r'| 

B2 

Configuration  du  generateur 
de  gaz 

"separee" 

" integree" 

Debit  d'air  (kg/s) 

6,7 

6,7 

Temperature  Tio  (K) 

520 

520 

Pression  generateur  (MPa) 

1.4 

0,7 

Vitesse  de  combustion  (mm/s) 

10,3 

13,0 

Richesse  injectee 

0,34 

0,42 

Rendement  de  combustion 

0,95 

0,91 

Perte  de  charge 

0,84 

0,84 

c. 

0,49 

0,587 

TABLEAU  9:  Resultata  d'essais  da  combustion  avac 
das  semi-propergols  au  bora. 


jection  (injecteurs/vannes)  peuvent  etre  la 
cause  de  bouchage  entralnant  une  augmenta¬ 
tion  importante  de  la  pression  dans  le 
generateur  de  gaz . 

La  combustion  des  particules  de  bore  est  a 
ce  jour  assez  bien  maltrisee  en  chambre 
statofusee  [17].  Son  efficacite  est  sensi¬ 
ble,  entre  autres,  aux  paramdtres  de 
fonctionrement  du  statofusee  tels  que  le 
Mach  et  la  pression  dans  la  chambre  de 
combustion,  la  temperature  generatrice  de 
1 'air,  _ 

Les  resultats  d'essais  au  sol  de  deux  semi- 
propergols  au  bore  (35%)  dans  des  condi¬ 
tions  simulant  en  conduite  forcee  un  vol  a 
Mach  2  et  basse  altitude  sont  compares  sur 
la  figure  10  et  dans  le  tableau  9,  l'une  en 
configuration  s^paree,  1 'autre  en  version 
integree. 

Pour  certaines  missions,  en  particulier  4 
basse  altitude,  la  configuration  generateur 
integre  peut  concurrencer  la  version  gene¬ 
rateur  s6par6  habituellement  plus  favorable 
pour  la  combustion  du  bore.  La  version 
integree  conduit  a  une  architecture  simpli- 
fiSe  done  plus  facile  a  mettre  en  oeuvre. 

Les  rendements  de  combustion  sont  compara¬ 
bles  a  ceux  obtenus  avec  des  semi-proper¬ 
gols  moins  charges  en  bore.  Malgre  1' aug¬ 
mentation  de  masse  due  4  1 ' architecture 

particulidre  de  la  chambre  dans  le  cas  des 
semi-propergols  au  bore,  la  comparaison  en 
terme  de  masse  ou/et  de  portfee  peut  seve¬ 
rer  plus  favorable  que  pour  un  engin  4 
semi-propergol  classique  [17]. 


5.  CONCLUSION. 

Les  semi-propergols  presentes  dans  cet 
article  sont  repr6sentatifs  des  principales 
families  de  materiau  d6velopp6es  en  France 
pour  une  application  statofusee.  Ils  ont 
subi  une  caract6risation  4  une  echelle 
significative,  permettant  de  determiner 
leur  domaine  d* application. 

Les  d£veloppements  exploratoires  (Proba- 
toire  400  mm,  SIMS,  MPSR1,  ...)  realises 
dans  le  cadre  des  compositions  discretes  ou 
des  semi-propergols  automodulables  pour 
missile  rustique  ont  conduit  4  un  nombre 


eieve  de  fabrications  (plus  d'une  tonne  de 
produit  dans  certains  cas)  et  de  caracteri- 
sations. 

La  demonstration  de  la  maltrise  de  la  fa¬ 
brication  ainsi  que  des  caracteristiques 
mecaniques  et  balistiques  d'une  large  gamme 
de  semi-propergols  a  ete  faite. 

Les  efforts  de  recherche  et  de  mise  au 
point  se  poursuivent  en  particulier  sur  les 
compositions  au  bore  qui  posent  des  probie- 
mes  de  faisabilite  et  celles  au  carbone  qui 
peuvent  presenter  des  difficultes  de  com¬ 
bustion  dans  certaines  conditions. 

Les  semi-propergols  developpes  sont  tout  4 
fait  adaptables  a  differentes  applications 
dans  le  domaine  de  la  propulsion. 
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Figure  1:  Configurations  de  gtntraleurs  de  gaz  du  statofusee. 
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Figure  2:  Exemples  d’application  du  statofusee  [1] 
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Figure  3:  Moddlisation  de  la  combustion  d’un  semi-propergol 
&  faible  taux  d’oxydant  (ONERA  [5]). 


Figure  4:  Performances  inergitHpies  des  semi-pro pergols  diveloppit. 
(Conditions:  Basse  altitude,  Mach  2) 
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Figure  5:  Performances  dnergdtiques  des  semi-pro pergols  d£velopp&. 
(Conditions:  Haute  altitude,  Mach  5) 


Figure  6:  Influence  du  taux  d’oxydant  sur  les  performances  th^oriques 
de  semi-propergols  discrete  sans  particule  mltallique. 
(Conditions;  Basse  altitude,  Mach  2) 
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Figure  9:  Evolution  de  la  masse  mol&ulaire  du  PBHT  en  fonction 
du  temps  de  malaxage  d’un  melange  PBHT/Bore  (50/50) 
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Figure  10:  Enregistrement  des  pressions  et  de  la  poussle  au  cours  d’essais 
de  (emi-propergols  au  bore  [16). 
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ABSTRACT 

Combustion  instabilities  are  often  observed  in  coaxial  and 
side-dump  combustors,  and  can  be  detrimental  to  their 
performance.  This  study  is  aimed  at  identifying  the  phys¬ 
ical  mechanisms  underlying  combustion  instabilities  in 
these  geometries.  Recent  studies  performed  on  side-dump 
geometries  have  focused  on  hydrodynamic  instabilities  un¬ 
der  non-reacting  conditions.  The  present  work  has  been 
conducted  on  a  two-dimensional  two-inlet  side-dump  com¬ 
bustor,  fed  with  a  premixture  of  air  and  propane  in  order 
to  examine  reacting  flow  instabilities.  Results  from  a  sta¬ 
ble  combustion  regime  are  presented  in  order  to  provide 
a  basis  for  comparison  with  a  low-frequency  instability 
mode  (520  Hz)  which  occurs  at  other  combustor  operat¬ 
ing  conditions.  The  flowfield  structure  is  investigated  us¬ 
ing  high  speed  Schlieren  visualization  and  conditional  C2 
imaging.  Simultaneous  pressure,  inlet  velocity  and  global 
Cz  emission  measurements  are  used  to  investigate  the  na¬ 
ture  of  the  instability.  Different  processes  involved  in  the 
instability  mode  are  identified  such  as  the  acoustics  of  the 
combustor,  the  oscillatory  motion  of  the  jets  underlying 
periodic  jet-on-jet  impingement  and  a  complex  behavior 
of  the  reaction  zones.  Furthermore,  by  obtaining  an  ex¬ 
perimental  local  Rayleigh  index  distribution,  it  has  been 
possible  to  identify  the  driving  mechanisms  of  this  insta¬ 
bility. 

1  INTRODUCTION 

Many  flight  vehicles  are  propelled  bv  ramjets  including 
certain  missiles  and  aircraft  prototypes.  Side-dump  com¬ 
bustors  are  being  investigated  as  an  alternative  to  coaxial- 
dump  combustors  for  a  light  and  compact  propulsion  sys¬ 
tem.  Combustion  instabilities  often  appear  in  such  de¬ 
vices  and  can  be  detrimental  to  their  performance  (Ref 
1,2).  These  instabilities  can  cause  large  amplitude  me¬ 
chanical  vibrations  which  may  result  in  structural  damage 
to  the  vehicle.  Flame  oscillations  associated  with  com¬ 
bustion  instabilities  can  cause  hot  spots  in  the  combus¬ 
tion  chamber  which  also  may  be  damaging.  Furthermore, 
these  instabilities  can  create  strong  acoustic  pressure  os¬ 
cillations  causing  a  destabilization  of  the  inlet  shock- wave 
system. 

Several  studies  have  been  conducted  to  investigate  the 
causes  of  combustion  instabilities  in  ramjet  combustors. 
Mode  shape  measurements  in  coaxial  and  side-dump  de¬ 
vices  have  shown  that  combustion  instabilities  are  fre¬ 
quently  associated  with  natural  acoustic  eigenmodes  of 
the  system,  involving  the  combustor  and  the  inlet  or  in¬ 
lets  (Ref  3,4).  The  coupling  between  (he  acoustic  reso¬ 


nant  modes  and  the  combustion  processes  is  responsible 
for  sustaining  the  instability:  Oscillations  are  amplified 
when  pressure  and  heat  release  fluctuations  are  positively 
correlated  in  time  (Ref  5,6,7).  Furthermore,  images  from 
Schlieren  visualization  have  shown  that  vortex  shedding 
is  a  common  feature  in  dump  combustors  and  may  play  a 
major  role  in  combustion  instabilities  (Ref  8,9.10).  In  ad¬ 
dition,  convective  waves  (entropy  or  vorticity  waves)  may 
occur  under  certain  conditions  and  take  a  part  in  the  pro¬ 
cess  (Ref  10,11,12).  In  this  case,  the  resonant  modes  differ 
in  frequency  and  in  shape  from  the  acoustic  eigenmodes 
of  the  system  and  are  interpreted  as  coupled  convective- 
acoustic  oscillations. 

While  coaxial-dump  combustors  have  been  already  ex¬ 
tensively  studied,  less  work  has  concerned  side-dump  ar¬ 
rangements.  In  side-dump  geometries,  the  impingement 
of  two  or  more  jets  is  an  important  feature  of  the  combus¬ 
tor  flowfield.  Recent  studies  have  shown  that  jet  impinge¬ 
ment  on  a  plate  or  jet-on-jet  impingement  can  sustain 
flow  instabilities  (Ref  13,14).  Clark  (Ref  4)  investigated 
low-frequency  combustion  instabilities  in  two-inlet,  side- 
dunp  ramjet  combustors  with  different  inlet  and  combus¬ 
tor  lengths.  The  results  of  these  studies  indicated  that  the 
dominant  instability  mode  was  approximately  the  same 
in  all  cases  (300  Hz)  and  could  be  associated  with  differ¬ 
ent  longitudinal  acoustic  modes,  depending  on  the  inlet 
and  combustor  lengths.  Clark  (Ref  4)  speculated  that  the 
fluid  dynamics  associated  with  the  dump  station  create 
a  mechanism  for  unsteady  heat  release.  Water-channel 
experiments  have  been  conducted  with  two-dimensional 
side-dump  devices  and  have  demonstrated  that  the  side- 
dump  inlet  configuration  creates  certain  unsteady  hydro- 
dynamic  features  (Ref  15,16).  First,  the  impingement  of 
the  two  inlet  flows  led  to  an  antisymmetric  flapping  mo¬ 
tion  of  the  two  jets.  Secondly,  unsteady  streamwise  vortic¬ 
ity  was  generated  in  the  stagnation  region  and  was  phase- 
locked  with  the  flapping  motion  of  the  jets.  This  vorticity 
generation  was  viewed  as  an  important  mixing  process 
in  chemically  reacting  flows.  Nosseir  and  Behar  (Ref  15) 
concluded  that  this  phenomenon  would  produce  periodic 
heat  release  due  to  the  enhanced  mixing  associated  with 
these  vortices.  Although  non-reacting  flow  experiments 
reveal  many  important  features  of  the  unsteady  flow  in 
side-dump  ramjet  combustors,  they  may  not  reproduce 
certain  mechanisms  found  in  reacting  flows  which  result 
from  heat  addition. 

To  investigate  instability  mechanisms  associated  with 
the  reacting  flowfield.  a  two-dimensional  premixed 
air/propane  side-dump  combustor  has  been  designed.  In 
the  present  study,  results  concerning  a  low-frequency  com- 
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bustion  instability  are  reported.  Images  from  Schlieren 
visualization  along  with  those  from  Ci  radical  light  emis¬ 
sion  reveal  a  complex  evolution  of  the  reacting  flowfield 
inside  the  combustor  during  the  instability  cycle.  We  be¬ 
gin  with  a  brief  presentation  of  the  experimental  set-up 
(Section  2).  The  combustor  behavior  and  dynamics  are 
described  in  Section  3.  A  detailed  analysis  of  an  unstable 
regime  is  given  in  Section  4  and  the  residts  obtained  are 
discussed  in  Section  5. 

2  EXPERIMENTAL  CONFIGURATION 

The  combustion  chamber  has  a  rectangular  cross-section 
of  70x60  mm2  and  is  340  mm  in  length  (Fig.  1).  It  is 
equipped  with  quartz  side-walls  to  allow  optical  access  and 
is  closed  at  one  end  (this  end  will  be  called  the  dome  wall). 
A  mixture  of  air  and  propane  is  injected  through  two  inlets 
with  rectangular  cross-sections  of  5x60  mm2  which  are 
located  on  the  top  and  bottom  walls  of  the  combustion 
chamber.  The  injection  sections  are  positionned  at  40  mm 
from  the  dome  wall.  The  upper  and  lower  combustor  walls 
are  ceramic  and  are  surrounded  with  a  layer  of  insulating 
material.  Ignition  is  achieved  using  a  spark  ignitor  located 
in  the  dome  wall. 

The  air  is  supplied  by  a  compressor  through  a  storage 
pressure  vessel  into  the  two  inlets  and  the  two  air  flows 
are  metered  by  sonic  nozzles.  Propane  is  metered  by  sonic 
nozzles  and  injected  into  each  duct  downstream  of  the  air 
flow  metering  section.  The  inlet  geometry  is  presented  in 
Fig.  2.  The  average  inlet  velocities  and  equivalence  ratios 
were  the  same  for  each  inlet  and  could  be  varied  from  15 
to  100  m/s  and  from  0  to  2.00,  respectively.  The  Reynolds 
number,  based  on  the  inlet  width,  ranges  from  4xl03  to 
2.5xl04. 

Pressure  oscillations  in  the  inlets  w/ re  measured  using 
flush-mounted  microphones  (Briiel  and  Ivjaer  type  4136). 
Pressure  fluctuations  in  the  combustion  chamber  were 
measured  with  a  “semi-infinite”  waveguide  microphone 
arrangement  fitted  in  the  dome  wall  (Fig. 3)  (Ref  17.18). 
The  waveguide  is  formed  of  a  tube  of  6  mm  inner  diameter 
and  30  meters  long.  A  microphone  is  mounted  perpendic¬ 
ular  to  the  waveguide,  at  22.6  cm  from  the  inner  part  of 
the  dome  wall.  In  this  system,  pressure  fluctuations  on 
the  dome  wall  propagate  in  the  waveguide  at  the  local 
speed  of  sound  and  are  dissipated  by  viscous  effects  in  the 
waveguide  termination  (Ref  19).  The  measured  pressure 
fluctuation  is  equivalent  to  the  pressure  fluctuation  on  the 
dome  wall,  phase-shifted  due  to  the  travel  time  between 
the  combustor  and  the  microphone  and  attenuated  bv  vis¬ 
cous  effects.  The  w  iveguide  is  water-cooled  and  fed  with 
nitrogen  in  order  to  maintain  a  constant  temperature  in¬ 
side  the  tube  and  to  control  the  travel  time  of  the  pressure 
waves  between  the  combustor  and  the  microphone.  These 
precautions  are  necessary  in  order  to  obtain  accurate  pres¬ 
sure  phase  angle  measurements.  Calibrations  performed 
during  the  experiments  indicated  that  the  average  error  in 
the  pressure  phase  angle  is  less  than  10  degrees  (Ref  20) 
Inlet  velocity  fluctuations  were  measured  using  a  constant 
temperature  hot-film  anemometer  (DISA  <717). 

The  light  emission  from  free  radicals  like  Cj  or  C H  exist¬ 
ing  in  the  entire  volume  of  the  combustion  chamber  was 
isolated  bv  an  interferential  filter  and  focused  onto  a  KM  I 
9871  B  photomultiplier.  This  signal  monitored  the  global 


heat  release  fluctuations.  Imaging  of  radical  species  from 
the  flame  was  performed  using  two  different  imaging  sys¬ 
tems.  The  resulting  images  provide  the  time-averaged  or 
phase-averaged  spatial  distribution  of  the  Ci  or  C H  light 
emission  integrated  over  a  line  of  sight.  Time-averaged  im¬ 
ages  were  obtained  with  a  CCD  video  camera  (PULNIX 
TM  440)  and  were  recorded  on  a  McIntosh  II  equipped 
with  an  ORKIS  frame-digitizer.  Phase-averaged  images 
representing  one  complete  instability  cycle  were  obtained 
using  an  intensified  CCD  camera  (Photometries  system 
200).  The  image  intensifier  (PCO  Computer  Optics)  was 
used  as  a  fast  shutter  with  time  exposures  of  50  ns.  This 
imaging  system  permitted  the  integration  of  multiple  im¬ 
age  exposures.  An  inlet  pressure  signal,  bandpass  filtered 
and  lime-delayed,  was  taken  as  a  reference  and  was  used 
to  control  the  multiple-triggering  of  the  intensifier.  The 
resulting  image  was  the  sum  of  approximately  160  expo¬ 
sures,  conditionnally  sampled  at  a  selected  phase  relative 
to  the  pressure  signal.  Phase-averaged  images  correspond¬ 
ing  to  different  phase  angles  were  obtained  by  varying  the 
time  delay  (Ref  21). 

A  high  speed  movie  camera  ( NAC  model  E-10  EE)  operat¬ 
ing  at  5000  frames/ 3  was  used  to  record  Schlieren  images. 
Signal  traces  from  pressure  measurements  and  global  Ci 
light  emission  measurements,  taken  simultaneously  with 
the  Schlieren  film,  were  used  to  sort  out  the  Schlieren  im¬ 
ages  corresponding  to  the  phase  angles  selected  for  the  C2 
emission  conditional  images. 

3  STABLE  AND  UNSTABLE  COMBUSTION 

The  difference  between  stable  and  unstable  combustion  in 
a  turbulent  combustor  is  often  subjective  and  these  terms 
need  to  be  defined.  In  the  present  study,  stable  com¬ 
bustion  is  defined  as  those  operating  regimes  where  the 
pressure  and  radical  light  emission  spectra  do  not  exhibit 
discrete  peaks.  Unstable  combustion  corresponds  to  op¬ 
erating  regimes  for  which  strong  peaks  exist  in  the  power 
spectra  and  indicate  that  a  combustion  instability  is  trig¬ 
gered. 

First,  we  present  visualizations  of  a  typical  stable  regime 
in  order  to  describe  the  structure  of  the  reacting  flow  (sec¬ 
tion  3.1)  and,  secondly,  we  identify  two  regimes  of  low- 
frequency  combustion  instability  (/  =  500  Hz)  (section 
3.2). 

3.1  Stable  combustion 

A  typical  regime  of  stable  combustion,  for  operating  con¬ 
ditions  of  Vinter =20  m/s  and  <£=0.85.  is  now  characterized 
with  Schlieren  visualization  and  time-averaged  CH  imag¬ 
ing. 

Schlieren  photographs  show  that  the  two  side  jets  are  bent 
towards  the  exhaust  and  interact  near  the  combustor  cen¬ 
terline  (Fig.  4a).  The  jet  counterflow  geometry  defines 
two  separate  regions  inside  the  test  section:  a  small  vol¬ 
ume  bounded  by  the  dome  wall  and  the  jets  (this  will 
be  called  the  “dome  zone")  and  the  remaining  volume 
extending  from  the  jets  to  the  exhaust  section  (this  will 
be  called  the  "main  zone”).  Near  the  injection  sections, 
the  interface  between  the  cold  jets  and  the  hot  recircu¬ 
lating  gases  is  well  defined  and  slightly  corrugated.  In 
the  region  where  the  jets  interact,  a  large  zone  of  small- 
scale  structures  can  be  seen,  spreading  mainly  towards 
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the  exhaust  section.  This  shows  that  the  flowfieki  is  two- 
dimensional  near  the  injection  section  and  becomes  three- 
dimensional  when  impingement  of  the  jets  on  the  combus¬ 
tor  centerline  occurs.  Furthermore,  the  mixing  layers  of 
both  jets  feature  high  frequency  vortices  (as  demonstrated 
by  Schlieren  films). 

A  comparison  of  the  Schlieren  photographs  and  the  CH 
emission  images  shows  the  location  of  the  reaction  zones 
relative  to  the  jets.  Time-averaged  CH  emission  image 
indicates  the  presence  of  two  distinct  zones  of  high  CH 
emission  intensity  separated  by  the  two  impinging  jets 
(Fig.  4b).  These  zones  are  distributed  near  the  center- 
line  of  the  combustion  chamber  and  will  be  referred  to  as: 
the  “dome  combustion  zone”  and  the  “main  combustion 
zone".  On  both  sides  of  the  two  jets,  elongated  regions 
of  significant  CH  emission  intensity  are  observed.  These 
zones  may  be  associated  with  combustion  within  the  mix¬ 
ing  layers.  The  dome  combustion  zone  is  located  close  to 
the  impingement  region.  In  this  region,  the  flow  is  decel¬ 
erated  due  to  the  counterflow  geometry  and  combustion 
may  easily  be  sustained.  The  main  combustion  zone  is 
located  at  about  5  cm  downstream  of  the  impingement 
region.  Small-scale  turbulence  is  generated  by  the  jet-on- 
jet  impingement  and  is  convected  towards  the  exhaust. 
In  this  case,  the  mixing  processes  between  the  entering 
cold  reactants  and  the  recirculating  products  are  greatly 
enhanced.  It  is  possible  that  the  distance  between  the 
jet  impingement  region  and  the  main  combustion  zone  is 
correlated  to  the  mean  axial  convection  speed  in  this  zone 
and  a  characteristic  ignition  delay  time. 

3.2  Unstable  combustion 

Two  low-frequency  unstable  modes  have  been  identified  : 
a  fuel-rich  mode  for  V,ni«t  around  20  m/s  and  i>  around 
1.20  and  a  fuel-lean  mode  for  around  17  m/s  and  <t> 

around  0.85.  Both  modes  are  characterized  bv  a  frequency 
close  to  500  Hz  corresponding  to  the  quarter-wave  mode 
of  the  combustion  chamber  (Ref  20).  This  frequency  ap¬ 
pears  on  all  signals  as  evidenced  bv  the  power  spectrum 
estimates  ( Fig.  5). 

In  the  following,  we  focus  on  the  fuel-rich  unstable  mode 
which  is  characterized  by  higher  pressure  and  heat  release 
fluctuations. 

4  DESCRIPTION  OF  THE  FUEL-RICH  UN¬ 
STABLE  REGIME 

In  this  section  we  examine  in  more  detail  a  fuel-rich  unsta¬ 
ble  mode  for  an  inlet  velocity  of  20  m/s  and  an  equivalence 
ratio  of  1.2.  This  unstable  mode  is  characterized  by  an  os¬ 
cillation  frequency  of  520  Hz  and  combustor  pressure  fluc¬ 
tuation  amplitudes  of  1000  Pa  Furthermore,  the  global 
Cj  emission  fluctuations  are  in  phase  with  the  pressure 
oscillations  in  the  chamber  and  exhibit  amplitudes  near 
to  15  %  of  the  mean  value.  A  first  harmonic  at  1010  Hz 
is  also  present  in  the  power  spectral  densities  (Fig.  5a), 
During  the  instability,  the  amplitude  of  the  inlet  velocity 
fluctuations  is  about  50  <  m / s ,  which  represents  2.5  %  of 
the  mean  inlet  velocity. 

To  better  understand  the  mechanisms  involved  hi  this 
combustion  instability,  the  analysis  of  one  instability  cycle 
has  been  performed  by  comparing  phase-averaged  (\  im¬ 
ages  with  Schlieren  photographs  taken  from  a  l(i  mm  high 


speed  film  (section  4.1).  Some  aspects  of  the  unsteady 
combustion  are  then  identified  :  pulsating  combustion  in 
the  dome  region  and  convection  of  reaction  zones  donw- 
stream  of  the  jet  impingement  region  (section  4.2).  In 
addition,  the  local  Rayleigh  index  is  plotted  to  determine 
the  locations  where  driving  and  damping  occur  (section 
4.3). 

4.1  Flowfield  visualisation 

Figure  6  shows  a  sequence  of  conditionally  averaged  Cz 
images  taken  at  equally- spaced  intervals  during  the  same 
instability(38°  or  0.2  ms).  Accompanying  the  phase- 
averaged  Cz  images  are  corresponding  Schlieren  images 
representing  the  same  phase  angles  during  the  cycle. 
These  images  show  the  first  14  cm  of  the  combustion 
chamber.  The  inlet  jets  undergo  a  “clapping”  type  motion 
which  is  symmetric  about  the  combustor  centerline.  The 
jets  impinge  upon  one  another  near  the  centerline  at  the 
moment  of  greatest  total  heat  release  (phase  angle  0°), 
as  determined  by  the  photomultiplier  signal.  After  this 
interaction,  the  jets  separate  and  bend  out  towards  the 
exhaust  plane.  Later  in  the  cycle,  the  jets  straighten  out 
and  eventually  meet  again  at  the  center  of  the  chamber. 

Comparison  of  the  Schlieren  and  phase-averaged  Cz  im¬ 
ages  shows  that  combustion  in  the  dome  region  is  strongly 
affected  by  the  instability.  At  phase  angle  0°,  two  separate 
burning  regions  are  seen  as  in  the  case  of  stable  combus¬ 
tion  (Fig.  4b):  a  lower  intensity  region  in  the  dome  (which 
has  just  been  formed)  and  a  large  region  of  high  combus¬ 
tion  intensity  corresponding  to  the  main  combustion  zone. 
Separating  these  two  zones  is  the  region  where  the  jets  of 
fresh  gases  interact  and  combustion  is  particularly  weak. 
The  high  reaction  rate  appears  in  the  Schlieren  image  as 
a  region  of  intense  three-dimensional  turbulence. 

Between  the  phase  angles  38°  and  191°,  the  overall  in¬ 
tensity  in  the  main  combustion  zone  decreases  while  the 
dome  combustion  zone  increases  in  both  size  and  intensity. 
During  this  period  the  jets  bend  toward  the  exhaust  plane. 
This  movement  of  the  jets  may  be  attributed  to  the  volu¬ 
metric  expansion  of  gases  produced  by  the  dome  combus¬ 
tion.  Between  the  phase  angles  229°  and  305°,  the  dome 
combustion  zone  accelerates  forward  and  merges  with  the 
main  combustion  zone,  creating  a  single  large  combus¬ 
tion  region.  However,  between  the  phase  angle  267°  and 
305°,  two  small  reacting  pockets  can  be  seen  to  burn  out¬ 
ward  from  the  single  combustion  zone  toward  the  entering 
gases.  At  phase  angle  343°,  convection  due  to  the  inlet  gas 
streams  has  forced  the  two  pockets  to  move  back  toward 
the  chamber  centerline,  where  they  coalesce  to  reform  the 
first  combustion  zone  in  the  dome  region. 

4.2  Unsteady  combustion  phenomena 

Unsteady  rombustion  phenomena  are  analyzed  by  sub¬ 
tracting  the  background  to  the  series  of  Cz  phase-averaged 
images.  The  new  images  represent  the  fluctuating  part  of 
the  heat  release  rate  field  The  background  image  only 
shows  one  combustion  zone  spreading  downstream  from 
the  jet-impingement  region,  which  ran  be  associated  with 
tile  main  combustion  zone  The  dome  combustion  zone, 
where  partial  extinction  is  observed  during  the  instability, 
does  not  appear  in  this  image  {Fig.  7) 
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The  sequence  of  images  of  fluctuating  heat  release  show 
a  complex  pattern  with  several  reaction  zones  (Fig.  8). 
The  displacement  of  the  dome  reaction  zone  towards  the 
exhaust  is  again  visible.  The  images  at  phase  angles  267° 
and  305°  show  the  creation  of  two  pockets,  aligned  with 
the  inlet  axis  and  symmetric  about  the  combustor  center- 
line,  while  the  previous  dome  combustion  zone  has  already 
moved  toward  the  exhaust.  These  pockets  were  already 
identified  in  Fig.  6  and  are  located  near  the  head  of  the 
jets  just  before  they  interact.  At  a  phase  angle  of  343“, 
the  jets  interact  and  the  pockets,  which  are  moving  with 
the  jets,  recreate  a  dome  combustion  zone. 

The  evolution  of  the  reaction  zones  can  be  reproduced  by 
plotting  their  axial  and  transverse  position  over  three  in¬ 
stability  cycles.  Figure  9a  shows  the  transverse  positions 
of  the  reacting  pockets  along  the  inlet  axis  as  well  as  the 
positions  of  the  elbows  of  the  jets.  These  pockets  are  cre¬ 
ated  at  each  cycle.  They  are  located  near  the  elbows  of 
the  jets  and  are  moving  together  towards  the  centerplane 
of  the  combustor  at  the  mean  inlet  velocity.  Figure  9b 
shows  the  axial  position  of  the  reaction  zones  along  the 
centerplane  of  the  combustor.  It  can  be  seen  that  the 
dome  combustion  zone  is  created  when  the  reacting  pock¬ 
ets  merge  in  the  dome  region.  This  reacting  zone  stays 
approximately  at  the  same  position  for  about  one  half  cy¬ 
cle.  Then  it  moves  towards  the  exhaust  at  an  average 
velocity  of  about  20  m/s  which  is  close  to  the  bulk  veloc¬ 
ity  in  the  hot  gases.  These  results  show  that  convective 
processes  are  present  along  the  inlet  axis  as  well  as  along 
the  combustor  centerplane. 

Furthermore,  Fig.  9b  shows  that  the  life-time  of  the  re¬ 
action  zones  is  about  three  instability  cycles.  Convection 
of  a  burning  region  present  in  the  flow  during  three  cy¬ 
cles  explains  the  complex  pattern  of  the  fluctuating  heat 
release  sequence  (Fig.  8).  The  image  of  phase  angle  114° 
shows  the  presence  of  three  zones  along  the  centerline  of 
the  combustor  that  we  shall  call  first,  second  and  third 
zones.  As  we  have  just  seen,  the  first  zone  comes  from  the 
interaction  of  reacting  pockets  convected  by  the  jets.  The 
sequence  from  phase  angle  191°  to  305°  shows  that  the 
second  zone  corresponds  to  the  first  zone  of  the  previous 
cycle  that  has  been  convected  downstream.  In  a  similar 
way,  the  third  zone  corresponds  to  the  second  zone  of  the 
previous  cycle,  and  to  the  first  zone  two  cycles  before. 

If  we  now  look  at  the  phase  velocity  of  the  reaction  zones 
along  the  combustor  central  axis  we  observe  that  unsteady 
combustion  occurs  in  two  different  wavs  :  1)  in  the  dome 
combustion  zone,  this  velocity  is  close  to  zero,  2)  down¬ 
stream  of  the  jet  impingement  region,  this  velocity  is  close 
to  the  mean  axial  velocity  in  the  hot  gases  (see  Fig.  9b). 
We  can  deduce  that,  in  the  dome  region,  unsteady  com¬ 
bustion  occurs  in  a  pulsating  way  whereas  donwstream  it 
occurs  in  a  convective  way.  This  is  also  characteristic  of 
the  fuel-lean  combustion  instability  (Ref  20).  Unsteady 
combustion  phenomena  are  different  on  both  parts  of  the 
jet  impingement  region. 

4.3  Rayleigh  criterion 

The  coupling  between  pressure  and  heat  release  fluctua¬ 
tions  is  generally  viewed  as  the  main  mechanism  of  com¬ 
bustion  instabilities  in  practical  combustors  (Ref  7)  As 
a  result,  the  correlation  between  fluctuations  in  pressure 


and  heat  release  may  be  used  to  express  a  condition  for 
which  the  driving  of  combustion  instabilities  may  occur. 
This  condition,  known  as  Rayleigh’s  criterion,  is  expressed 

by  : 

R=“  J  J  p(x,t)g(x,l)dtdx  >  0 

where  T  is  the  instability  period,  V  is  the  volume  of  the 
combustion  chamber,  t  is  time  and  x  is  the  location  of  a 
point  in  the  combustor.  A  local  form  of  this  expression  is 
given  by  the  local  Rayleigh  index  which  is  defined  as  : 

R(x)  =  f  J  p(x,t)q(xj)dt 

In  the  present  experiment,  most  of  the  heat  release  oc¬ 
curs  within  the  first  14  cm  of  the  combustion  chamber 
(as  evidenced  by  the  phase-averaged  images).  The  com¬ 
bustion  zone  is  compact  in  comparison  with  the  acoustic 
wavelength.  Hence,  the  pressure  may  be  assumed  con¬ 
stant  in  phase  and  amplitude  within  the  combustion  zone 
and  the  Rayleigh  criterion  may  be  expressed  by  the  cor¬ 
relation  between  the  pressure  oscillations  on  the  dome 
wall  and  the  global  heat  release  fluctuations  Q(t),  where 
Q(t)  =  Jvq(x,t)dx.  As  mentioned  above,  the  pres¬ 
sure  oscillations  on  the  dome  wall  are  in  phase  with  the 
global  Ci  emission  fluctuations,  and  as  a  consequence,  the 
Rayleigh  index  R  is  positive:  driving  occurs  and  the  in¬ 
stability  is  sustained. 

Although  the  global  heat  release  Q(t)  is  in  phase  with 
pressure  (R  >  0),  there  are  regions  in  the  flow  which  damp 
the  oscillation  ( R(x)  <  0)  as  well  as  regions  which  enhance 
it  (R(x)  >  0).  In  order  to  determine  the  regions  where 
driving  or  damping  occurs,  the  two-dimensional  distribu¬ 
tion  of  the  local  Rayleigh  index  is  computed  from  the  Cj 
phase-averaged  images.  This  result  reveals  the  complex¬ 
ity  of  this  unstable  regime  (Fig.  10).  Several  zones  of 
damping  and  driving  are  observed.  Acoustic  energy  ap¬ 
pears  to  be  dissipated  in  the  dome  combustion  zone,  and 
amplified  in  the  main  combustion  zone.  In  addition,  two 
pockets  representing  positive  Rayleigh  index  are  located 
on  both  sides  of  the  dome  combustion  zone,  relative  to 
the  centerline  of  the  combustion  chamber.  The  overall  ef¬ 
fect  may  be  determined  by  integrating  the  local  Rayleigh 
index  over  the  whole  image.  This  calculation  results  in 
a  positive  value  indicating  that  energy  is  added  to  the 
acoustic  field  and  this  result  is  consistent  with  the  global 
Rayleigh  index  previously  computed. 

5  DISCUSSION 

5.1  Comparison  to  cold  flow  experiments 

Stable  and  unstable  combustion  are  characterized  by  a 
symmetric  behavior  of  the  combustor  flow  relative  to  the 
centerline  and  by  the  existence  of  two  reaction  zones.  An- 
tisvmmetric  flapping  of  the  jets,  evidenced  by  cold  flow 
experiments  in  side-dump  geometries,  was  not  observed 
in  most  reacting  cases  probably  because  of  dilatation  and 
acceleration.  For  unstable  combustion,  symmetric  acous¬ 
tic  modes  are  preferentially  excited  because  the  flame  po¬ 
sition  is  symmetric  relative  to  the  two  inlets. 
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5.2  Driving  mechanism 

Different  processes  are  involved  in  this  combustion  insta¬ 
bility:  the  quarter-wave  mode  of  the  combustion  chamber, 
the  jet  dynamics  and  the  combustion  zone  fluctuations. 
The  Rayleigh  index  distribution  shows  that  the  instability 
is  driven  by  the  coupling  between  the  pressure  oscillations 
in  the  combustion  chamber  and  the  convection  of  reaction 
zones  downstream  of  the  jet  impingement  region. 

This  can  be  modelled  in  the  following  way.  Let  us  consider 
a  one  dimensional  flowfield  experiencing  pressure  oscilla¬ 
tions  with  a  constant  phase  and  amplitude  distribution  at 
a  frequency  /.  Because  of  the  low  oscillation  frequency, 
the  spatial  distribution  of  the  pressure  field  over  the  re¬ 
acting  zone  may  be  neglected  and  we  can  write  : 

p(z,  t)  =  Pcos(2x/<) 

Now,  if  we  examine  a  spatial  perturbation  of  heat  release 
convected  at  a  constant  speed  V,  the  local  heat  release 
may  be  written  as  : 

q(x,t)  =  Q cos[2t(z  -  Vi)/\] 

The  local  Rayleigh  index  would  be  expressed  by  : 

R(i)  =  PQcos(2ir  fr /V) 

For  this  idealized  model  the  Rayleigh  index  distribution 
would  have  a  sinusoidal  pattern  with  wavelength  A  =  V j /, 
and  would  show  a  succession  of  damping  and  driving 
zones.  The  average  wavelength  associated  with  the  pat¬ 
tern  of  phase  angle  114°  in  Fig.  8  is  approximately  /// 2 
where  H  is  the  height  of  the  combustor.  It  is  also  the 
wavelength  associated  with  the  pattern  of  the  Rayleigh 
index  distribution,  both  in  the  dome  region  along  the  in¬ 
let  axis  and  in  the  main  region  along  the  combustor  cen¬ 
terline  (Fig.  10).  The  average  convection  speed,  deduced 
from  the  wavelength  and  the  frequency,  is  close  to  the  jet 
inlet  velocity.  It  appears  that  the  distribution  of  the  lo¬ 
cal  Rayleigh  index  may  be  explained  by  the  convection 
of  reaction  zones  in  a  sinusoidally  time-varying  pressure 
field. 

6  CONCLUSION 

This  paper  describes  a  study  of  a  two-dimensional  two- 
inlet  side-dump  combustor  fed  with  a  mixture  of  air  and 
propane.  The  present  results  concern  symmetric  operat¬ 
ing  conditions  with  respect  to  the  two  inlets.  Stable  and 
unstable  regimes  have  been  identified  which  depend  on  the 
inlet  velocity  and  the  equivalence  ratio  Schlieren  visual¬ 
ization.  radical  imaging  with  an  intensified  CCD  camera 
and  simultaneous  pressure,  inlet  velocity  and  O  emission 
light  measurements,  have  been  used  to  characterize  the 
combustor  behavior. 

Imaging  of  the  flowfield  has  provided  an  insight  on  the 
flame  structure  and  its  interaction  with  the  entering  jets. 
The  geometry  of  the  flowfield  inside  the  combustion  cham¬ 
ber  with  or  without  instability  is  symmetric  with  respect 
to  the  combustor  centerline  For  stable  combustion,  the 
flowfield  was  characterized  by  the  preseme  of  two  zones 
of  intense  heat  release  located  on  both  sides  of  the  jet 


impingement  region  and  were  distributed  along  the  com¬ 
bustor  centerline. 

An  unstable  fuel-rich  regime  =  20  m/s,  <p  =  1.2, 

/  =  520  Hz)  was  studied  using  a  conditional  imaging 
technique.  The  quarter-wave  mode  of  the  combustor  is 
excited  during  the  instability  and  was  associated  with  a 
complex  evolution  of  the  jets  and  the  flame.  Pressure  fluc¬ 
tuations  in  the  test  section  were  in  phase  with  the  global 
Ci  emission,  indicating  that  the  instability  was  sustained 
by  energy  addition  to  the  acoustic  field.  Detailed  analysis 
of  Schlieren  photographs  along  with  C?  phase-averaged 
images  showed  that  oscillatory  motion  of  the  jets  is  ac¬ 
companied  by  severe  oscillations  of  the  flame  zones.  A 
two-dimensional  distribution  of  the  Rayleigh  index  as  well 
as  images  of  the  unsteady  reaction  rate  in  the  combustor 
suggested  that  the  instability  was  due  to  convection  of  re¬ 
action  zones  along  the  combustor  axis.  These  zones  were 
initially  generated  by  the  periodic  impingement  of  the  jets 
on  the  symmetry  axis. 

Added  information  concerning  the  fuel-lean  instability 
will  be  presented  in  a  future  publication.  It  appears  that 
instabilities  may  also  be  driven  by  the  pulsating  combus¬ 
tion  in  the  dome  region.  This  shows  that  even  in  our 
idealized  geometry  the  coupling  mechanisms  leading  to 
low-frequency  combustion  instabilities  are  not  unique  and 
illustrates  the  difficulty  of  devising  predictive  models. 
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Figure  1:  Schematic  view  of  the  combustion  chamber. 
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Figure  3:  Detail  of  the  waveguide  used  for  pressure  oscil¬ 
lations  measurements  on  the  dome  wall  of  the  combustion 
chamber. 
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Figure  9:  Axial  and  transverse  positions  of  the  reactions 
zones  over  three  instability  cycles,  a)  Transverse  position 
of  the  reacting  pockets  (circles)  and  of  the  elbows  of  the 
jets  (dots)  along  the  inlet  axis  (vertical  axis),  as  deduced 
from  Fig.  8  and  Fig. 6.  b)  Axial  positions  of  the  reaction 
zones  along  the  central  axis  of  the  combustor  (horizontal 
axis),  as  deduced  from  Fig.  8. 
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Discussion 

Question  from  M.  PHILPOT.  DRA.  UK 

Is  the  combustion  instability  problem  sensitive  to  axial  position  of  air  inlets  ports  ? 

Flow  visualisations  suggested  an  impedance  mismatch  at  the  air  injection  plane, 
so  that  the  lean  bum  instability  appeared  to  be  forming  its  own  local  oscillation  in  the  dome.  If 
the  air  entered  at  the  dome  would  this  part  of  the  phenomenons  not  be  present  ? 


Author's  reply 

The  instability  is  sensitive  to  the  axial  position  of  the  inlet  ports.  In  fact, 
geometrical  parameters  such  as  the  lenght  of  the  chamber,  the  width  of  the  channel  and  the  jet 
orientation  also  influence  the  mode  selection  process.  Preliminary  experiments  carried  on 
smaller  scale  combustors  (one  experiment  was  even  conducted  on  a  side  dump  burner  having 
the  size  of  a  matchbox)  indicated  that  the  pattern  of  energy  release  strongly  depends  on  the 
geometry.  When  the  size  of  the  dome  is  reducted  to  a  certain  point,  it  becomes  difficult  to  reach 
a  stabilized  regime  of  combustion.  At  least,  this  is  what  we  have  observed  when  the  model  is 
fed  with  a  mixture  of  air  and  propane  at  room  temperature.  However,  combustion  is  more 
aesily  stabilized  even  with  a  small  dome  if  the  reactant  stream  temperature  is  much  higher  as  is 
the  case  in  real  devices.  Experiments  with  a  warm  stream  of  reactants  have  not  been  carried-out 
in  our  laboratory. 

Concerning  the  impedance  behaviour  invoked  in  the  question,  it  is  not  easy  to 
give  a  definite  answer  because  we  have  no  measurments  of  the  velocity.  It  is  true  however  that 
in  the  lean  instability  mode  the  fluctuations  in  the  dome  seem  to  be  isolated  from  those  taking 
place  in  the  main  combustion  region  located  downstrem  of  the  jet  impingement  point. 


Question  from  M.  VALAZZA 

You  showed  combustion  instabilities  at  medium  frequency  related  with  air  inlets. 
Live  tests  show  that  in  every  case,  there  are  combustion  instabilities  at  high  frequency.  How  do 
you  explain  this  phenomenom  ? 


Author's  reply 

It  very  difficult  to  transpose  tests  at  small  scale  to  live  tests  besause  of 
differences  in  functionning  parameters,  geometry  and  usable  energy.  Interaction  with  lateral 
flows  is  also  different.  However  mechanisms  of  combustion  instabilities  that  appear  in  our  tests 
can  also  appear  at  higher  frequencies  when  coupled  with  tangent  modes.  Other  tests  have  to  be 
performed  in  cylindrical  geometry  to  see  how  flow  and  combustion  combine  to  generate 
combustion  instabilities.  Numerical  simulations  can  also  be  used. 
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1.  ABSTRACT 

The  influences  of  flow  rate,  fuel  air  ratio  and  bluff  body 
geometry  on  the  predominant  frequencies  of  combustion- 
driven  oscillations  were  measured  in  a  tube  and  disc 
combustor. 

Small  shifts  in  major  frequencies  were  observed  for 
different  stabilizer  geometries.  By  changing  mass  flow  rate 
and  at  high  velocities  by  changing  the  F/A  ratio,  discrete 
jumps  in  the  frequency  of  large  amplitude  oscillations  were 
produced  in  some  of  the  configurations. 

Measurements  of  the  wall  pressure  oscillations  amplitude 
along  the  cold  duct,  upstream  from  the  flameholder 
confirm  the  presence  of  an  acoustic  three  quarter  wave. 
Changes  in  the  cold  duct  length  implies  a  difference  in  the 
main  frequency  of  the  pressure  oscillations  spectrum  that 
was  found  to  agree  with  the  difference  between  two 
acoustic  3/4  waves  corresponding  to  the  two  tube  lengths. 

2.  NOMENCLATURE 

<j>  -  Equivalence  Ratio 

u  -  Mean  Axial  Velocity  in  the  Flame  Holder  Inlet  Plane 
f  -  Frequency 
1  -  Cold  Duct  Length 
F/A  -  Fuel  to  Air  Ratio 
d  -  Flame  Holder  Diameter 


3.  INTRODUCTION 

Combustion  instabilities  are  present  in  every  combustion 
chamber  but  the  ramjet  engine  and  the  gas  turbine  engine 
afterburner  are  the  two  most  well  known  examples:  low 
frequency  oscillations  induce  structural  vibrations  in  the 
engine  and  the  feeding  lines  leading  to  material  and 
operational  problems. 


The  unstable  mode  affects  the  blow  off  limits,  the 
combustion  efficiency  and  greatly  enhances  heat  transfer 
rates  on  the  combustion  chamber  surfaces.  These  problems 
have  been  extensively  addressed  in  the  past  both  from 
experimental  and  theoretical  approaches. 

The  complex  phenomena  that  are  present  in  oscillating 
combustion  have  so  far  prevented  the  attainment  of 
complete  physical  understanding. 

The  purpose  of  this  paper  is  to  examine  some  aspects  of  the 
interaction  between  fluid  dynamics  and  acoustic  instabilities 
and  in  particular  to  quantify  the  effects  on  amplitude  and 
identify  certain  conditions  of  the  onset  of  combustion 
oscillations  in  a  tube  and  disc  burner. 


4.  EXPERIMENTAL  APPARATUS 

Fig.l  shows  the  combustion  rig  located  at  1ST,  Lisbon, 
Portugal.  It  is  constructed  of  stainless  steel  tube  of  72  mm 
I.D.  with  a  variable  length.  The  fixed  portion  in  the  present 
test  section  is  695  mm  long  attached  to  a  600  mm  or  1000 
mm  long  combustor  exhaust.  At  the  inlet  to  the  cold  tube 
screens  and  honeycomb  are  installed  to  straighten  the  flow 
coming  from  the  air  supply  through  a  tube  1805  mm  long. 
The  fuel,  propane,  is  injected  normal  to  the  flow  at  a 
distance  of  200  mm  from  the  inlet  through  a  7  mm  diameter 
tube,  through  5  holes,  into  the  upstream  direction  to  ensure 
good  mixing.  The  working  section  has  to  two  sets  of  access 
ports,  with  a  pitch  of  50  mm.  The  ports  can  be  used  for 
pressure  measurements,  ionization  probes,  and 
thermocouples.  It  is  also  equipped  with  three  quartz 
windows  which  give  optical  access  to  the  flame  downstream 
of  the  flame  stabilizer.  A  fourth  window  is  used  to  support 
the  ignition  spark  plug  and  the  radial  traversing  mechanism. 

Fig.2  depicts  the  general  scheme  of  the  rig.  Air  is  supplied 
by  high  pressure  centrifugal  fan  through  two  Rottameters 
(R1,R2)  with  maximum  flow  rate  of  80  gram/sec  and  one 
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Rottameter  (R3)  with  a  maximum  capacity  of  4  g ram/ sec. 
The  fuel  is  supplied  from  eight  propane  bottles,  45  Kg 
each.  The  fuel  Rottameters  (R4,R5)  have  a  maximum 
capacity  of  4  gram/sec  and  0.6  gram/sec,  respectively.  The 
maximum  power  output  in  the  combustion  chamber  is  in 
the  range  40  to  100  kW.  Ignition  is  obtained  by  a  spark 
plug  operated  manually  by  switch  (12). 

The  flame  stabilizers  were  supported  in  the  center  of  the 
duct  by  four  2  mm  diameter  rods  which  extended  from  an 
external  ring  support  ,  Fig. 3.  The  ring  had  an  outer 
diameter  slightly  less  than  72mm  to  fit  inside  the 
combustor  tube.  It  had  a  tapered  cross-section  with  a 
maximum  thickness  of  3mm  to  minimized  disturbance  to 
the  flow.  All  the  flame  holders  had  a  diameter  of  40  mm 
with  a  blockage  ratio  of  39%  including  the  support,  except 
flame  holder  H,  a  disc  with  32mm  diameter. 

The  stabilizer  can  be  located  in  any  position  along  the 
combustor.  In  the  present  tests,  the  stabilizer  was  mounted 


at  360  mm  or  760  mm  from  the  combustor  exit,  with  the 
upstream  length  constant  (  1=  2740  mm  ). 

Table  1  describes  the  flame  holder  configurations  tested. 
The  different  geometries  are  shown  in  Fig. 4.  The  disc  flame 
holder  (A)  was  5mm  thick.  Configuration  B  had  a  circular 
cross-section  in  the  upstream  side  and  a  corrugated  star¬ 
shaped  base  in  the  downstream  side,  with  eight  fold 
symmetry.  The  inner  diameter  was  20  mm  and  the  stabilizer 
length  20  mm.  Configuration  C  had  an  equal  geometry  but 
the  circular  cross-section  was  in  the  downstream  side  and 
the  star-shaped  base  in  the  upstream  side.  Configurations  D 
and  E  were  identical  to  configurations  B  an  C  respectively 
except  for  the  length  that  was  double  (  40  mm  ). 
Configuration  F  was  a  'cone*  with  the  base  facing 
upstream,  the  cone  had  steps  in  the  external  and  in  the 
internal  surface.  Configuration  G  was  geometrically 
identical  to  configuration  F  but  the  'cone'  base  was 
pointing  downstream.  Configuration  H  was  a  disc  with  a 
32mm  diameter. 


Configuration 

code 


Flame  holder  geometry 

Center  ventilation 

Open  Closed 

Disc 

— 

A2 

Short  Star  facing  Downstream 

B1 

B2 

Short  2*ar  facing  Upstream 

Cl 

C2 

Long  Star  facing  Downstream 

D1 

D2 

Long  Star  facing  Upstream 

El 

E2 

Stepped  Cone,  base  facing  Upstream 

FI 

F2 

Stepped  Cone,  base  facing  Downstream 

G1 

G2 

Disc  (  diameter  =32mm) 

-- 

H2 

To  measure  static  pressure  fluctuations  a  Kistler  pressure 
transducer  Model  2I1B5  was  used,  with  an  amplifier 
Model  5 108.  The  maximum  frequency  response  was  5  kH7. 
The  measurements  were  performed  upstream  of  the 
stabilizer  in  the  cold  pipe. 

A  data  acquisition  system  was  used,  Data  Translation 
Model  2824-PGL  analog  to  digital  converter  with  a 
maximum  sampling  rate  of  50  000  sample  per  second, 
DMA  and  12  bit  resolution,  A  sampling  rate  of  5000 
sample  per  second  was  used  in  most  of  the  pressure 
measurements. 

The  data  was  processed  in  an  1BM-PC,  AT  microcomputer. 


5.  RESULTS  AND  DISCUSSION 

5. 1  Measurements  along  the  cold  tube,  upstream  from 
the  flame  holder. 

In  order  to  detect  the  presence  of  a  standing  longitudinal 
wave  in  the  cold  duct,  upstream  from  the  flame  holder, 
axial  measurements  of  the  wall  static  pressure  oscillations 
along  the  duct  were  made  with  two  different  flame  holders, 
E2  and  H.  With  flame  holder  H  two  values  of  the 
equivalence  ratio  were  tested:  0=1  and  0  =  1 .2. 

Fig. 5  shows  the  variation  of  the  wall  pressure  oscillations 
amplitude  at  the  spectrum  main  frequency  along  the  cold 
duct.  The  presence  of  the  second  harmonic  of  an  acoustic 
quarter  wave  frequency  (three-quarter  wave)  in  the  duct  is 
detected  in  all  tested  cases.  The  spectrum  main  frequency 
measured  was  around  104  Hz.  This  value  agrees  with  the 
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wave  length  of  the  measured  standing  wave. 

The  wave  amplitude  changes  with  the  flame  holder 
geometry  and  with  the  F/A  ratio  as  it  has  been  shown  in 
Gutmark  et  all  (1990).  At  each  wall  pressure  trap  the 
amplitude  of  the  pressure  oscillations  depends  from  the 
flame  holder,  the  axial  velocity  and  the  equivalence  ratio. 

5.2  Influence  of  the  upstream  duct  length 
In  order  to  study  the  influence  of  the  cold  duct  length  in 
the  frequency  spectrum  of  the  wall  static  pressure 
oscillations,  a  430mm  tube  was  attached  upstream  from  the 
flame  holder  to  the  existing  2740mm  tube,  making  the  new 
cold  duct  3170mm  long. 

Measurements  with  both  tube  lengths  were  made  at  a 
pressure  tap  located  360mm  upstream  from  the  flame 
holder  with  two  different  axial  velocities,  u=5m/s  and 
u=  15m/s.  The  velocities  referred  along  this  paper  are  mean 
velocities  in  the  inlet  plane  of  the  flame  holder.  The  flame 
holder  used  in  this  set  of  experiments  was  the  smaller  disc 
(flame  holder  H,  D=32mm). 

It  was  noted  that,  in  order  to  compare  these  two  cases,  and 
as  it  will  be  shown  later,  for  each  duct  length  the  main 
frequency  changes  with  axial  velocity,  with  fuel/air  ratio 
and  with  the  presence  or  the  absence  of  noise  (  rough 
combustion). 

Fig. 6  plots  the  main  frequency  of  the  wall  pressure 
oscillations  spectrum  and  its  respective  amplitude  measured 
with  the  two  cold  duct  lengths.  There  was  a  decrease  in  the 
main  frequency  value  with  the  increase  in  velocity  in  both 
cases  and  also  a  decrease  in  the  frequency  when  the  cold 
duct  increases,  as  it  was  expected.  The  amplitude  decreases 
with  the  increase  in  velocity,  but  there  was  an  increase  in 
amplitude  with  the  cold  duct  length. 

Fig. 6  also  shows  that  the  main  frequency  detected  in  the 
pressure  oscillations,  at  u  =  5m/s,  was  f=  106Hz  for  a  cold 
tube  length  of  2740mm,  and  f=89Hz  for  a  tube  length  of 
3170m,  equivalence  ratio  <£=1.22  and  <£=1.32.  This 
difference  in  frequency  corresponds  to  the  difference 
between  two  3/4  standing  waves  existing  in  the  two  tubes. 

The  pressure  oscillations  amplitude  in  both  cases  was  high, 
corresponding  to  the  production  of  intense  noise  (rough 
combustion). 

For  this  velocity  (u  =  5m/s),  the  two  cases  had  low  pressure 
oscillations  amplitude  (  25-29  Pascal)  and  the  main 
frequency  was  respectively  96Hz  and  84  Hz,  difference  that 
also  agrees  with  the  difference  between  two  acoustic  waves 
corresponding  to  the  two  tube  lengths. 

For  an  axial  velocity  of  u=  15m/s  the  only  two  cases  that 
are  comparable  are  for  <£=1.02  where  the  amplitude  is  of 


the  same  order  of  magnitude.  The  corresponding  frequencies 
are  89Hz  and  80Hz,  difference  that  also  agrees  with  the 
difference  between  the  two  tube  lengths. 

For  <£=1.15  and  ^=1.29,  u=15m/s,  and  the  shorter  cold 
tube,  the  pressure  oscillations  amplitudes  are  much  smaller 
than  with  the  longer  cold  tube,  the  difference  between  the 
two  main  frequencies  in  this  situation  does  not  agree  with 
the  difference  between  the  two  tube  lengths.  This 
corresponds  to  different  interactions  of  the  periodic  heat 
release  with  the  acoustic  wave,  along  with  Rayleigh 
criterion. 


5.3  Influence  of  the  combustion  chamber  length. 

To  study  the  influence  of  the  combustion  chamber  hot 
length  in  the  predominant  frequency  of  the  pressure 
oscillations,  a  400mm  tube  was  attached  to  the  end  of  the 
previous  combustion  chamber,  the  total  hot  length  becoming 
760mm. 

Tests  were  performed  with  the  different  flame  holders,  but 
the  pressure  oscillations  in  some  conditions  were  so  intense 
that  it  was  not  feasible  to  carry  on  with  the  experiments. 

Only  with  flame  holder  C2  (short  star  facing  upstream)  we 
were  able  to  get  a  full  set  of  measurements.  Fig.  7  shows 
for  a  constant  equivalence  ratio  <£=  1,  the  change  of  the 
predominant  frequency  with  the  axial  velocity.  An  increase 
in  the  predominant  frequency  with  the  increase  of  axial 
velocity  is  observed. 

With  the  increase  in  the  velocity  the  amplitude  of  the  main 
frequency  (  around  108HZ)  decreases  and  new  frequencies 
arise  in  the  spectrum  at  f=145Hz  and  for  the  higher 
velocity(  u=  16.45m/s)  at  f=233  Hz. 

The  same  behavior  can  be  observed  in  Fig.  8  where  for  a 
constant  velocity  u=16.45m/s,  the  equivalence  ratio 
changes.  For  lean  or  rich  mixtures  the  predominant 
frequency  is  around  109Hz,  increasing  slightly  this  value  as 
we  approached  stoichiometry.  Near  the  stoichiometric 
mixtures  the  amplitude  at  this  frequency  decreases  and  a 
new  frequency  becomes  predominant  (f=240  Hz).  In  Fig. 9 
it  can  bee  observed  that  for  a  lower  velocity  (u=8.22m/s) 
the  pressure  oscillations  spectrum  changes  also  with  the 
equivalence  ratio,  but  at  this  velocity  the  jump  in  frequency 
for  <£=  1  did  not  occur  as  for  the  higher  velocity.  A 
decrease  in  the  amplitude  at  109Hz  was  noted,  and  new 
frequencies  appeared  in  the  spectrum  but  the  109Hz  was 
still  predominant. 

Therefore  it  could  be  concluded  that  an  increase  in  the 
main  frequency  was  related  to  the  increase  in  power  release 
in  the  combustion  chamber. 

With  a  smaller  combustion  chamber,  and  with  the  same 
flame  holder,  Fig.  10  shows  the  spectrum  changes  with  the 
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axial  velocity  at  a  constant  equivalence  ratio  0  =  1 . 

At  low  velocities  the  predominant  frequency  was  still 
between  103-107Hz,  but  increasing  the  velocity  the 
amplitude  of  the  main  frequency  decreases  and  at  very  high 
velocities  (u=  13. 16m/s)  the  spectrum  does  not  present  any 
predominant  frequency. 

Fig.  11  shows  the  main  frequencies  and  its  respective 
amplitudes  measured  with  flame  holder  A2  (  disc 
d = 40mm)  at  a  constant  equivalence  ratio  0  =  1,  and 
different  axial  velocities. 

At  low  velocities  there  was  a  jump  in  the  main  frequency 
of  the  pressure  oscillations  between  108  and  103  Hz 
corresponding  to  a  high  or  low  value  of  the  amplitude 
(presence  or  absence  of  noise(rough  combustion)). 

Increasing  the  velocity  the  main  frequency  detected  was 
around  103Hz  and  did  not  depend  on  the  pressure 
oscillations  amplitude. 

The  frequency  jumps  measured  with  changes  in  the  axial 
velocity  ,  using  flame  holder  C2,  have  been  observed  for 
the  other  flame  holders  with  the  shorter  combustion 
chamber. 


5.4  Influence  of  combustion  chamber  wall  temperature. 
It  was  noted  that  for  a  short  time  after  start  up,  i.e.,  in  the 
first  minutes  of  the  tests  when  the  flame  holder  and  the 
combustion  chamber  wall  were  still  cold,  no  rough 
combustion  was  observed.  Only  after  several  minutes, 
when  wall  temperature  was  higher,  rough  combustion  was 
detected.  No  measurements  of  wall  temperatures  were 
performed. 

Fig.  12  shows  the  wall  pressure  oscillation  spectrum 
measured  with  flamehoder  H  (disc  d  =  32mm),  just  after 
ignition  (  case  a)  and  after  10  minutes  of  operation  (case 
b):  A  shift  in  the  predominant  frequency  from  98Hz  to 
107Hz  and  a  4  time  increase  in  amplitude  were  observed. 
The  difference  in  amplitude  is  such  that  in  the  cold 
condition  the  sound  intensity  is  low  and  no  rough 
combustion  is  detected. 


6.  CONCLUSIONS 

The  presence  of  a  standing  wave  has  been  detected  in  the 
cold  tube  corresponding  to  a  3/4  acoustic  wave  with  a 
pressure  node  near  the  flame  holder. 

A  change  in  the  cold  tube  length  origins  a  shift  in  the  main 
frequency  of  the  pressure  oscillations  that  agrees  with  a 
change  in  the  identified  3/4  standing  wave  inside  the  tube. 
This  agreement  happens  only  for  conditions  when  the 
pressure  oscillations  amplitude  are  of  the  same  order  of 


magnitude. 

The  main  frequencies  of  the  pressure  oscillations  detected  in 
the  spectrum  can  change  due  to: 

-  for  lower  velocities,  with  fuei/air  ratio  near  stoichiometry, 
the  main  frequency  had  a  slight  shift  (103Hz  to  109Hz)  but 
the  amplitude  increased  drastically  (corresponding  to  a  large 
increase  in  noise  production). 

-  for  higher  velocities,  the  same  behavior  of  the  frequency 
and  its  amplitude  was  observed,  but  near  stoichiometry,  a 
jump  in  the  main  frequency  to  a  higher  harmonic  was 
observed,  accompanied  by  a  decrease  in  amplitude. 

It  has  also  been  detected  that  the  influence  of  the 
combustion  chamber  hot  length  was  important,  because  in 
this  situation  if  the  combustion  chamber  is  short,  part  of  the 
flame  outcomes  from  the  combustion  chamber  with  an 
important  part  of  the  heat  release  happening  outside  the 
combustion  chamber.  This  induced  a  diminishing  of  the 
amplitude  of  the  pressure  oscillations  and  in  some  cases  to 
the  total  absence  of  a  predominant  frequency  in  the  pressure 
oscillations  spectrum  was  observed. 

This  set  of  results  showed  an  interaction  between  the  heat 
release  rate  inside  the  combustion  chamber  and  the 
amplitude  and  frequency  of  the  pressure  oscillations  in  the 
cold  tube. 
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Fig. 5  Pressure  oscillations  amplitude  at  the  spectrum  main  frequency  along  the  cold  duct, 
upstream  from  the  flame  holder. 
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Fig.  6  Variation  of  the  pressure  oscillations  main  frequency  and  its  amplitude  with  the  F/A  ratio 
for  two  cold  duct  lengths  and  two  different  axial  velocities.  Flame  holder  H. 
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Variation  of  the  wall  pressure  oscillations  spec true  with  the  axial  velocity, 
for  a  long  combustion  chamber  (1-7 60m)  and  constant  F/A  ratio. 


Amplitude  (Pascal) 


frequency  (Hz) 

Fig. 8  Variation  of  the  wall  pressure  oscillations  spectrum  with  the  F/A  ratio 
constant  axial  velocity.  Long  combustion  chamber  (l-760m)  and  constant 
axial  velocity  (u*16.45m/s) 
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fig. 9  Variation  of  the  wall  pressure  oscillations  spec trum  with  the  F/A  ratio  a1 
constant  axial  velocity,  lonq  combustion  chamber  (l-JMTmm)  and  rnnstant 
axial  velocity  (u-8.??m/s) 


15-8 


amplitude  (Pascal) 


frequency  (Hz) 

Fig. 10  Variation  of  the  wall  pressure  oscillations  spectrum  with  the  axial  velocity, 
for  a  short  combustion  chamber  (l-360rwn)  and  constant  F/A  ratio. 
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Fig. 11  Predominant  fre  uency  and  its  respective  amp  1 itude  for  different  axial  velocities, 
at  a  constant  equivalence  ratio  »1.  Flame  holder  H  and  short  combustion  chamber 
(  1=>360tw). 
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Ftg.l?  Pressure  oscillations  spectra  Just  after  ignition  (case  a) 
and  after  sevr-.;l  minutes  of  operation  (case  b), 

(  Amplitude  ..cate  of  case  b  was  offset  by  ?00  Pa) 
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1.  SUMMARY 

The  increasing  effectiveness  of  future  defense 
systems  will  lead  to  projectiles  with  extremely 
high  impact  energy,  reduced  flight  times,  and 
extended  ranges. 

With  regard  to  these  requirements  gun  laun¬ 
ched  projectiles  using  ramjet  propulsion,  show 
promising  capabilities  in  weight,  cost,  and  hit 
accuracy.  If  high  maximum  range  and  low 
crosswind  sensitivity  of  projectiles  is  of  prima¬ 
ry  interest,  a  compensation  of  drag  can  be  ob¬ 
tained  by  ramjet  propulsion  at  low  fuel-to-air 
ratio.  Moreover,  with  respect  to  applications 
against  armored  vehicles  ramjet  engines  ope¬ 
rating  at  nearly  stochiometric  conditions,  can 
be  even  used  to  increase  the  kinetic  energy  of 
KE-rods. 

The  first  part  of  the  paper  gives  a  survey  on 
the  main  design  oKcCtiv^s  of  ram- impulsion 
for  projectile  appIL  itions.  a  detailed  theoreti¬ 
cal  analysis  of  advantages  and  limitations  is 
presented  for  high  performance  ramjets.  The 
second  part  deals  with  ramjet  applications  for 
artillery,  air  defense,  and  anti-armor  weapons. 
Due  to  the  high  initial  velocity  provided  by 
guns,  ram-propulsion  proves  to  be  a  very 
promising  and  efficient  tool  in  order  to  meet 
the  demands  of  future  defense  systems. 


LIST  OF  SYMBOLS 

c  velocity 
h  enthalpy 

M0  freestream  Mach  number 
k  ratio  of  specific  heats 
/7Kl  kinetic  inlet  efficiency 
rrt)  inlet  total  pressure  ratio 

Subscripts 

s  isentropic 
t  total 

0  freestream  value 
2  behind  inlet 


2.  INTRODUCTION 

Ramjet  propulsion  is  limited  to  supersonic 
flight  conditons  in  general.  For  ground-based 
missiles,  this  is  a  severe  disadvantage  in  gene¬ 
ral.  As  a  result,  an  additional  accelerator  engi¬ 


ne  (turbojet,  turborocket,  or  rocket)  is  always 
required  in  order  to  pass  the  subsonic  flight 
regime  and  to  be  able  to  use  ram-propulsion  at 
all.  This  does  not  hold  for  projectiles,  howe¬ 
ver:  supersonic  velocities  can  be  provided 
easily  by  the  use  of  guns. 

In  general,  projectiles  show  advantages  in 
case  where  nigh  hit  accuracy  combined  with 
hiah  impact  energy  is  required  at  the  target 
(HCb-rods).  Moreover,  projectiles  prove  to  be 
much  more  cost  efficient  than  rockets. 

The  aerodynamic  drag  is  always  a  problem  for 
ballistically  flying  projectiles.  This  holds  espe¬ 
cially  for  artillery  applications.  In  order  to 
increase  the  effective  ranges,  base  bleed  units 
can  be  used  generally.  In  this  case,  the  base 
region  is  ventilated  by  a  small  amount  of  hot 
gas.  This  diminishment  of  drag  results  in  an 
increase  of  range  up  to  25  per  cent.  This 
benefit,  however,  has  to  be  payed  for  with  a 
reduced  payload. 

The  situation  becomes  even  worse  if  the 
decrease  in  flight  velocity  shall  be  compensa¬ 
ted  by  an  additional  rocket  propulsion.  This 
basically  offers  a  post-acceleration  capability 
(RAP  projectile):  however,  the  reduction  of 
payload  is  not  acceptable  in  most  cases.  The 
reason  for  this  unsuitable  behaviour  is  the 
poor  specific  impulse  of  rockets.  Thus,  from 
the  very  beginning,  many  investigations  con¬ 
centrated  on  the  question  how  to  increase  the 
specific  impulse  or  propulsion  systems  for  gun 
fired  projectiles. 

An  early  answer  was  given  by  Trommsdorff 
(1936,  published  in  /I/).  He  found  that  the 
performance  of  projectiles  could  be  improved 
significantly,  if  a  ramjet  engine  would  replace 
the  rocket  motor.  In  this  case  the  oxidizer  has 
not  to  be  carried  within  the  propellant  grain. 
Instead  of  this  the  oxidizer  is  simply  taken 
from  the  ambient  air.  Subsequently,  detailed 
theoretical  and  experimental  investigations  led 
to  considerable  improvements  in  the  field  of 
ramjet  and  ramrocket  engines,  (cf.  f.ex.  121, 
131). 

At  RHEINMETALL  ramjet  and  ramrocket  engi¬ 
nes  are  being  developed  for  already  more  than 
20  years.  A  first  operational  ramjet  projectile 
was  designed  for  a  freestream  Mach  number 
of  2.  Investigation  and  development  was 
continued  for  more  than  10  years,  starting  in 
the  early  1970's.  Subsequent  studies  ana  in¬ 
vestigations  especially  focused  on  the  func- 
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tion  and  design  of  inlet  and  combustor  compo¬ 
nents  for  a  ramrocket  projectile  operating  at 
Mach  5.0. 

In  the  first  part  of  the  paper  some  basic  consi¬ 
derations  on  ram-projectiles  are  given.  After¬ 
wards,  three  possible  applications  are  discus¬ 
sed  and  compared  to  other  possible  solutions. 


3.  DESIGN  CONSIDERATIONS  ON  RAM-PRO¬ 
JECTILES 

Ramjet  engines  can  be  designed  to  meet  the 
requirements  of  a  wide  range  of  operation 
tasks.  Thus,  the  main  engine  components 
such  as  air  intake,  combustor  and  exit  nozzle 
have  to  be  designed  with  respect  to  these 
constraints  and  to  the  special  problem  of 
airframe  -  engine  integration. 


Fig.  1:  Comparison  of  central  and  lateral  air 
intake 


With  respect  to  the  air  intake  it  has  to  be 
decided  whether  a  central  or  a  lateral  intake 
configuration  is  more  convenient  in  a  particu¬ 
lar  case  (fig.  1).  A  lateral  intake  design  allows 
seeker  or  warhead  integration  within  the  nose 
section.  The  total  drag,  however,  is  quite 
significant  particularly  at  high  supersonic 
velocities.  Thus,  a  lateral  intake  is  more  ad¬ 
vantageous  for  the  lower  supersonic  Mach 
regime.  For  higher  supersonic  or  even  hyper¬ 
sonic  operation  a  central  inlet  design  offers 
the  opportunity  of  a  remarkable  decrease  in 
total  drag. 

Concerning  the  ramjet  combustor,  the  solid 
propellant  can  be  placed  within  the  combu¬ 
stion  chamber  (ramjet,  fig.  2a)  or  within  a 
separate  gas  generator  (ramrocket,  fig.  2b).  A 
combination  of  both  concepts  also  is  feasible 
(fig.  2c)  and  offers  considerable  advantages 
for  certain  applications. 

The  conventional  ramjet  burner  yields  the 
highest  specific  impulse  due  to  the  absence  of 
any  oxidizer  within  the  propellant  grain.  Fur¬ 
thermore,  it  reveals  certain  advantages  in 
operating  behaviour  if  a  variation  of  combu¬ 
stion  pressure  is  expected  to  occur  during  the 
mission.  In  those  cases  the  fuel  massflow  can 
be  adapted  to  some  degree  to  these  varying 
conditions  by  means  of  a  pressure  dependent 
propellant  burning  rate.  In  any  case,  intake 


Fig.  2:  Comparison  of  ramjet,  ramrocket,  and 
hybrid  engine 


operation  has  to  be  restricted  to  moderate 
angles  of  attack  in  order  to  avoid  extinguis¬ 
hing  of  the  combustor. 

A  separate  high  pressure  gas  generator,  howe¬ 
ver,  basically  ensures  a  burner  operation 
which  is  independent  of  flight  conditions. 
Furthermore,  the  massflow  of  the  gas  genera¬ 
tor  can  be  adapted  even  to  particular  require¬ 
ments  by  a  particular  geometry  of  the  propel¬ 
lant.  The  available  specific  impulse,  however, 
is  lower  than  the  values  obtained  for  ramjets. 
Nevertheless,  there  are  still  remarkable  im¬ 
provements  compared  to  solid  propellant 
rockets. 

For  applications  with  both  boost  and  sustainer 
operation,  a  combination  of  ramjet  and  ram¬ 
rocket  turns  out  to  be  most  appropriate.  Du¬ 
ring  the  boost  phase  gas  generator  and  ram- 
burner  yield  a  high  propellant  massflow  which 
leads  to  nearly  stochiometric  combustion  and 
high  total  thrust.  At  cruise  operation  only  the 
highly  efficient  ram-burner  is  in  use.  Thus  both 
propellant  massflow  and  thrust  level  are  dimi¬ 
nished  in  order  to  only  compensate  the  total 
drag. 

In  order  to  determine  the  performance  data  of 
ram-engines,  thermodynamical  cycle  computa¬ 
tions  have  been  carried  out  for  the  Mach 
number  regime  2  to  7.  With  respect  to  a  supe¬ 
rior  reliability,  the  calculations  were  primarily 
focused  on  ramrockets,  utilizing  a  separate 
high  pressure  gas  generator.  A  solid  propellant 
with  rather  conventional  fuel  components  was 
specified  for  the  computations  (heat  of  com¬ 
bustion  =  17.49kJ/g). 

The  calculations  were  performed  with  the 
efficiencies  of  air  intake,  combustion  chamber 
and  exhaust  nozzle  being  estimated  according 
to  prior  determined  experimental  data.  The 
intake  efficiency,  in  particular,  strongly  de¬ 
pends  on  flight  velocity  and  flow  deceleration. 
Consequently,  this  value  has  to  be  considered 
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as  a  function  of  freestream  Mach  number.  For 
the  deceleration  to  subsonic  velocity  it  was 
assumed  that  the  kinetic  inlet  efficiency  is 
constant  for  the  discussed  Mach  number 
range: 

K2-K2A 

MA7  ,  ,  9 

hto  ^0  Cq 


In  the  above  equation  the  subscript  "s2"  be¬ 
longs  to  a  fictitious  station  behind  the  inlet. 
The  captured  air  flow  is  assumed  to  be  again 
expanded  to  ambient  pressure  after  passing 
the  inlet. 


med  to  be  85  per  cent  efficient.  In  agreement 
with  prior  investigations  the  nozzle  efficiency 
was  specified  to  be  95^oer  cent. 

The  equivalence  ratio  was  varied  between  0.4 
and  1.2.  The  subsequent  calculations  were 
carried  out  with  the  following  assumptions: 

0  flight  at  sea  level 
0  caliber  1 60  mm 
0  central  air  intake 

0  captured  flow  area  equal  to  frontal  area 
0  burner  exit  area  equal  to  projectile 
cross  section 

0  burner  exit  Mach  number  lower  than  0.5 
0  consideration  of  real  gas  and  dissociation 
effects 

0  meanline  flow  analysis 


The  corresponding  recovery  of  total  pressure 
can  be  derived  as: 


vl'i  - 


K 

K-1 


Flight  Mach  number 


Fig.  3  :  Intake  efficiency  and  total  pressure 
recovery 


The  pressure  recovery  depending  on  flight 
Mach  number  and  kinetic  efficiency  is  shown 
in  fig. 3.  Additionally,  experimental  data  of 
different  central  air  intakes  developed  in  coo¬ 
peration  with  DLR  (/4/)  are  plotted  within  the 
same  figure.  The  inlet  efficiency  of  the  diffe¬ 
rent  inlet  designs  showed  values  between 
0.92  and  0.94.  So  for  the  performed  cycle 
computations  a  kinetic  intake  efficiency  of 
0.92  was  assumed  for  the  entire  Mach  regi¬ 
me.  Furthermore,  the  combustion  was  assu¬ 
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Fig.  4:  Burner  exit  Mach  number  of  ramrocket- 
projectiles 


The  performance  prediction  code  is  based  on 
the  fundamental  works  of  several  authors  (/5/, 
/ 6/,  111).  Further  extensions,  particularly  con¬ 
cerning  internal  iteration  improvement  and 
engine  off-design  performance  have  been 
included  at  RHEfNMETALL. 

The  simulations  show  that  the  airflow  has  to 
be  reduced  below  Mach  3.5  due  to  the  Mach 
number  limitation  at  the  burner  exit  (fig.  4).  At 
Mach  3  the  area  of  captured  airflow  has  to  be 
reduced  to  approximately  70  percent  of  the 
burner  area.  At  Mach  2  only  30  percent  of  the 
burner  area  are  still  permitted  for  the  free¬ 
stream  area  of  captured  flow.  Thus,  a  lateral 
intake  with  low  airflow  capability  is  generally 
sufficient  at  low  Mach  operation  if  emphasis  is 
put  on  cycle  performance  only. 

Increasing  the  flight  Mach  number  beyond  3.5 
leads  to  distinctly  decreasing  burner  exit  Mach 
numbers.  Thus,  the  burner  area  may  be  redu¬ 
ced  for  projectiles  operating  at  high  Mach 
numbers.  With  respect  to  the  lower  velocity 
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level  within  the  combustion  chamber  the 
overall  burner  length  may  be  reduced  alternati¬ 
vely. 


1  i  i  i 

2  4  6  8 

Mach  number 


Fig.  5:  Static  pressure  rise  of  ramrockets 
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Fig.  6  :  Thermal  loading  of  ramrockets 


appear  to  be  extremely  high  compared  to 
missiles  operating  at  hypersonic  velocity  and 
high  altitude.  However,  the  structural  design 
or  ram-projectiles  is  not  at  all  affected  by 
these  pressure  values.  The  reason  is  that  for 
every  projectile  the  structural  integrity  has  to 
be  ensured  for  gun  firing.  Pressure  peaks  in 
excess  of  6000  bar  lead  to  an  initial  accelera¬ 
tion  of  about  60000  g.  Thus,  the  ram  projec¬ 
tile  has  to  be  designed  to  withstand  these 
extreme  conditions  without  damage  anyway. 

A  more  serious  problem  is  the  thermal  loading 
occuring  at  hign  Mach  numbers  and  nearly 
stochiometric  combustion  (fig.  6).  Burner  exit 
temperatures  exceed  the  3000  K  margin  alrea¬ 
dy  at  Mach  4.5  (equivalence  ratio  =  1).  At 
Mach  6.5,  the  limit  of  3500  K  is  reached.  In 
spite  of  materials  being  resistant  to  extreme 
heat,  operation  at  these  conditions  has  to  be 
restricted  to  much  less  than  one  second. 
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Fig.  7:  Specific  impulse  of  ramrockets 


The  development  of  pressure  within  the  com¬ 
bustion  chamber  is  shown  in  fig.  5.  Due  to  the 
high  dynamic  pressure  developing  for  hyperso¬ 
nic  flight  at  sea  level,  comparatively  high 
pressure  values  have  to  be  taken  into  account 
tor  the  interior  flow.  The  static  pressure  of  the 
burner  increases  to  200  bar  at  Mach  5.  At 
Mach  6  the  static  pressure  is  doubled  to  more 
than  400  bar.  For  Mach  6.5  ram-operation 
nearly  650  bar  of  static  pressure  will  develop 
within  the  combustion  chamber.  These  values 


Combustion  at  lower  fuel-to-air  ratios  appears 
to  be  uncritical  up  to  Mach  5.5.  For  cruise  at 
higher  flight  Mach  numbers  ram-operation 
must  be  restricted  to  equivalence  ratios  lower 
than  0.4  in  order  to  avoid  thermal  overload.  In 
any  case,  highly  temperature  resistant  materi¬ 
als  have  to  be  used  and  ram  operation  is  ad¬ 
ditionally  limited  to  a  few  seconds  only. 

The  development  of  specific  impulse  versus 
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Mach  number  is  shown  in  Fig.  7  for  ramjets, 
ramrockets  and  rockets,  resp.  The  specific 
impulse  of  rockets  is  known  to  be  always 
independent  of  flight  velocity.  The  particular 
value  depends  on  the  performance  of  the 
propellant  grain  and  nozzle  design  and  is  gene¬ 
rally  placed  between  1 900  m/s  and  2500  m/s 
for  state-of-the-art  rocket  motors. 

The  specific  impulse  of  ramrockets  is  approxi¬ 
mately  twice  as  high  for  flight  Mach  numbers 
below  6.  The  most  favorable  operating  range 
is  found  to  occur  for  low  fuel-to-air  ratios  in 
the  vicinity  of  Mach  3.  Beyond  Mach  6  a 
decreasing  value  is  observed,  particularly  for 
low  fuel-to-air  ratios.  Generally,  the  specific 
impulse  can  be  improved  significantly  if  ramjet 
conceptions  are  used  instead  of  ramrockets. 
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Fig.  8:  Airflow  specific  thrust  of  ramrockets 

The  airflow  specific  thrust  of  ramjets,  howe¬ 
ver,  is  fairly  low  for  the  entire  operating  range 
under  discussion  (fig.  8).  The  advantage  of 
ramrockets  becomes  obvious  in  this  context: 
high  fuel-to-air  ratios  are  basically  possible  in 
contrast  to  solid  propellant  ramjets,  being 
enerally  limited  to  lower  fuel-to-air  ratios, 
vidently,  the  available  thrust  of  ramrockets  is 
distinctly  higher  compared  with  ramjets. 


4.  APPLICATIONS 

4.1  Extended  range  artillery  shell 

The  design  of  a  155  mm  artillery  shell  with 
ramjet  propulsion  is  presented  in  fig.  9  (/8/). 
The  projectile  mainly  consists  of  seeker,  war¬ 
head,  gas  generator,  lateral  air  intake,  combu¬ 
stion  chamber,  nozzle  and  spreadable  cone 
stabilizer. 

Corresponding  cycle  computations  were  car¬ 
ried  out  in  / 9/  for  several  ramrocket/ramjet 
combinations,  using  a  composite  gas-gene¬ 
rator  propellant  and  a  polyethylene  (PE)  ramjet 
propellant.  The  initial  velocity  was  predicted 
to  be  850  m/s  at  a  total  mass  of  50  kg. 
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Fig.  1 0:  Performance  of  medium-range  artillery 
shell 


It  is  evident  from  the  above  considerations 
that  the  most  favorable  engine  for  the  discus¬ 
sed  application  is  the  ramjet  engine.  The  high 
specific  impulse  of  more  than  1  2000  m/s  is 
not  reached  by  any  of  the  other  concepts.  The 
thrust  level,  however,  is  fairly  low  due  to  the 
low  burning  rate  of  the  PE-propellant.  Further¬ 
more,  stable  combustion  is  hard  to  achieve  if 
high  velocities  and  low  inlet  temperature  have 
to  be  managed  at  the  same  time  (/1 0 /).  Unfor¬ 
tunately,  these  conditions  are  very  likely  to 
occur  at  low  flight  Mach  numbers. 


Fig.  9:  RAM-propulsion  artillery  shell 
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The  best  results  with  regard  to  reliability  and 
efficiency  were  obtained  for  a  hybrid  engine 
with  2/3  of  the  total  fuel  massflow  delivered 
by  a  gas-generator.  Thus,  further  investiga¬ 
tions  are  focused  on  this  concept. 

The  thrust-,  drag-,  and  velocity-development 
for  a  medium  range  artillery  projectile 
(xm„  =40  km)  with  ram  propulsion  is  given  in 
fig.  10.  During  the  first  phase  of  flight  the 
installed  thrust  exceeds  the  total  drag.  Thus, 
an  acceleration  up  to  950  m/s  is  achieved  at 
burnout.  The  observed  drop  in  thrust  and  drag 
is  caused  by  the  decreasing  pressure  and 
density  of  the  atmosphere  with  increasing 
flight  altitude. 
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Fig.  11  :  Performance  of  long-range  artillery 
shell 


A  further  increase  of  maximum  range  can  be 
achieved  bv  enlarging  the  total  propellant 
mass  to  5.0  kg.  As  a  result,  the  operation 
time  of  the  engine  is  increased  to  nearly  10 
seconds,  allowing  a  range  up  to  65  km  (fig. 
11).  If  the  initial  projectile  mass  is  kept  con¬ 
stant,  the  payload  has  to  be  reduced  conse¬ 
quently.  Nevertheless,  payloads  consisting  of 
hollow  charges  or  anti  radar  warheads  in 
combination  with  seeker  and  thrust  vector 
control,  appear  to  be  highly  efficient,  expe- 
cially  for  long  range  applications. 


4.2  Hypervelocity  air  defense  projectile 

Recent  political  developments  impressively 
revealed  the  need  of  adequate  air  defense 
systems  which  are  capable  to  destroy  tactical 
and  strategical  missiles  during  flight.  For  long 
ranges,  these  needs  are  basically  met  by  rok- 
ket  systems.  If  economical  aspects  are  con¬ 
sidered  additionally,  gun  fired  projectiles  show 
a  suitable  efficiency  especially  for  short  ran¬ 
ges  up  to  12  km  ("last  oitch  defence").  In  par¬ 
ticular,  drag  compensated  projectiles  with  ram 


propulsion,  are  highly  efficient  against  TBMs, 
anti-tank  helicopters,  and  aircrafts. 

An  appropriate  design  of  an  160  mm  air  de¬ 
fense  projectile  operating  at  Mach  5  is  presen¬ 
ted  in  fig.  12  (/1 1/).  The  total  initial  mass  is 
about  20  kg.  The  maximum  effective  opera¬ 
ting  range  is  10  km. 

The  propulsion  system  consists  of  central  air 
intake,  gas-generator,  ram-burner  and  nozzle. 
A  total  propellant  mass  of  3.7  kg  is  required 
for  typical  flight  trajectories  (5  km  range  at 
low  altitude  operation,  10  km  altitude  at  75 
degrees  firing  angle). 

The  payload  consists  of  small  KE-flechets, 
which  are  activated  by  a  special  powder  dis¬ 
charge  unit.  The  beamrider  projectile  is  guided 
by  means  of  thrust  vector  control. 

o 


jectile 


Thrust,  drag  and  velocity  development  for  a 
75  degree  mission  is  shown  in  fig.  13.  During 
the  first  3  seconds  the  engine  thrust  is  com¬ 
paratively  high  due  to  the  additionally  conside¬ 
red  sea  level  missions.  These  flat  trajectories 
are  characterized  by  high  static  pressure  and 
high  drag  as  well.  Regarding  a  mission  to  high 
altitude,  the  surplus  of  thrust  leads  to  a  final 
velocity  of  1800  m/s.  Subsequently,  the 
thrust  level  is  diminished  to  the  drag  value  at 
medium  and  high  altitudes  by  a  corresponding 
propellant  geometry. 

For  the  considered  trajectory  temperature  and 
pressure  development  within  the  combustion 
chamber  are  given  in  fig.  14.  The  static  pres¬ 
sure  decreases  continuously  with  time  of 
operation  due  to  the  lower  air  density  at  high 
altitude.  The  peak  temperature  of  1880  K, 
however,  is  achieved  after  3  seconds  of  engi¬ 
ne  operation.  This  effect  is  caused  by  the  con¬ 
stant  fuel  massflow  in  combination  with  the 


Fig.  12:  Hypervelocity  air-defense  projectile 
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Fig.  14:  Engine  performance  of  air-defense 
projectile 


decreasing  airflow.  Thus,  the  fuel-to-air  ratio 
approaches  its  stochiometric  value.  This  leads 
to  an  increased  temperature  at  the  burner  exit. 
It  is  expected,  however,  that  the  high  tempe¬ 
rature  can  be  managed  for  the  required  short 
period  of  time  without  major  problems. 


4.3  High  performance  KE-ammunition 

With  respect  to  the  development  of  sophisti¬ 
cated  armors  (/1 2D.  new  standards  of  KE- 
ammunition  have  to  be  established  in  addition 
to  conventional  KE-projectiles.  The  use  of 


hypervelocity  missiles  with  rocket  propulsion 
is  a  promising  possibility  in  general.  As  a  mat¬ 
ter  of  fact,  powerful  KE-rockets  are  currently 
being  developed  at  several  locations. 

KE-projectiles  utilizing  post-acceleration  by 
ram-propulsion,  offer  similar  effectiveness. 
However,  these  projectiles  show  some  remar¬ 
kable  advantages  in  comparison  with  rocket 
systems,  especially: 

o  high  hit  accuracy 
o  short  range  defeat  capability 
o  considerable  cost  reduction 
o  firing  capability  by  tank  guns 
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The  sketch  of  a  140  mm  ram-accelerated  KE- 
projectile  for  ranges  up  to  5000  m  is  presen¬ 
ted  in  fig.  15.  Tne  engine  consists  or  a  gas 
generator  which  operates  during  acceleration 
only.  A  composite  propellant  with  oxidizer 
deficiency  is  used  for  this  first  phase  of  flight. 
The  fuel  massflow  is  approximately  9.3  kg/s. 

The  additional  ramjet-burner  is  designed  for 
compensation  of  drag  at  cruise.  A  hydrocar¬ 
bon  propellant  (PE/HTPB)  with  specially  sha¬ 
ped  surface  is  used  in  this  case  (/1 3/>.  The 
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fuel  massflow  is  diminished  to  1 .08  kg/s. 

The  initial  total  mass  was  determined  to  be 
about  20  kg.  The  initial  velocity  predicted  by 
interior  ballistical  computations,  is  1530  m/s. 
The  main  trajectory  data  are  given  in  fig.  16. 
During  the  first  0.42  seconds  of  operation,  the 
projectile  is  accelerated  up  to  2200  m/s  (Mach 
6.5).  At  burnout  of  the  gas  generator,  a  di¬ 
stance  of  roughly  780  m  is  reached  by  the 
projectile. 

Due  to  constructional  simplicity  and  maximum 
cost  effectiveness  the  engine  design  was 
based  on  a  fixed  geometry  throat  andno22le. 
Thus  the  throat  cross-section  was  designed 
for  Mach  6.5  flow  conditions.  The  no2zle 
cross-section,  however,  was  designed  for 
Mach  5  engine  performance  in  order  to  avoid 
thermal  choking  at  lower  flight  velocities. 

Due  to  these  effects  the  area  of  captured  flow 
is  considerably  reduced  during  the  phase  of 
acceleration  (fig.  17a).  The  design  value  is 
obtained  at  Mach  6.5  only.  The  pressure 
development  of  the  engine  is  presented  in  fig. 
17b.  During  acceleration  the  pressure  within 
the  combustion  chamber  increases  to  nearly 
350  bar.  At  cruise,  the  non-adapted  nozzle 
causes  the  inlet  normal  shock  to  move  down¬ 
stream.  Thus,  the  shock  and  diffuser-losses 
are  distinctly  increased.  The  pressure  within 
the  combustion  chamber  is  consequently 
reduced  to  260  bar. 

The  corresponding  development  of  burner  exit 
temperature  is  shown  in  fig.  17c.  A  peak 
temperature  of  more  than  3400  K  is  achieved 
at  the  end  of  acceleration.  In  spite  of  the  very 
short  period  of  time,  materials  with  extreme 
heat  resistance  are  required  for  burner  and 
nozzle.  Even  at  cruise,  a  peak  temperature  of 
nearly  2900  K  is  reached  at  burner  exit.  With 
respect  to  these  data,  supersonic  combustion 
would  be  highly  desirable  for  the  discussed 
application.  The  overall  length  limitations  of 
combustion  chamber  and  projectile,  however, 
are  in  clear  contrast  to  the  requirements  of 
supersonic  combustion. 
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Fig.  17:  Engine  performance  of  KE- 
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5.  CONCLUSIONS 

The  present  paper  gives  a  survey  on  the  per¬ 
formance  ana  capabilities  of  projectiles  using 
the  concept  of  ram-propulsion.  Very  satisfying 
solutions  for  reliability  and  effectiveness  are 
obtained  for  ramrocket  propulsion  and  hybrid 
concepts  as  well.  A  superior  specific  thrust  is 
obtained  for  ramjet-engines,  but  the  absolute 
thrust  level  is  fairly  low  in  general. 

The  ram-engine  applications  presented  in  this 
paper  show  the  benefits  and  efficiency  of 
such  concepts.  For  artillery  applications  the 
covered  Mach  number  regime  is  low  in  gene¬ 
ral.  Thus,  ram-propulsion  appears  to  be  no 
severe  problem  from  the  technological  point  of 
view.  Drastically  higher  requirements  for  air- 
intake  and  engine  design  are  expected  for  a 
hypervelocity  air-defense  projectile.  The  ex¬ 
treme  conditions,  however,  occuring  to  a  ram- 
accelerated  hypervelocity  projectile,  represent 
the  technological  limitation  of  ram-engines 
with  subsonic  interior  flow. 

Extremely  high  temperature  and  pressure 
levels  occur  at  high  velocity  /  low  altitude 
operation.  As  a  consequence,  considerable 
progress  in  the  field  of  materials  with  extreme 
heat  resistance,  hypervelocity  aero-thermody¬ 
namics,  and  advanced  computational  fluid 
dynamics  is  absolutely  necessary  if  hyperve¬ 
locity  ram-engines  are  to  be  developed.  Never¬ 
theless,  the  expected  performance  is  very 
promising. 
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SUMMARY 

Different  circular  front  intakes  with  shock  on  lip  Mach  num¬ 
bers  ranging  from  4.5  up  to  5.57  have  been  investigated  at 
DLR-Cologne  and  MBB  under  funding  of  the  German  MOD. 

The  closeable  front  intake  concept  (bom  inl985)  offers  high 
performance  at  Mach  3.6  transition  in  combination  with  ex¬ 
ceptional  low  drag  during  boost  and  cruise. 

Starting  of  the  essential  internal  supersonic  compression  pro¬ 
cess  could  be  achieved  during  initial  centerbody  translation  at 
limited  internal  contraction  and  small  capture  area.  A  variety 
of  corresponding  Hy  X  intake  models  having  different  shock 
on  lip  Mach  numbers,  cowl  angles,  internal  contractions,  in¬ 
ternal  area  distributions  and  cowl  lip  bluntness  data  were  te¬ 
sted  between  Mach  3.5  and  4.5  and  gave  experience  on  star¬ 
ling  phenomena  and  performance. 

Fixed  geometry  intakes  with  external  compression  and  quite 
different  cowl  angles  (RH3A  with  cylindrical  cowl,  RH3C 
with  large  cowl  angle)  exhibited  comparable  or  even  better 
total  pressure  recoveries.  The  supercritical  pre-entry  drag 
characteristics  below  shock  on  lip  Mach  numbers  however 
look  most  unfavourable. 

Without  consideration  of  incidence  characteristics  and  the 
problems  associated  with  closure  of  intake  entrance  area  du¬ 
ring  boost,  the  RH3A  -  intake  could  be  used  instead  of  the 
Hy  X  -  type  intake  for  medium  range  air  to  ground  missiles. 

The  RH3C  -  intake  offers  the  highest  value  of  total  pressure 
recovery  due  to  maximum  external  compression  and  proper 
cowl  alignment.  The  corresponding  high  wave  drag  however 
prohibits  any  useful  application  of  this  type  of  intake. 

LIST  OF  SYMBOLS 

A  area,  cross  section;  without  index: 

missile  body  cross  section  =  reference  area  for  aerody¬ 
namic  coefficient 
b/iu  lateral  acceleration 

Bd  cowl  lip  bluntness 

c,  c  velocity,  average  velocity 

Cdo  zero  lift  drag  coefficient 

Cp  ramjet  thrust  coefficient 

D  diameter 

H  duct  hight 

m  mass 

rr>  massflow 

M  Mach  number 


p  pressure 

t  time 

x  longitudinal  dimension 

AXek  length  of  internal  contraction  zone  (Fig.  1 ) 

AXzk  centerbody  translation  for  closure  of  intake 
entrance  (Fig.  1) 
y  radial  dimension 

a  angle  of  incidence 

E  nozzle  expansion  area  ratio 

tin,  kinetic  energy  efficiency 

6c  centerbody  cone  angle  (Fig.  1 ) 

Gdiv  duct  divergence  angle  downstream  of  throat  (Fig.  1) 
0HLi  internal  cowl  lip  angle  of  intake  (Fig.  1) 

Subscripts 

o°  condition  at  free  stream  (Fig.  1) 

1  condition  at  intake  exit  (Fig.  1) 

4  condition  at  nozzle  throat 

5  condition  at  nozzle  exit 

cr  critical  intake  operation 

E  condition  at  intake  entrance  (Fig.  1 ) 

K  condition  at  intake  throat  (Fig.  1 ) 

L  nominal  intake  capture  area  (Fig.  1 ) 
sol  shock  on  lip  condition 

st  starting  of  intake  supersonic  internal  compression 
t  total  condition 

_ _ ffyfY,. 


Fig.  1  Geometrical  parameters  of  closeable  mixed 
compression  front  intakes 

1.  Introduction 

Rampropulsion  provides  favourable  performance  characteri¬ 
stics,  penetration  capability  and  growth  potential  for  future 
supersonic  tactical  missiles  [1  ]. 

Therefore  boron  loaded  ducted  rockets  have  been  tested  ex¬ 
tensively  since  1970  at  MBB  and  Bayern  Chemie  [2]  for  mis¬ 
siles  operating  from  Mach  2  at  SL  up  to  more  than  Mach  3  at 
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altitude. 

The  influence  of  higher  (moderate  hypersonic)  flight  Mach 
numbers  on  design  and  performance  of  ramjets  and  ducted 
rockets  was  investigated  since  1983  undeT  funding  of  the 
German  MOD  [3. 4,  5). 

Within  this  program,  the  closeable  mixed  compression  front 
intake  concept  (Fig.  2)  was  bom  in  1985  at  MBB  [3]  and  led 
to  the  first  DLR  -  test  models  Hy  1  (with)  and  Hy  1 A  (with¬ 
out  internal  bleed;  Mm  =  4.3,  M«t  =  4.5)  in  1987  [4,  6], 


Centerbody  forward,  intake 
entrance  cloaed: 

Favourable  handling  +  boost 

Starting  of  shock  system 
with  centerbody  translation 
at  small  Internal  contraction; 
increasing  contraction  with 
started  shock  system 

High  performance  and  low 
drag  with  backward 
centerbody 


Fia.  2  Features  of  closeable  front  intakes 

Based  on  the  corresponding  experimental  experience  [6, 7], 
the  Hy  6  -  intake  family,  having  wider  operation  limits 
(Mm  =  3.5,  M«ii  =  5.57),  different  internal  contraction,  diffe¬ 
rent  throat  divergence  and  lip  bluntness  has  been  designed  at 
MBB  [8). 

Using  a  common  boost  cruise  nozzle  and  a  boron  loaded  duc¬ 
ted  rocket  with  subsonic  self-throttling  gasgenerator  outflow, 
a  Mach  5  anti-radiation  missile  (Fig.  3)  with  superior  perfor¬ 
mance  characteristics  (in  comparison  to  a  rocket  powered 
configuration)  has  been  designed  [4], 
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PERFORMANCE: 
+  30  km  at  SL 
+  c  »  1500  m/s 
+  biat  -  50  g 
+  Mmax  -5.1 


Fia.  3  220  mm  0  anti-radiation  missile  with  integrated 
ducted  rocket  propulsion  [4] 

In  1991  an  additional  series  of  tests  with  Hy  6M-in.-xes  were 
performed  at  the  DLR -Cologne  [11]. 

This  paper  will  present  details  of  the  experimental  experience 
gained  with 

+  the  aforementioned  mixed  compression  closeable 
Hy  6M -intakes 

+  and  two  different  Mach  4.8  (on  principle)  external 
compression  intakes  RH3A  (with  cylindrical  internal 
cowl)  and  RH3C  (with  large  cowl  angle)  [13]. 

The  consequences  of  total  pressure  recovery,  massflow  cha¬ 
racteristic  and  external  drag  (of  these  different  intakes)  on 
missile  performance  will  be  discussed  at  the  end  of  the  paper. 


2.  Experimental  experience  with  closeable  mixed  com¬ 
pression  Hy  6M-intakes 

Fig.  4  summarizes  design  data  of  selected  Hy  X-intake  con¬ 
figurations  tested  at  the  DLR -Cologne. 


Designation 

Design 

Msol 

H 

QHLi 

[°] 

Ae 

Al 

AXek  Ak 
Dl  Ae 

AXzk 

Dl 

Hy  1 

DLR-87 

4.5 

7.3 

.52 

1.76 

.26 

.85 

Hy  1 A 

DLR-88 

4.5 

7.3 

.52 

1.76 

.30 

.85 

Hy IDump 

DLR-88 

4.5 

7.3 

.52 

1.66 

.30 

.85 

Hy  6M-1.Y.Z 

MBB-89 

5.57 

6.0 

.43 
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Fig.  4  Design  data  of  closeable  Hy  X  -  front  intakes 

All  the  intakes  mentioned  in  Fig.  4  have  14°  centerbody- 
halfcone  angles. 

Only  the  Hy  1-model  (and  in  a  few  tests  the  Hy  1A-  and 
Hy  7-models)  were  equipped  with  internal  centerbody  bleed. 
The  Hy  1  Dump-model  exhibited  a  dump  type  area  expansion 
with  an  area  ratio  of  two. 

All  the  Hy  6M-intakes  have  identical  internal  cowl-,  but  dif¬ 
ferent  centerbody  contours  resulting  in  three  values  of  inter¬ 
nal  contraction  and  three  values  of  throat  divergence  angle 
9div  (1°,  2°,  4°,  designated  by  the  label  Y). 

Seven  cowl  lips  with  different  bluntness  Bd  (0.065, 0. 17, 
0.20,  0.25, 0.30,  0.405,  0.90  mm,  designated  by  the  label  Z) 
have  been  used  during  tests  of  the  Hy  6M-models. 

The  Hy  7M-intake  was  an  alternative  DLR -design  with  a 
steeper  cowl  lip  and  nearly  continuous  compression  (follow¬ 
ing  the  cowl  shock)  at  Mach  5  freestxeam  condition. 

Fig  .5  gives  an  overwiew  of  the  Hy  6M-intake  test  objec¬ 
tives: 

o  Intake  characteristics  at  Mach  numbers  3.5, 

3.6, 4.0, 4.5  and  different  angles  of  incidence 

o  Influence  of  M  -  and  a  on  the  critical  values  of 
total  pressure  recovery  and  massflow 

o  Evaluation  of  minimum  starting-  and  unstar- 
tlng  Mach  numbers 

o  Critical  starting  values  of  total  pressure  reco¬ 
very  and  massflow 

Fig.  5  Hy  6M-intake  test  objectives 

During  the  first  successful  test  campaign  [10]  most  of  the 
tests  were  run  at  Mach  4.5  frees tr earn  conditions. 

With  regard  to  the  limited  blow  down  tunnel  running  time 
and  the  initially  unknown  critical  intake  total  pressure  recov¬ 
ery  a  coarse  step  by  step  throttle  closure  had  to  be  used.  This 
resulted  in  critical  total  pressure  recovery  data  with  a  margin 
of  uncertainty  in  the  order  of  8%. 
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During  the  following  tests  [11],  smaller  closure  steps  of  the 
throttle  gave  more  accurate  data  especially  in  the  important 
transition  Mach  number  regime  (3.5  -  3.6). 

Fig.  6  shows  the  corresponding  critical  kinetic  energy  effi¬ 
ciencies  based  on  measured  total  pressure  recoveries  and  per 
feet  gas  flow  transformation. 


Fio.  6  Influence  of  Mach  number  on  critical  kinetic 
energy  efficiency 

The  94%  critical  kinetic  energy  efficiency  at  a  transition 
Mach  number  of  3.6  corresponds  to  more  than  60%  of  total 
pressure  recovery. 

While  the  critical  kinetic  energy  efficiency  increases  from 
91.6%  at  Mach  4.5  up  to  94.1%  at  Mach  3.6,  the  correspond¬ 
ing  capture  massflow  ratio  drops  gradually  from  0.83  to  0.70 
due  to  the  14°  cone  shock  external  flow  deflection. 

The  moderate  influence  of  incidence  on  the  Hy  6M-intake 
performance  is  illustrated  by  Fig.  7 . 


Angle  of  incidence  a 


Fig.  7  Influence  of  incidence  on  critical  performance 
of  the  Hy  6M-1. 2.2-intake  model 

While  the  Hy  6M-1.2.2-intake  model  could  be  operated  (at 
Mach  3.6)  up  to  5.3°  of  incidence,  the  Hy  6M-3.2.2-model 
(with  slightly  smaller  internal  compression  and  performance) 
exhibited  stable  operation  even  up  to  7.2°  of  incidence. 

Based  on  the  experimental  data,  gained  from  tests  with  the 
intakes,  listed  in  Fig.  4,  the  principal  influence  of  internal 
area  contraction  on  minimum  starting  Mach  number  M-« 
and  the  corresponding  Mach  4.5  critical  kinetic  energy  effi¬ 
ciency  was  assessed: 

A  moderate  internal  area  contraction  results  in  a  wide  operat¬ 
ing  margin  with  a  low  minimum  starting  Mach  number,  but 
degrades  the  corresponding  critical  intake  efficiency  at  high¬ 
er  free  stream  Mach  numbers. 


Fig.  8  shows,  that  the  Mach  4.5  critical  kinetic  energy  effi¬ 
ciency  of  closeable  Hy-X-type  mixed  compression  intakes 
could  be  improved  from  =  91%  up  to  =  93%,  when  an  in¬ 
crease  of  the  minimum  starting  Mach  number  from  Mach  3.5 
to  Mach  4.5  could  be  tolerated. 


Fia.  8  Growth  of  Mach  4.5  critical  kinetic  energy  effici¬ 
ency  of  Hy  X-type  intakes  with  increasing  mini¬ 
mum  starting  Mach  number 

Starting  phenomena  with  Hy  X-type  closeable  mixed 
compression  intakes: 

The  original  Hy  6m-  and  Hy  7m-  intake  models  as  designed 
by  the  DLR -Cologne  and  MBB  could  not  be  started  even  at 
Mach  4.5  freestream  conditions  [8, 9,  10,  11]. 

Small  modifications  of  the  centerbody  contours 
+  eliminated  the  formation  of  intermediate  throats  dur¬ 
ing  centerbody  translation  of  the  Hy  7m  intake  model 
and  allowed  starting  of  the  renamed  Hy  7M-intake 
down  to  Mach  4  freestream  conditions, 

+  reduced  the  initial  increase  of  internal  area  contraction 
during  centerbody  retraction  of  the  Hy  6m-intake 
model  by  nearly  50%  and  allowed  starting  of  the  re¬ 
named  Hy6M-intakes  down  to  Mach  3.5  freestream 
conditions. 

Fig.  9  summarizes  key  aspects  for  starting  of  Hy  X-type  in¬ 
takes,  which  must  be  considered  in  relation  to  the  "contour 
design  principles"discussed  previously  [4,  Fig.  15]: 

A  No  multiple  throat  formation  during  center- 
body  retraction 

B  Limitation  of  internal  contraction  during 
Initial  centerbody  retraction 

C  Sufficient  initial  internal  contraction  for 
required  starting  pressure  recovery 
(excessive  heat  release  due  to  high  starting 
ER  and  /  or  booster  silvers) 

D  Limitation  In  cowl  lip  bluntness 

Fio.  9  Aspects,  governing  the  starting  phenomena  of 
Hy  X  -type  intakes 

In  contradiction  to  requirement  B  a  sufficient  initial  contrac¬ 
tion  (at  small  degree  of  entrance  area  opening)  is  required  to 
get  a  satisfactory  level  of  the  starting  critical  total  pressure 
recovery. 

In  spile  of  the  small  initial  air  massflow  during  intake  en¬ 
trance  opening,  an  excessive  heat  release  due  to  a  high  start- 
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ing  fuel  massflow  (equivalence  ratio  ER)  and  /  or  booster  re¬ 
siduals  can  prevent  the  intake  from  starting,  if  the  critical  to¬ 
tal  pressure  recovery  is  to  poor  in  comparison  to  the  corre¬ 
sponding  massflow,  so  that  the  fixed  ramjet  nozzle  cannot 
swallow  the  combustion  gases. 

As  illustrated  by  Fig.  10  the  Hy  6M-intake  exhibits  a  promis¬ 
ing  starting  critical  total  pressure  recovery  characteristic: 

More  than  50%  of  the  final  total  pressure  could  be  de¬ 
monstrated  at  24%  of  the  full  air  massflow. 


Fia.  10  Influence  of  starting  air  massflow  (centerbody 
retraction)  on  critical  total  pressure  recovery 
of  the  Hy  6M-intake  model 

The  internal  supersonic  compression  could  be  started  below 
26%  of  the  final  ceterbody  retraction  corresponding  to  an  en¬ 
trance  area  duct  height  well  below  2.3  mm. 

The  high  performance  starting  process,  illustrated  by  Fig.  10, 
could  however  only  be  realized  using  relatively  sharp  intake 
cowl  lips: 

While  a  bluntness  of  0.17  mm  (Dl  =  104  mm)  allowed  start¬ 
ing  of  the  Hy  6M  - 1 ,2-intake  models  without  problems,  a 
cowl  lip  bluntness  of  0.2  mm  or  more  prevented  intake  start¬ 
ing  under  all  conditions  tested. 

Additional  remarks  on  Hy  X-type  Intake  behaviour: 

o  The  internal  supersonic  total  pressure  losses  of  these 
mixed  compression  intakes  are  predominated  by  fric¬ 
tion  effects,  while  the  oblique  shock  losses  are  very 
small. 

o  Installation  of  center  body-boundary  layer  bleed  up¬ 
stream  of  the  throat  of  an  intake,  that  could  be  started 
without  any  bleed,  resulted  in  a  reduction  of  mass- 
flow,  effective  internal  contraction  and  critical  total 
pressure  recovery. 

o  A  sudden  dump  in  the  throat  region  of  a  Hy  X-type  in¬ 
take  means,  that  the  terminal  pseudo-shock  [17]  is  ex¬ 
tended  into  the  dump  area  during  critical  intake  opera¬ 
tion.  Therefore  unacceptable  supersonic  Camot-losses 
will  degrade  the  intake  performance  to  a  great  extent. 

3.  Comparison  of  different  circular  Intakes 

Within  an  independent  MOD  funded  research  programm  an 
other  family  of  different  axisymmetric  intakes,  but  with 
mainly  external  supersonic  compr  ssion  has  been  designed 
and  tested  at  the  DLR -Cologne  [13). 

Fig,  1 1  shows  the  contours  of  the  so  called  RH3A-  and 


RH3C-intake  in  comparison  to  the  Hy  6M-intake  and  sum¬ 
marizes  corresponding  key  parameters. 


Intake  conflg. 


Msol  0Cmax  ^/Ag 


Dl 

(mm) 

104 


130 


130 


Fia.  1 1  Contours  and  data  of  different  circular  intakes 

While  the  Hy  6M-intake  with  14°  conical  centerbody  deflec¬ 
tion  has  an  internal  cowl  lip  angle  of  6°,  the  RH3A-intake 
shows  a  33°  maximum  semi  isentropic  centerbody  deflection 
in  conjunction  with  a  cylindrical  internal  cowl  contour  and  a 
noticeable  amount  of  internal  area  contraction. 

The  RH3C-intake  exhibits  an  even  larger  centerbody  deflec¬ 
tion  angle  but  only  a  small  internal  area  contraction  due  to 
the  tremendous  30°  internal  cowl  lip  angle. 

All  these  intakes  were  tested  at  Reynolds  numbers  in  the  or¬ 
der  of  8.3-million  (Hy  6M-intakes)  or  10.4-million  (RH3-in- 
takes)  based  on  cowl  lip  diameter  and  ffeestream  conditions. 

Due  to  maximum  external  compression  and  minimum  inter¬ 
nal  friction  losses,  the  RH3C-inlake  shows  superior  com¬ 
pression  efficiencies  (Fig.  12). 


Fig.  12  Critical  kinetic  energy  efficiency  of  different  cir¬ 
cular  intakes 

With  regard  to  the  Hy  6M-intakc  performance  characteristic, 
it  must  be  mentioned,  that  this  intake  has  a  moderate  internal 
contraction  designed  for  starting  at  Mach  numbers  around 
3.5,  far  away  from  Mach  5.57  shock  on  lip  operation. 

A  reduction  of  the  operation  range,  defined  by  minimum 
starting-  and  shock  on  lip  Mach  number  would  result  in  a  re¬ 
markable  performance  improvement. 

The  efficiency  of  the  RH3A-intake  is  superior  to  Hy  6M-1.2 
only  at  freestream  Mach  numbers  above  4.1 . 

It  is  interesting,  that  this  superiority  vanishes  with  increasing 
angle  of  incidence.  Fig.  13  illustrates,  that  the  decrease  of 
critical  kinetic  energy  efficiency  (or  total  pressure  recovery) 
is  much  more  pronounced  for  the  external  compression 
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intakes. 


Angle  of  incidence  a 

Fia.  13  Influence  of  incidence  on  critical  kinetic  energy 
efficiency 

Moreover  the  decrease  of  capture  massflow  ratio  with  inci¬ 
dence  is  larger  in  the  case  of  the  RH3-intakes. 

This  observed  influence  of  incidence  on  performance  of  ex¬ 
ternal  and  mixed  compression  intakes  is  in  contrast  with  the 
classical  literature,  where  a  stronger  incidence  sensitivity  on 
performance  is  generally  quoted  to  the  mixed  compression 
intakes. 

Pre-entry  drag,  cowl  drag  and  front  Intake-misrbe  total 
drag: 

While  the  pre-entry  drag  of  the  Hy  X-type  intakes  could  be 
calculated  exactly  using  a  method  of  characters'  s  code 
[14],  a  comparable  calculation  was  not  available  in  the  tjse 
of  the  external  compression  intakes: 
o  The  RH3A-intake  shows  cow]  shock  detachment  at  a 
freestream  Mach  number  approximately  4.5  due  to 
excessive  internal  •  <w  turning, 
o  Below  a  freestrt  ’.un  -'  of  roughly  4  no  re- 

g.  .ar  isentropic  flo  ..npression  seems  to  be  possi¬ 
ble  alor.g  the  38°  spike  deflection  of  the  RH3C-intake. 

A  crude  assessment  of  the  pre-entry  drag  data  resulted  in  a 
much  more  pronouiK'  i  increase  of  pre-entry  drag  for  both 
external  compression  intakes  below  shock  on  lip  Mach  num¬ 
bers  (in  comparison  to  the  Hy  6M-inlakes). 

A  final  more  reasonable  recalculation  of  pre-entry  drag  data 
[14]  came  too  late  for  the  (intake  governed)  performance  cal¬ 
culations  presented  in  this  paper,  but  would  have  led  to  even 
slightly  higher  drag  levels  for  both  external  compression  in¬ 
takes. 


design  of  the  windtunnel  model  [13].  The  correspon¬ 
ding  5°  lip  divergence  could  be  realized  with  a  steel 
made  cold  flow  windtunnel  model  but  may  be  imprac¬ 
ticable  with  a  C/C-high  temperature  resistant  struc¬ 
ture.  Nevertheless  an  external  cowl  lip  angle  of  35° 
was  presumed  for  the  drag  evaluation. 


< '  .1  .2  .3  .4  .5  .6  .7  (X-Xl)/Yl 

Fia.  14  Comparison  of  intake  cowl  contours 


In  spite  c  the  unrealistic  small  cowl  lip  divergence  angle  of 
5°,  the  Rh  JC-intake  exhibits  by  far  the  highest  external  cowl 
drag  (assessed  by  a  shock  expansion  theory). 


Front  intake  missile  total  drag: 


The  front  intake  ’e  drag  depicted  in  Fig.  15,  represents 
the  sum  of  ’he  aforementioned  pre-entry  drag,  cowl  wave 
drag  (Al/A  =  .55)  and  a  fuselage  friction  and  tail  drag  as  cal¬ 
culated  for  the  original  missile  configuration  (Fig.  3): 


The  drag  characteristic  of  the  Hy  6M-intake  missile  shows  a 
continuous  slope  oeyond  Mach  5  due  to  the  high  design 
shock  on  lip  Mach  number  of  5.57. 


Based  on  the  internal  cowl  contours  of  the  tested  windtunnel 
models,  the  external  cowl  contours  were  designed  with  re¬ 
gard  to  the  different  Mach  4.5  internal  critical  pressure  levels 
assuming  a  C/C-structure  following  the  baseline  missile  con¬ 
figuration  of  Fig.  3. 

Fig.  14  shows  the  resulting  intake  cowl  contours: 
o  All  intakes  have  an  identical  cowl  lip  bluntness  cor¬ 
responding  to  0.2  mm  (Dl  =  163  mm), 
o  The  lip  divergence  angle  is  17°  for  both  the  Hy  6M- 
and  the  RH3A-intake  missile, 
o  To  avoid  cowl  lip  shock  detachment  below  shock  on 
lip  Mach  numbers  and  /  or  at  incidence  an  external 
RH3C-cowl  lip  angle  of  35°  had  been  selected  during 


Fia.  15  Zero  lift  drag  coefficients  of  different  front  in¬ 
take  missiles 

At  Mach  4.8  (shock  on  lip  operation)  the  RH3A-intake  mis¬ 
sile  exhibits  the  lowest  drag  due  to  the  fact  having  the  small¬ 
est  cowl  angles.  Below  shock  on  lip  however,  the  pre-entry 
drag  of  the  external  compression  intake  increases  rapidly,  so 
that  already  at  Mach  4.5  the  RH3A-intake  missile  drag  ex¬ 
ceeds  the  corresponding  Hy  6M-intake  missile  drag  level. 

Despite  its  unrealizable  small  cowl  lip  divergence  angle,  the 
RH3C-intake  missile  shows  an  unacceptable  high  drag  level 
resulting  from  both  pre -entry  drag  and  cowl  wave  drag. 


Engine  performance  calculations  for  comparison  of  dif¬ 
ferent  intakes: 

The  RH3C-intake  offers  a  nearly  2.5%  improvement  in  kinet¬ 
ic  energy  efficiency  at  Mach  4.5  in  comparison  to  the  Hy  6M 
-intake. 

Therefore  the  question  arises: 

Up  to  which  extent  the  specific  impulse  of  a  ducted  rocket  or 
a  ramjet  will  be  improved  by  the  higher  intake  efficiency? 
Based  on  NASA  Lewis  Code  [16)  generated  nozzle 
data  [  15],  the  performance  values  of  boron  fuelled 
ducted  rockets  were  calculated  assuming  transition  to 
frozen  flow  downstream  of  the  nozzle  throat  at  120% 
of  the  throat  area  while  the  total  nozzle  area  expansion 
ratios  are  in  the  order  of  10. 

An  exit  momentum  loss  coefficient  of  97.5%  has  been 
assumed  for  all  these  example  calculations. 

Influence  of  critical  kinetic  energy  efficiency  on  Mach  4.5 
ducted  rocket  performance 

Operating  at  a  maximum  combustor  total  pressure  corre¬ 
sponding  to  90%  of  the  critical  intake  exit  total  pressure,  the 
pressure  ratio  for  a  Hy  6M-intake  ducted  rocket  designed  for 
Mach  4.5  cruise  would  reach  93.7. 

The  extremly  high  RH3C-intake  critical  kinetic  energy  effi¬ 
ciency  of  94.1%  (without  any  bleed)  would  permit  an  impres¬ 
sive  increase  in  the  cruise  flight  nozzle  pressure  ratio  up  to 
122.4,  but  on  the  other  side  only  10%  to  15%  of  thrust  im¬ 
provement  are  obtained,  depending  on  the  fuel  to  air  ratio, 
specified. 

On  the  other  hand  the  RH3C-intake  missile  exhibits  mote 
than  twice  the  drag  of  the  baseline  Hy  6M-intake  missile,  as 
illustrated  by  Fig.  15  and  Fig.  16. 
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pjq.  16  Influence  of  total  pressure  recovery  and  thrust 
coefficient  on  specific  impulse  and  fuel  con¬ 
sumption 

While  the  baseline  Hy  6M-intake  missile  can  cruise  (at  Mach 
4.5)  at  a  very  low  equivalence  ratio  (low  drag)  and  a  corre¬ 
spondingly  poor  specific  impulse  level,  the  doubled  thrust 
demand  of  the  RH3C -intake  missile  requires  a  50%  higher 
equivalence  ratio. 

As  listed  in  Fig.  16,  the  higher  thrust  demand  improves  the 
specific  impulse  in  addition  to  the  pressure  related  increase 
by  a  total  of  31  %. 

Nevertheless  the  RH3C-intakc  missile  would  require  a  53% 
higher  fuel  consumption  in  comparison  to  the  Hy  6M-basc- 
line  configuration. 


The  RH3A-intake  permits  an  improvement  of  the  specific 
impuse,  which  compensates  the  higher  drag  level  at  Mach  4.5 
cruise  flight.  Due  to  its  lowest  configuration  drag  above 
Mach  4.6  (see  Fig.  15),  this  intake  would  yield  minimum 
cruise  flight  fuel  consumption  at  higher  Mach  numbers. 

Suitability  of  different  front  intakes  for  medium  range  air 
to  ground  missile  propulsion: 

The  final  judgement  on  intake  qualities  will  be  based  on 
appropriate  missile  design  and  performance  studies. 

Under  the  presumption,  that  a  detacheable  (or  consumeable) 
intake  entrance  area  cover  cap  with  only  1 6°  half  cone  angle 
can  be  realized,  the  RH3A-intake  missile  drag  during  boost 
will  rise  by  merely  15%  in  comparison  to  the  Hy  6M-base- 
line  configuration. 

The  higher  operating  pressures  will  require  heavier  chamber 
structures  and  just  compensate  the  weight  reduction  due  to 
the  much  simpler  intake  structure  including  no  sliding  center- 
body  shell. 

Both  missiles  (with  Hy  6M-  and  RH3A-intake)  will  be  boost¬ 
ed  up  to  a  Mach  3.6  transition. 

As  illustrated  by  Fig.  17,  the  Hy  6M -baseline  configuration 
shows  a  much  higher  initial  acceleration  due  to  the  much 
lower  pre -entry-  and  total  missile  drag. 


Fia.  17  Flight  velocity  versus  time  for  air  to  ground 
missiles  with  different  front  intakes 

A  ducted  rocket  gasgeneralor  bum  rate  pressure  exponent  of 
0.5  is  required  for  the  Hy  6M-baseline  missile,  to  realize  the 
baseline  mission  without  variable  geometry. 

The  higher  initial  fuel  consumption  due  to  the  lower  critical 
total  pressure  recovery  of  the  RH3A-intake  missile  will  van¬ 
ish,  when  this  missile  exceeds  Mach  4.5,  where  it  operates  at 
both  favourable  drag  and  intake  total  pressure  recovery. 

Due  to  its  large  increase  in  capture  air  mass  flow  with  flight 
Mach  number  (up  to  Mach  4.8  shock  on  lip  operation)  a  pres¬ 
sure  exponent  of  only  0.25  is  required  for  the  RH3A-missile 
to  perform  the  comparable  30  km  mission  at  sea  level. 

The  RH3C-intake  missile  must  be  boosted  up  to  about 
Mach  4  due  to  its  excessive  external  drag  at  lower  Mach 
numbers.  Even  if  neglecting 

the  higher  boost -propellant  demand  due  to  both  in¬ 
creased  drag  level  (cowl  drag)  and  transition  Mach 
number 

heavier  chamber  structures  due  to  increased  design 
operating  pressures, 


the  prohibitive  cruise  flight  drag  would  reduce  the  missile 
range  by  more  than  20%. 

Fig.  18  illustrates  after  all,  that  a  high  critical  total  pressure 
recovery  at  high  flight  Mach  numbers  can  not  be  utilized 
with  fixed  nozzle  rampropulsion  engines. 


3,5  4  4,5 


Flight  Mach  number 


Fia.  18  Influence  of  flight  Mach  number  on  supercritical 
margin  for  fixed  geometry  ducted  rockets  with 
different  front  intakes 

Even  the  Hy  6M-intakc  exhibiting  a  remarkable  decrease  in 
critical  total  pressure  recovery  with  growing  flight  Mach 
number  will  operate  at  increasing  supercritical  margins  with 
rising  velocity. 

Therefore  tactical  missile  intakes  must  show  high  values  of 
critical  total  pressure  recovery  in  the  transition  Mach  number 
regime  only. 


4.  Conclusions 

Fig.  19  summarizes  the  selection  criteria  of  the  three  different 
circular  missile  intakes  under  consideration. 


Intake  configuration 

Hy  6M 

RH3A 

RH3C 

Critical  total  pressure 
recovery  at  transition 

+ 

0 

+ 

Sensitivity  to  incidence 

+ 

- 

- 

Air  massflow  characteristic 

- 

+ 

+ 

External  drag 

+ 

0 

-- 

Practicable  operation  range 

+ 

0 

- 

RANKING 

1 

2 

3 

Fig.  19  Front  intake  selection  criteria 

The  RH3C-intake  looks  most  unfavourable  due  to  its  prohibi¬ 
tive  pre-entry  drag  and  cowl  drag.  Furthermore  the  5°-limita- 
tion  of  cowl  lip  divergence  may  be  impracticable  for  a  hyper¬ 
sonic  flight  structure. 

The  RH3A-intake  requires  no  moveable  structures  for  start¬ 
ing  but  an  additional  gadget  for  closure  of  intake  entrance  ar¬ 
ea  during  boost. 

Except  for  incidence  sensitivity,  the  overall  performance  of 
the  RH3A-intakc  missile  is  comparable  to  the  baseline 
Hy  6M -configuration.  Integration  of  the  seeker  within  the 
scmi-iscntropic  ccnlerbody  spike  may  be  an  additional  prob¬ 


lem. 

Therefore  the  original  selection  of  the  closeable  mixed  com¬ 
pression  Hy  6M-1. 2.2-intake  for  the  propulsion  system  of  fu¬ 
ture  medium  range  anti-radiation  missiles  seems  to  be  justi¬ 
fied.  By  the  way,  the  high  shock  on  lip  Mach  number  of  5.57 
will  prevent  cowl  lip  cone-shock  interactions  with  corre¬ 
sponding  excessive  thermal  loads  [18]  within  the  Mach  num¬ 
ber-  and  incidence-  envelope  of  the  missile. 
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Discussion 

Question  from  Nl.  RAMETTE,  DASSAULT.  France 

What  aerodynamics  results  did  you  obtain  in  the  Mach  4,5  to  Mach  5,6  domain 
for  the  Hy  6  M  inlet  ? 


Author's  reply 

We  did  not  test  the  Hy-type  intakes  above  a  Mach  number  of  4,5  because  the 
wind  tunnel  did  not  allow  the  simulation  of  higher  Mach  number.  In  addition,  we  feel  that  the 
intake  performance  data  at  higher  Mach  number  will  be  of  minor  importance  because  critical 
intake  operation  cannot  be  achieved  with  fixed  geometry  ramjet  systems  as  illustrated  by  figure 
18.  Wether  the  intake  may  operate  at  20  %  or  30  %  supercritical  margin  is  not  interesting. 
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MULTIPLE-INLET  CONFIGURATION  FOR  MISSILES  WITH  SKID-TO-TURN  CONTROL  MODE 
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SUMMARY 

For  missiles  with  cartesian  control  mode  a  symmetrical  con¬ 
figuration  with  four  inlets  is  most  common.  The  operation  of 
a  multiple  inlt  system  is  significantly  influenced  by  the  inter¬ 
action  of  the  coupled  inlets.  Inherent  problems  are  discussed 
by  means  of  a  simplified  model  and  windtunnel  test  results. 

First  a  configuration  with  four  axisymmetrical  inlets  is  pre¬ 
sented.  Different  inlet  geometries  and  the  influence  of  an  ex¬ 
ternal  boundary  layer  bleed  are  investigated  in  order  to  obtain 
an  enlarged  stable  operation  regime.  Windtunnel  tests  of  in¬ 
dividual  inlets  and  of  four  coupled  inlets  showed  the  effects 
of  inlet  matching  and  the  resulting  overall  performance. 

Furthermore  a  configuration  with  four  rectangular  inlets  is 
discussed.  Problems  and  advantages  of  the  conventional  and 
the  inverted  integration  mode  are  illustrated  using  wind  tun¬ 
nel  test  results.  It  is  shown  that  the  use  of  a  pre  compression 
ramp  is  especially  beneficial  to  the  inlet  matching  of  four  in¬ 
verted  inlets. 

List  of  Symbols 

A  area 

c*  characteristic  velocity 

cD  drag  coefficient 

d  diameter 

h  boundary  layer  diverter  height 

1  length 

1/d  finess  ratio 

M  Mach  number 

m  massflow 

p  pressure 

q  dynamic  pressure 

Re  Reynolds  number 

v  velocity 

xs  slot  width  of  the  boundary  layer  bleed 

a  angle  of  attack 

6  boundary  layer  thickness 

<p  roll  angle 

0  miscellaneous  inlet  geometry  angles 


Indices 

0  free  stream  condition 

1  capture  area  (inlet  lip) 

2  single  inlet  exit 

3  common  chamber  after  mixing 

4  nozzle  throat 

t  total  condition 

B1  boundary  layer  bleed 

c  cone 

r  ramp 

1.  INTRODUCTION 

With  regard  to  the  demanded  flight-trajectory,  for  many  mis¬ 
siles  a  cartesian  control  mode  is  required.  Mostly  this  control 
mode  is  applied  to  a  missile  configuration  with  4  control  sur¬ 
faces  and  4  wings  in  x-position.  The  fixed  roll  angle  at  ma¬ 
neuvers  simplifies  the  automatic  control,  since  pitch  and  yaw 
planes  are  decoupled.  Compared  with  a  bank-to-tum  control 
mode  the  skid  to-tum  control  mode  causes  a  higher  maneu¬ 
vering  agility,  which  may  be  important  during  the  final  ap¬ 
proach  of  the  missile.  Previous  system  investigations  for  an¬ 
ti-ship-missiles  have  shown,  that  the  skid- to- turn  control 
mode  is  also  superior  in  order  to  maintain  constant  altitude  at 
sea-skimming  flight,.  Furthermore  seeker  problems  are  re¬ 
duced. 

Concerning  the  air  intakes  of  airbreathing  engines,  the  carte¬ 
sian  control  mode  is  less  favourable.  Depending  on  the  orien¬ 
tation  of  the  lateral  acceleration,  the  plane  of  incidence  may 
vary.  With  respect  to  an  undistorted  flow  there  is  no  pre¬ 
ferred  position  to  install  a  single  aft-intake.  In  most  cases  a 
configuration  with  a  nose  inlet  is  not  applicable  because  the 
"field  of  view”  of  the  seeker  would  be  affected.  Moreover 
nose  or  front  inlets  do  not  allow  a  modular  system  design. 
The  sensitivity  to  incidence  of  a  single  aft  mounted  inlets  de¬ 
pends  strongly  on  the  incidence  plane.  Therefore  in  the  case 
of  a  cartesian  control  mode  of  the  missile  a  4-intake  configu¬ 
ration  is  frequently  used.  Besides  the  advantage  of  a  symmet¬ 
rical  missile  aerodynamics  there  are  other  arguments  for  a  4- 
inlel  configuration  concerning  the  combustion  chamber  of  a 
ramjet: 

In  a  modem  design  of  ramjet  powered  missiles  the  boost 
motor  is  integrated  in  the  ramjet  combustion  chamber. 
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This  design  does  not  allow  the  application  of  mechanical 
flameholder  devices  in  the  combustion  chamber.  There¬ 
fore  the  configuration  of  the  entering  air  is  used  to  gener¬ 
ate  recirculation  zones  in  the  dome  section  in  order  to  sta¬ 
bilize  the  flame.  A  system  with  four  inlets  leads  to  a  bet¬ 
ter  uniformity  of  flow  and  temperature  compared  to  a 
system  with  one  or  two  intake  ducts. 

For  the  operation  of  the  rudders  this  type  of  missile  needs 
four  actuators.  If  the  control  surfaces  are  in-line  with  the 
inlets,  the  actuators  can  be  mounted  in  the  extended  inlet- 
fairings,  without  producing  additional  drag. 

Therefore  it  is  evident,  that  the  most  common  configuration 
of  recent  ramjet-powered  missiles  represents  a  design  with 
4-inlets  combined  with  one  chamber. 

2.  INTERACTION  PROBLEMS  OF  MULTIPLE 
INLET  CONFIGURATIONS 

A  system  of  multiple  inlets  connected  with  a  common  cham¬ 
ber  induces  an  interaction  of  the  inlets  which  can  cause  un¬ 
stable  flow  in  one  or  more  inlets  up  to  reverse  flow.  Depend¬ 
ing  on  the  inlet  characteristics  this  can  even  happen  at  zero  or 
small  angle  of  attack. 

To  understand  this  interaction,  it  is  useful  to  apply  a  simpli¬ 
fied  assumption. 

Fig.  1  shows  2  inlets  connected  with  one  chamber.  In  princi¬ 
ple  this  may  also  be  representative  for  4  inlets,  if  we  assume, 
that  the  characteristics  of  two  inlet  pairs  are  exactly  equal 
(e.  g.  inlets  in  X -position). 

The  dashed  lines  indicate  walls  of  air-ducts,  which  take  care 
that  the  air  enters  the  chamber  with  parallel  flow.  In  the  en¬ 
trance  plane  the  static  pressure  is  considered  constant. 


Fiq.  1  Multiple  inlet  flow  model  with  simplified 
assumptions 


Fia.  2  Individual  inlet  characteristics  (total  -  and  static 
pressure  ratio). 

To  measure  the  operation  at  reverse  flow,  we  have  conducted 
tests,  in  which  we  have  throttled  the  mass  flow  down  to  zero 
and  then  have  led  additional  air  at  the  rear  into  the  inlet,  in 
order  to  cause  reverse  flow. 

At  the  air  duct  entrance  section  the  static  pressure  for  each 
inlet  can  be  determined  (Fig.  2,  dashed  line).  According  to 
the  assumption  of  constant  static  pressure  at  the  entrance  sec¬ 
tion,  the  operation  points  of  the  single  inlets  can  be  found  out 
by  following  a  line  of  constant  pressure.  At  low  pressure  ra¬ 
tios  (line  a)  both  inlets  operate  supercrilically. 

The  total  mass  flow  is 

"Vl  =  l*l2(I)  +  *''2(1D 

To  determine  the  total  pressure  ratio,  the  mixing  losses  of  the 
different  flows  have  to  be  considered. 

If  the  critical  pressure  ratio  of  inlet  I  is  exceeded  (line  b),  the 
inlet  I  operates  subcritically  near  to  the  stability  limit  (line  c). 
By  a  further  increase  of  the  pressure  a  solution  is  only  possi¬ 
ble,  if  inlet  I  operates  at  reverse  flow  (line  d).  In  this  example 
the  operation  point  of  inlet  I  jumps  from  the  last  stable  point 
to  reverse  flow. 

To  find  out  the  characteristics  of  the  total  system,  besides  the 
pressure  condition  the  flow  condition  of  the  choked  nozzle 
has  to  be  fulfilled: 

m3  =  P.3  Vc* 

For  constant  nozzle  areas  this  gives  straight  lines.  The  incli¬ 
nation  of  these  lines  increases  for  decreasing  nozzle  areas 
(Fig.  3  b  dashed  lines). 

In  a  ramjet  combustor  these  lines  are  equivalent  to  different 
fuel  mass  flows. 


Measurements  have  shown,  that  this  assumption  is  approxi¬ 
mately  valid  down  to  zero  massflow  in  one  inlet  Even  with¬ 
out  the  duct  for  parallel  flow  (dashed  line)  the  single  inlet  op¬ 
eration  changes  not  too  much. 

Fig.  2  shows  a  typical  inlet  characteristic  (pressure  recovery 
versus  air  massflow  ratio)  of  two  inlets,  one  having  a  lower 
performance,  which  may  be  caused  by  an  angle  of  attack. 
Both  curves  show  a  supiercritical  range,  a  small  stable  sub- 
critical  range,  a  drop  caused  by  unstable  opieration  and  a 
pressure  increase  at  reverse  flow. 


To  demonstrate  more  clearly  the  various  modes  of  inlet 
matching,  we  assume  idealized  individual  inlet  characteris¬ 
tics  of  the  four  inlets,  shown  in  Fig.  3  a.  These  characteristics 
are  typical  for  a  4-  inlet  configuration  in  x-orientation  at  an¬ 
gle  of  attack.  Different  from  the  common  presentation  of  in¬ 
let  characteristics  the  static  pressure  at  the  entrance  section  of 
the  individual  inlet  is  used.  Diagram  Fig.  3  b  shows  the  cor¬ 
responding  characteristics  of  the  total  system.  Starting  at 
point  A,  all  inlets  operate  supercrilically.  If  the  maximum 
pressure  ratio  of  the  worst  performing  inlet  is  exceeded  (B), 
the  next  possible  solution  is  point  (C),  where  inlet  I  operates 
at  reverse  flow.  Further  throttling  increases  the  pressure  ratio 
up  to  the  critical  point  of  inlet  II  at  point  (D).  At  point  (E) 
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a)  individual  inlet  characteristics  b)  total  inlet  characteristic 

Fig.  3  Typical  individual  characteristics  of  a  4-inlet  system  at  angle  of  attack  and  resultant  total 
characteristic 


two  inlets  (I  and  II)  operate  at  reverse  flow. 

Upon  opening  the  nozzle  the  system  follows  a  different  oper¬ 
ation  scheme.  Following  back  the  individual  characteristics 
the  pressure  reaches  its  minimum.  In  the  total  characteristics 
this  corresponds  to  operation  point  (F).  where  one  inlet  oper¬ 
ates  near  zero  massflow,  while  the  others  operate  at  supercrit¬ 
ical  conditions.  If  we  follow  the  line  for  constant  nozzle  area 
we  arrive  at  point  (A).  This  means,  that  there  are  two  solu¬ 
tions,  one  with  reverse  flow  of  one  inlet,  one  with  4  inlets  in 
supercritical  operation.  This  operational  mode  can  only  be 
changed  when  the  pressure  decreases  below  point  (A). 

This  means,  if  we  have  nozzle  areas  between  point  (A)  and 
(B)  or  equivalent  conditions  in  the  ramjet  combustion  cham¬ 
ber,  the  following  can  happen: 

The  engine  operates  between  point  (A)  and  (B)  in  the  super¬ 
critical  range.  Upon  a  short  distortion,  caused  by  an  exceeded 
angle  of  incidence,  one  inlet  reaches  reverse  flow.  The  reve- 
rese  flow  remains  after  this  disturbance  at  normal  incidence. 
Only  when  the  operation  point  falls  below  point  (A)  the  re¬ 
verse  flow  will  stop.  Therefore  it  is  important  for  a  ramjet 
with  multiple  inlets  to  find  out  whether  any  operational  condi¬ 
tions  may  fall  into  this  regime  of  hyteresis. 

The  diagram  Fig.  4  shows  test  results  of  a  configuration  with 
4  half  axisymmetrical  inlets  at  Mo  =  2.5. 

To  induce  an  operation  with  reverse  flow,  the  boundary  layer 
bleed  sections  of  the  inlets  were  closed,  so  that  the  stable 
range  of  the  single  inlet  became  very  small.  The  mass  flow  in 
each  duct  was  determined  by  venturi  nozzles.  Massflow 
measurements  at  certain  operation  points  indicated,  that  one 
inlet  after  the  other  ran  into  reverse  flow. 

Fig.  5  shows  test  results  with  a  measured  hysteresis.  The  lest 
results  belong  to  a  test  arrangement  of  four  axisymmetrical 
inlets,  installed  for  semi -free -jet  tests  with  a  ramjet  at  Mo  = 

2. 1.  At  the  beginning  of  the  tests  the  boundary -layer  bleed 
was  blocked  incidenlly,  with  the  result,  that  the  desired  pres¬ 
sure  recovery  was  not  reached  and  two  inlets  ran  into  reverse 
flow.  Only  when  the  nozzle  area  was  nearly  at  its  maximum, 
all  inlets  returned  to  normal  flow 
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Fig.  4  Characteristic  of  a  4-inlet  configuration  with  a 
small  stable  range  of  the  individual  inlet,  (nega¬ 
tive  values  indicate  reverse  flow) 
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Fia.  5  Characteristics  of  a  4-inlet  configuration  mea¬ 
sured  at  semi-freejet  tests.  (A  -  range  in  which 
reverse  flow  may  occur) 


24-4 


With  boundary  layer  bleed  in  operation,  the  strong  pressure 
drop  was  suppressed  and  up  to  the  measured  subcritical  point 
reverse  flow  did  not  happen  (Fig,  5  dashed  line). 


Fig.  6  Ram  rocket  free  flight  test  EFA 

The  flash  at  the  inlet  indicates  reverse  flow 

Reverse  flow  is  not  only  a  phenomenon  of  wind  tunnel  tests, 
as  the  photo  (Fig.  6)  shows,  which  was  taken  during  free- 
flight  testing  of  the  ram  rocket  test  missile  EFA.  Its  four  half 
axisymmetrical  inlets  were  designed  to  have  wide  stable  sub- 
critical  range  up  to  8°anglc  of  incidence.  By  incorrect  separa¬ 
tion  from  the  tandem  booster,  the  missile  got  a  lateral  push  in¬ 
ducing  angles  of  incidence  of  approximately  30°  at  the  begin¬ 
ning  of  the  cruise  phase.  Caused  by  the  pressure  recovery 
drop  reverse  flow  occurred  in  one  ot  two  inlets  as  to  be  seen 
by  the  flash  coming  out  of  the  inlet  for  some  milliseconds. 
Due  to  the  stable  inlet  characteristics  normal  flow  was  re¬ 
stored  at  smaller  incidence. 

A  method  to  avoid  the  sudden  transition  to  reverse  flow  is  to 
provide  a  high  velocity  in  the  section  where  the  single  ducts 
enter  the  common  chamber.  This  reduces  the  static  pressure 
level  at  critical  operation  and  an  increasing  slope  of  the  sub- 
critical  branch  of  the  chracteristic  can  be  obtained  (Fig.  8). 


Fig.  7  Influence  of  increased  entrance  Mach 
numbers  on  the  static  pressure  inlet 
characteristics 


We  have  run  windtunne!  tests  with  a  4-inlct  system  applying 
different  Mach  numbers  in  the  mixing  region.  The  test  results, 
Thus  the  worst  performing  can  meet  the  critical  pressure  of 
the  other  inlets  at  subcritical  operation  forcing  them  into  sub- 
critical  operation,  too. 

Fig.  8,  show,  that  with  increasing  mixing  Mach  number  the 
saw-tooth  shape  of  the  curves  is  smoothed.  The  individual  in¬ 
let  mass-flow  was  not  determined,  but  there  have  been  indica¬ 
tions  that  no  reverse  flow  occurred  at  M  =  0,8  and  all  inlets 
operated  at  similar  subcritical  conditions.  The  disadvantage 
of  the  lower  critical  pressure  recovery  can  be  reduced  by  an 
efficient  diffuser  after  the  entrance  section.  However,  in  sev¬ 
eral  cases  of  ramjet  application  this  waste  of  volume  can  not 
be  accepted. 


Fig.  8  Influence  of  increased  Mach  numbers  at  the 
exit  of  the  air  ducts 

The  previous  considerations  have  shown,  that  depending  on 
the  decrease  of  the  subcritical  pressure  recovery  and  the  dif¬ 
ference  of  the  individual  inlet  pressure  levels  the  following 
can  happen: 

-  the  stable  operating  regime  of  the  multiple  inlet  system 
is  reduced  compared  to  the  conditions  of  the  single  inlet; 

-  in  the  subcritical  regime  reverse  flow  can  occur  as  sud¬ 
den  phenomenon; 

-  even  the  supercritical  branch  can  be  affected  by  a  range 
of  hysteresis.  If  the  engine  uses  this  part  of  the  inlet 
characteristic,  reverse  flow  once  established  remains, 
even  when  the  responsible  disturbance  has  disappeared. 

According  to  our  experience  all  methods  to  damp  these  phe¬ 
nomena,  as  for  example  to  avoid  pressure  drop  in  the  subcrit¬ 
ical  branch,  lead  to  lower  total  pressure  recovery.  Compared 
with  the  advantages  of  a  higher  supercritical  margin  this  gain 
of  stability  is  rather  doubtful. 

Consequently,  during  design  and  development  of  the  single 
air  intake  we  try 

-  to  reduce  the  sensitivity  against  angle  of  incidence. 

to  avoid  pressure  drop  at  the  beginning  of  the  subcritical 
branch,  for  example  caused  by  Dailcy-instability; 

Concerning  the  inlet  integration  it  has  to  be  considered,  that 
the  intake  at  the  position  with  the  highest  sensitivity  to  inci¬ 
dence  limits  the  maximum  pressure  recovery,  and  that  a  high 
pressure  recovery  of  the  other  inlets  has  no  positive  influ¬ 
ence. 
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3.  INVESTIGATED  CONFIGURATIONS 

3.1  Four  Side  Mounted  Axisymmetrical  Intakes 

In  Germany  the  predevelopment  of  a  solid  propellant  ram- 
rocket  for  an  anti-ship  missile  led  to  investigations  of  a  con¬ 
figuration  with  four  axisymmetrical  cone  inlets. 

To  meet  the  requirement  of  high  lateral  "g"  load  maneuvers 
without  loss  of  speed  a  high  pressure  recovery  at  incidence 
was  necessary. 

The  angle  of  incidence  had  to  be  limited  to  about  6°  to  ensure 
that  the  increasing  drag  can  be  compensated  by  engine  thrust. 
The  requirement  of  a  long  range  at  high  cruise  velocity  in¬ 
duced  a  high  propulsion  mass.  In  order  to  save  propulsion 
mass  it  was  necessary  to  use  inlets  with  a  very  low  structural 
weight.  Therefore  axisymmetrical  cone-inlets  were  chosen 
instead  of  ramp  inlets. 

The  design  of  the  single  inlet  was  influenced  by  the  experi¬ 
ence  with  multiple  inlet  systems.  Therefore  the  need  for  a 
certain  stable  subcritical  range  of  the  individual  intake  and  a 
low  sensitivity  to  incidence  have  been  important  design  crite¬ 
ria. 

The  windtunnel  tests  started  with  measurements  of  a  nearly 
full-scale  isolated  inlet  model.  The  tests  were  carried  out  ap¬ 
proximately  with  the  original  flight  Re-number. 

Fig.  9a  shows  the  geometry  of  the  basic  wind  tunnel  model. 
The  inlet  design  featured  a  halfcone  angle  of  25°  and  an  in¬ 
ternal  contraction  of  5  %.  In  the  first  step,  a  boundary  layer 


b)  Single  cone  inlet  with  boundary  layer  bleed  at 
the  cone  surface  (9C  =  25°) 


c)  Double  cone  inlet  with  boundary  layer 
bleed  at  the  cone  surface  (0C  =  15, 25°) 

Fig.  9  Geometry  of  the  investigated  axisymmetrical 
inlets 
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Fig.  10  Investigated  axisymmetrical  inlets,  at  zero  inci¬ 
dence 

A:  single  cone; 

B:  single  cone  with  boundary  layer  bleed; 

C;  double  cone  with  boundary  layer  bleed 
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Fig.  1 1  Investigated  axisymmetrical  inlets  at  incdence 
A:  single  cone; 

B:  single  cone  with  boundary  layer  bleed; 

C;  double  cone  with  boundary  layer  bleed 

bleed  was  not  provided.  The  demonstrated  test  results  were 
measured  at  a  Mach  number  slightly  lower  than  the  nominal 
shock  on  lip  Mach  number  of  2.3. 

According  to  a  missile  incidence  angle  of  a  =  6°the  inlet  in¬ 
cidence  sensitivity  during  the  isolated  inlet  tests  was  investi¬ 
gated  up  to  a  =  10°  because  of  a  higher  local  angle  occur¬ 
ring  in  the  integrated  configuration.  The  measured  pressure 
recovery  at  a  =  0°  (Fig.  10)  was  found  to  be  high  and  accept¬ 
able  even  at  incidence  (Fig.  11).  However,  the  stable  range 
was  relatively  small.  Therefore  as  a  next  step  a  boundary 
layer  bleed  was  installed. 

To  avoid  a  pressure  decrease  caused  by  Dailey  Instability  [8] 
a  perforated  bleed  area  was  provided  on  the  external  cone 
surface  (Fig.  9b)  [4],  [5).  The  bleed  air  was  led  through  the 
center  body  and  channels  in  two  struts.  A  rather  high  bleed 
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The  measured  inlet -characteristics  (Fig.  10, 11)  exhibited  no 
gain  in  pressure  recovery,  but  the  stable  range  was  increased. 
Theoretical  considerations  [6]  and  Schlierenphotos  showed, 
that  the  shear  layer  enters  the  inlet  at  the  stability  limit.  This 
is  caused  by  the  intersection  of  the  oblique  and  normal  shock 
at  subcritical  operation. 

Inlet  instability  induced  by  this  slip- line  is  called  Ferri-Insta- 
bility  [9].  With  respect  to  this  problem  a  double  cone  inlet 
was  designed  (Fig.  9c).  Here  the  intention  was  to  keep  the 
slip-line  of  the  first  oblique  shock  outside  the  captured  flow 
over  a  wide  range  of  the  subcritical  regime.  Only  the  weaker 
slip-line  of  the  second  oblique  shock  was  allowed  to  enter  the 
cowl. 

The  Schlierenphotos  Fig.  12  show  the  shock  pattern  at  super¬ 
critical  operation,  at  subcritical  operation  with  a  relatively 
forward  positioned  shock  and  at  an  incidence  angle  of  10°. 

At  subcritical  operation  the  two  slip-lines  can  be  identified 
clearly. 

The  pressure  recovery  was  increased  (Fig.  10)  by  the  double 
cone  and  a  higher  internal  compression.  The  inlet  was  stable 
down  to  a  massflow  ratio  of  0.78.  At  lower  ratios  a  high  fre¬ 
quency  buzz  was  initiated  with  growing  amplitude  but  with¬ 
out  strong  decrease  in  pressure  ratio.  At  incidence  of  a  =  10° 
(Fig.  1 1)  an  additional  gain  in  pressure  recovery  and  stability 
could  be  obtained  by  a  splitter  plate,  which  separated  the 
windward  and  leeward  flow  within  the  bleed  duct  (Fig.  9  c). 
Because  of  a  smaller  bleed  area  at  the  double  cone  inlet  the 
loss  of  mass  flow  by  boundary  layer  bleed  is  reduced,  but  is 
still  too  high  concerning  the  resulting  drag.  Therefore  the  in¬ 
fluence  of  different  perforated  surfaces  and  reduced  bleed 
rate  was  investigated. 

Fig.  13  shows  the  measured  maximum  pressure  recovery  for 
different  types  of  perforation  and  bleed  rates.  The  installation 
of  the  boundary  layer  bleed  leads  to  an  improvement  of  pres¬ 
sure  recovery.  The  tendency  of  decreasing  pressure  recovery 
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Fig.  13  Influence  of  different  bleed  surfaces  and  the 
bleed  rate  on  the  maximum  pressure 
recovery 

at  higher  bleed  rate  can  be  explained  by  the  severe  distortion 
of  the  cone  flow  caused  by  the  bleed  flow,  resulting  in  a 
slightly  higher  flow  Mach  number.  It  is  surprising,  that  the 
plate  with  the  smaller  holes  shows  inferior  results,  though  the 
percentage  of  the  open  area  is  equal.  Perhaps  the  different 
production  methods  -  punched  plate  or  perforation  by  elec¬ 
tronic  beams  -  may  have  an  influence.  Fig.  14  shows,  that 
with  a  reduced  bleed  rate  the  increase  in  pressure  recovery  is 
combined  with  a  decrease  of  the  stable  range  at  angle  of  at¬ 
tack. 

Another  effect  which  has  to  be  considered  is  the  drag,  in¬ 
duced  by  the  boundary  layer  bleed.  Especially  the  suction 
through  a  perforated  plate,  leads  to  a  relatively  high  loss  of 
total  pressure  in  the  bleed  flow.  The  measured  pressure  loss 
for  different  perforated  plates  is  shown  in  Fig.  16.  At  the 
maximum  bleed  rates  the  flow  in  the  holes  is  choked. 


Fig.  12  Schlierenphotos  of  the  double-cone  inlet,  Mo  «  2.25 
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Fig.  14  Double-cone  inlet,  influence  of  the  bleed  rate 
on  the  stable  subcritical  range 


The  drag  produced  by  a  boundary  layer  bleed  is  primarily 
caused  by  the  impulse  loss  in  the  bleed  flow.  With  some  sim¬ 
plified  assumptions  the  induced  drag  can  be  estirr  tied  as  a 
function  of  total  pressure  loss  in  the  blee-*  ft  /  [10],  The 
corresponding  bleed  drag  coefficients  for  afferent  bleed  flow 
exit  angles  can  be  taken  from  Fig.  .6  .easured  values  are 
20  -  25  %  higher  [11]  compared  to  these  calculated 
curves.This  deviation  may  K-  explained  by  the  tolerances  of 
the  measuring  devices.  We  believe  that  drag  coefficients  of 
cdbi  =  1-2  -  1.5  are  realistic. 


Fig.  15  Measured  pressure  loss  in  the  bleed  chamber 
for  different  perforated  plates 


Fig.  1 6  Bleed  drag  coefficients  for  different  bleed  flow 
exit  angles  upon  the  bleed  pressure  losses 
[11]- 

The  optima]  bleed  rate  has  to  be  selected  with  respect  to  pres¬ 
sure  recovery,  stability  limits  and  induced  drag. 

Integrated  windtunnel  tests  are  usually  run  with  scaled  mod¬ 
els.  In  our  case,  the  tests  were  conducted  in  the  60  x  60  cm 
trisonic  windtunnel  of  the  DLR  in  Cologne.  Here,  a  scale  of 
1  :  3.5  was  possible  allowing  an  inlet  diameter  of  about 
30  mm. 
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Fig.  17  Test  results  of  two  identical  double-cone  inlets 
(small  scale,  30  mm  diameter) 


To  obtain  four  equally  performing  individual  ilets  including 
boundary  layer  bleed  device  a  very  precise  method  of  manu¬ 
facturing  was  necessary.  Tolerances  of  1/10  mm  in  the  inlet 
geometriy  caused  significant  differences  of  the  inlet  charac¬ 
teristics.  After  some  corrections  we  obtained  a  good  equality 
of  the  four  inlets.  Fig.  17  shows  test  results  with  two  of  those 
inlets.  Nevertheless  the  pressure  recovery  differs  only  little. 
The  maximum  pressure  recovery  compares  well  to  the  full 
scale  test  results. 
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Fig.  1 8  Windtunnel  model  with  four  double-cone  inlets 

In  the  4-inlet  windtunnel  model  the  inlets  are  mounted  at  a 
station  of  1/d  =  7.3.  To  reduce  pressure  losses  the  air  mass 
flow  is  led  into  the  common  chamber  at  a  small  entrance  an¬ 
gle  and  avoiding  sudden  expansion.  The  windtunnel  model 
with  four  double-cone  inlets  is  shown  by  the  photo  Fig.  18. 
The  bleed  area  on  the  cone  and  the  slots  of  the  bleed  exit  can 
be  recognized. 

As  a  first  step  a  single  mounted  inlet  was  tested  in  different 
roll  positions.  The  test  results  for  a  roll  angle  of  <p  =  45°  cor¬ 
responding  to  a  x -position  are  plotted  in  Fig.  19.  Compared 
with  the  isolated  inlets  (Fig.  17)  the  pressure  recovery  drop  at 
a  =  0°  can  be  explained  by  losses  induced  by  the  missile 
nose  shock  and  internal  flow.  The  small  stable  range  is 
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Fig.  19  Test  results  with  one  integrated  inlet 
(double-cone  inlet.  I/d  -  7.3,  h/8  »  1.1) 

caused  by  a  reduced  bleed  rate.  In  this  case  the  height  of  the 
Ijoundary  layer  diverter  was  h/8  =  1 .2.  The  investigated  ratios 
varied  from  h/8  =  0.9  to  1.3.  The  ratio  should  be  h/8  >  1 .0  in 
order  to  ensure  an  acceptably  stable  operation  under  unfa¬ 
vourable  conditions. 


Fig.  20  Test  results  with  four  integrated  inlets 
(double-cone  inlets,  x-position,  I/d  -  7.3, 
h/8  -  1.1) 

Fig.  20  shows  the  test  results  with  four  inlets  in  x-position. 
Caused  by  a  higher  bleed  rate  the  airflow  ratio  is  reduced 
while  the  inlet  stability  is  increased  at  a  =  0°. 

At  a  =  5°  there  is  no  stable  subcritical  operation.  A  compari¬ 
son  with  the  results  of  Fig.  19  at  a  =  +  5°and  a  =  -  5°  shows, 
that  the  inlet  position  with  the  lowest  pressure  recovery  limits 
the  overall  pressure  recovery. 

Reasons  for  the  low  pressure  recovery  at  a  =  6°  are  the 
growing  boundary  layer  thickness  and  the  separation  of  vorti¬ 
ces  on  the  lee  ward  side  of  the  forebody. 
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Fig.  21  Test  results  with  four  integrated  inlets 

(double-cone  inlets,  +-position.  I/d  -  7.3, 
h/8  -  1.1) 

Fig.  21  presents  the  sensitivity  to  angle  of  attack  of  inlets  in¬ 
stalled  in  -t-position.  At  small  incidence  the  decrease  of  pres¬ 
sure  ratio  is  stronger  than  for  the  case  of  x-position,  whereas 
at  a  =  6°  the  pressure  ratio  has  a  tendency  to  rise. 
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Fig.  22  Incidence  sensitivity  of  a  4  double-cone  inlet 
configuration  in  x-position  and  -t-position 

The  different  incidence  sensitivities  in  x-  and  -(--position  are 
shown  in  Fig.  22.  Other  tests  applied  have  demonstrated,  that 
at  higher  incidence  angles  (a  =  8°  -  10°)  the  -(--position  is  su¬ 
perior  to  the  x-position,  but  in  both  cases  the  low  level  of 
pressure  recovery  does  not  allow  an  engine  operation  with 
sufficient  thrust  for  maneuvering.  Therefore  in  the  interesting 
range  of  smaller  incidence  angles,  the  x-position  is  prefe¬ 
rable. 


3.2  Four  Side-Mounted  Ramp  Inlets 

A  study  of  a  small,  low-cost  anti-ship  missile,  powered  by  a 
solid  propellant  ramrocket  led  to  investigations  of  a  configu¬ 
ration  with  four  side-mounted  ramp-intakes. 

The  missile  had  a  wingless  design  to  allow  lower  mass,  lower 
drag  and  facilitated  handling.  Therefore  an  increased  angle  of 
attack  at  maneuvers  with  high  lateral  acceleration  had  to  be 
assumed. 

With  respect  to  this  requirements  the  ramp  type  inlet  system 
offers  two  advantages: 

-  The  rectangular  fairings  of  the  ramp  inlets  produce  an 
acceptable  aerodynamic  lift  at  incidence,  thus  partly 
compensating  the  lack  of  wings. 

-  According  to  the  experience  of  ONERA  (7)  the  inverted 
integration  of  ramp  inlets  reduces  the  sensitivity  to  inci¬ 
dence  up  to  8°  or  10°. 


Fig.  23  Installation  of  inverted  ramp  inlets 


Inverted  integration  means  that  the  compression  ramp  of  the 
inlet  is  mounted  opposite  to  the  missile  body  (Fig.  23). 

This  position  often  leads  to  interference  problems  between 


inlet  and  missile  surface: 

-  In  the  region  where  the  oblique  shocks  from  the  ramp  or 
the  cowl-lip  meet  the  missile  wall,  the  pressure  gradient 
c?-:  thicken  or  detach  the  wall  boundary  layer. 

-  The  strong  pressure  rise  of  the  expelled  normal  shock 
often  induces  a  boundary  layer  separation. 

-  The  compression  between  inlet  cowl  and  missile  wall 
can  produce  a  choked  flow  with  a  norma]  shock. 

The  design  of  the  invidivual  inlet  took  care  of  these  prob¬ 
lems. 

Corresponding  to  the  flight  regime  of  the  missile,  the  inlet 
had  a  shock  on  lip  Mach  number  of  Mo  =  2.15.  The  external 
compression  was  generated  by  three  ramps  with  a  maximum 
deflection  angle  of  Or  =  18°  (Fig.  24).  The  three  oblique 
shocks  were  focussed  on  the  lip  at  Mo  =  2.15.  Considering 
the  interference  problem  between  inlet  and  missile,  the  lip 
angles  of  the  cowl  should  be  dimensioned  as  small  as  possi¬ 
ble.  But  the  requirement  of  a  low  swallowing  Mach  number 
of  Mo  =  1,9  limited  the  option  of  a  small  lip  angle.  Conse¬ 
quently  a  relatively  high  internal  lip  angle  of  0l  =  13°had  to 
be  accepted. 


Fig.  24  Contour  of  the  modified  3-ramp  inlet 

(shock  on  lip  Mach  number  2.15,  internal  com¬ 
pression  5  %) 

A  boundary  layer  bleed  was  installed  to  improve  the  pressure 
recovery  and  to  keep  the  normal  shock  inside  the  inlet  for  a 
certain  part  of  the  subcritical  regime.  In  several  wind  tunnel 
tests  the  bleed  rate  was  optimized  by  variation  of  the  slot 
width  (Fig.  25).  The  bleed  rates  (0,8  - 1,5  %)  were  evaluated 
by  comparing  the  mass  flow  ratios  of  tests  with  and  without 
boundary  layer  bleed  (x»  =  0.)  The  gain  of  pressure  recovery 
by  the  bleed  is  also  illustrated  by  Fig.  25. 


Fig.  25  Isolated  tests  of  ramp  inlet,  influence  of  the 
bleed  rate  on  inlet  performance 
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The  isolated  tests  were  conducted  with  an  inlet  model  having 
a  capture  area  of  50  x  50  mm.  For  the  integrated  tests  the 
scale  was  reduced  to  an  inlet  size  of  30  x  30  mm.  Fig.  26 
shows  the  windtunnel  model  with  one  integrated  intake.  The 
airducts  of  the  other  three  inlets  are  closed.  The  tests  with 
this  one  inlet  model  in  different  roll  positions  and  at  different 
incidence  angles  up  to  8°  gave  a  good  illustration  of  the  prob¬ 
lems  and  disclosed  the  potential  performance  of  the  multiple 
inlet  configuration. 


Fig.  26  Windtunnel  model  with  one  installed  inlet 

In  accordance  with  the  missile  design  the  inlet  was  mounted 
at  a  station  of  1/d  =  6.5  downstream  the  nose.  The  boundary 
layer  thickness  had  been  calculated  as  8  =  6.6  mm.  The  di¬ 
verter  height  h,  defined  as  the  distance  between  inlet  lip  and 
body  surface  (Fig.  23)  was  varied  from  h/8  =  1  to  2. 

Based  on  the  inlet  height  the  Reynolds  number  of  the  tests 
was  Re  =  2  106 

The  first  tests,  conducted  at  a  =  0°,  revealed  unexpected  re¬ 
sults.  Compared  to  isolated  tests,  the  measured  inlet  charac¬ 
teristics  (Fig.  27)  showed  a  reduced  massflow  ratio.  It  could 
be  recognized  from  Schlierenphoios,  Fig.  28  (inlet  in  super¬ 
critical  operation:  (a)  isolated  test,  (b)  integrated  test),  that 
in  the  integrated  case  the  reduction  is  due  to  a  normal  shock 
spillage.which  is  generated  by  the  interaction  with  the  missile 
wall. 
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Fig.  27  Inverted  ramp  inlet,  comparison  of  isolated 
and  integrated  tests 


An  increase  of  the  diverter  height  moved  the  shock  towards 
the  lip  and  shock  swallowing  occurred  at  h/8  =  2.0.  At  these 
tests  the  massflow  ratio  slightly  increased,  whereas  the  pres¬ 
sure  recovery  (at  a  =  0°)  was  not  influenced. 

To  investigate  this  problem  a  lot  of  windtunnel  tests  were 
carried  out . 

Measurements,  where  the  missile  wall  was  simulated  by  a 
short  tube,  have  shown,  that  the  boundary  layer  thickness  is  a 
less  important  parameter.  Therefore  we  have  done  a  gTeat 
portion  of  the  investigations  with  this  simulated  missile  sur¬ 
face.  During  these  tests  we  modified  the  external  and  internal 
contours  of  the  inlet: 

-  the  external  cowl  lip  angle  was  reduced; 

-  the  maximum  ramp  angle  as  well  as  the  lip  angle  were 
reduced; 

-  the  internal  contraction  was  reduced,  in  order  to  increase 
the  minimum  Mach  number  at  the  inner  surface  of  the 
cowl; 

-  the  sharpness  of  the  leading  edges  of  lip  and  sidewalls 
was  increased; 


a)  isolated  test 


b)  installed  inlet,  h/6  =  1.1 


Fig.  28  Schlierenphotos  of  ramp  inlets,  comparison  of 
shock  pattern  of  isolated  and  integrated  test 
(Mo  -  2.0) 

With  these  modifications  the  disappearance  of  the  normal 
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shock  was  shifted  to  smaller  diverter  heights. 

The  greatest  influence  was  measured  with  a  smaller  ramp  and 
lip  angle.  With  a  modified  inlet,  with  a  maximum  ramp  angle 
of  0f  =  12°  and  a  lip  angle  of  0L  =  9°  the  interference  effect 
did  not  occur  down  to  a  diverter  height  of  h/8  =1.1.  Howev¬ 
er,  this  modification  caused  a  loss  of  5  %  inlet  performance. 
Therefore  as  a  compromise  we  have  chosen  the  inlet  contour 
with  a  maximum  ramp  angle  of  0r  =  15°. 


The  reduction  of  interference  effects  by  these  modifications 
is  evident  from  Fig.  29.  The  two  Schlierenphotos  show  the 
different  position  of  the  normal  shock  measured  with  the 
original  and  the  modified  inlet  geometry,  both  having  a  di¬ 
verter  height  of  h/5  =  1.2. 

A  comparison  of  the  intake  performances  is  given  in  Fig.  30. 
The  reduction  of  the  interference  effects  results  in  an  in¬ 
creased  massflow  ratio. 

The  design  of  the  wind  tunnel  model  allowed  various  posi¬ 
tions  of  the  inlet  ramp.  Thus  it  was  possible  to  investigate  the 
incidence  sensitivity  in  conventional  (ramp  on  side  of  body) 
and  inverted  position. 


a)  original  geometry 


b)  modified  geometry 

Fig.  29  Schlierenphotos  of  ramp  inlets,  effect  of  the 
modified  inlet  contours  (Mo  -  2.0,  h/5  -  1.2) 


Fig.  31  shows  the  effects  at  a  =  8°.  In  the  conventional  posi¬ 
tion  the  inlet  on  the  windward  side  (a  =  +  8°)  takes  advan¬ 
tage  of  the  precompression  of  the  forebody  and  of  the  fact 


that  the  crossflow  component  increases  the  effective  ramp 
angle. 

The  leeward  inlet  operates  in  an  expanded  flow  (increased 
Mach  number).  The  cross  flow  component  reduces  the  effec¬ 
tive  ramp  angle.  Therefore  the  performance  of  the  windward 
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Fig.  30  Inverted  ramp  inlet,  influence  of  the  modified 
geometry  at  integrated  tests 
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Fig.  31  Inverted  ramp  inlet,  tests  with  inlet  in  conven¬ 
tional  and  inverted  position 

and  leeward  inlet  differs  strongly. 

In  the  inverted  position  the  effect  of  the  local  cross  flow  on 
the  ramps  is  vice  versa.  Therefore  in  both  positions  the  two 
effects  compensate  each  other  to  a  certain  degree.  This  re¬ 
sults  in  a  smaller  difference  of  performance  between  the  two 
inlet  positions.  According  to  the  rule  of  multiple  inlet  config¬ 
uration,  that  the  overall  pressure  recovery  is  equal  to  the  low¬ 
est  pressure  recovery  of  the  single  inlets,  the  performance  in 
the  inverted  position  at  a  =  8°  is  nearly  10  %  higher  than  for 
the  conventional  installation. 

In  order  to  reduce  the  inlet/wall  interaction  we  have  also  in¬ 
vestigated  a  precompression  ramp,  as  known  from  investiga¬ 
tions  of  ONfcRA  [7]  at  Mo  =  6. 

We  found  out,  that  positive  effects  are  sensitive  to  the  dis¬ 
tance  (a)  between  precompression  ramp  and  inlet  lip  and 
even  to  the  ramp  base  angle  (v)  (  Fig.  32) . 
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Fig.  32  Geometry  of  the  pre  compression  ramp 

The  effects  of  the  ramp  at  different  incidence  angles  are 
shown  in  Fig.  33. 

At  a  =  0°  the  reduced  inlet/wall  interference  results  in  a 
higher  pressure  recovery  at  subcritical  operation  and  an  in¬ 
crease  of  stable  range.  At  a  =  8°  the  pressure  ratio  of  the  lee¬ 
ward  inlet  is  slightly  reduced.  On  the  other  hand  the  low 
pressure  recovery  of  the  windward  inlet  is  significantly  im¬ 
proved.  The  massflow  ratio  is  increased,  too.  For  a  4-inlet 
configuration  this  means  an  improvement  in  performance  of 
8  - 10  %. 


Fig.  33  Inverted  ramp  inlets,  tests  with  and  without 
pre  compression  ramp 


Fig.  34  Overall  inlet  characteristics  calculated  from  the 
individual  inlet  tests 


Unfortunately  final  tests  with  the  4-inlet  system  could  not  be 
performed  due  to  limited  funding.  However,  using  the  meas¬ 
ured  characteristics  of  the  individual  inlet  in  representative 
positions  the  performance  of  the  multiple  inlet  system  could 
be  determined  with  acceptable  accuracy. 

In  Fig.  34  the  calculated  total  inlet  characteristics  of  four  in¬ 
lets  in  x-position  at  Mo  =  2.0  are  presented.  The  high  pres¬ 
sure  recovery  at  a  =  8°  demonstrates  the  suitability  of  this 
inlet  configuration  for  a  cartesian  controlled  missile  perform¬ 
ing  high  "g"  lateral  maneuvers. 

4.  CONCLUSIONS 

Many  flight  trajectories  require  a  cartesian  control  mode  for 
the  missile.  A  configuration  with  four  aft-intakes  is  most  ap¬ 
propriate  if  the  missile  uses  airbreathing  propulsion.  A  sys¬ 
tem  of  multiple  intakes  having  a  common  chamber  indices 
an  interaction  of  the  inlets.  The  following  effects  have  u.  be 
taken  into  account: 

the  individual  inlet  with  the  lowest  pressure  recovery 
limits  the  overall  performance; 

exceeding  the  limited  angle  of  attack  or  fuel  mass  flow 
can  suddenly  cause  reverse  flow  which  may  remain 
after  the  disturbance  has  disappeared. 

To  reduce  this  risks,  it  is  necessary  to  avoid  steep  degression 
of  the  pressure  recovery  in  the  subcritical  range  or  to  provide 
sufficient  supercritical  margin. 

For  a  missile  with  wings  needing  only  moderate  incidence 
for  high  ”g"  lateral  maneuvers,  a  configuration  with  four  ax- 
isymmetrical  side  inlets  offers  a  high  performance  combined 
with  low  structural  mass. 

For  missile  configurations  which  require  higher  angles  of  at¬ 
tack,  a  configuration  with  four  inverted  ramp  inlets  may  be 
the  better  solution.  With  this  type  of  intake  installation  suffi¬ 
cient  performance  can  be  obtained  up  to  angles  of  incidence 
of  more  than  8°. 
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ABSTRACT 

This  paper  is  a  FDP  contribution  to  the  79th  symposium  on  "Airbreathing  Propulsion  for  Missiles  and 
Projectiles"  being  held  from  May  11  -  15, 1992  in  St.  Mddard-en-Jalles,  Bordeaux,  France.  It  presents 
an  overview  of  the  main  findings  of  the  last  FDP  meeting  during  October  7  -  15,  1991  in  Fort  Worth, 
TX,  US  on  the  subject  of  the  title  of  this  review  paper. 

The  meeting  was  structured  in  six  sessions,  one  of  them  having  been  organized  and  chaired  in  form 
of  an  invited  session  by  PEP  contributions.  Each  session  will  be  reviewed  separately  in  this  paper 
and  conclusions  (in  some  cases  recommendations  for  future  AGARD  activities)  are  made  based  on  the 
major  outcome  of  the  sessions  including  contributions  and  comments  from  the  auditorium  after  the 
presentations  or  from  the  closing  Round-Table-Discussion  at  the  end  of  the  meeting. 

It  has  been  clearly  demonstrated,  that  the  subject  of  the  symposium  is  an  highly  interdisciplinary 
effort,  which  overlaps  the  terms  of  reference  of  both  AGARD  Panels,  FDP  and  PEP  to  a  large  extend. 
This  is  specifically  true  for  major  components  of  the  propulsion  system  like  the  air  intake  and  the 
nozzle.  Both  experimental  and  computational  techniques  for  analysis  and  design  used  during 
engine/airframe  integration  for  all  kinds  of  flight  vehicles  have  been  reported. 


INTRODUCTION 

This  is  the  second  FDP  meeting  focussed  on  the  subject  of  aerodynamic  engine/airframe  integration. 
The  preceding  one  was  organized  together  with  the  AGARD  Propulsion  and  Energetics  Panel  in  May 
1981.  Due  to  the  overall  positive  response  to  the  first  Symposium,  realizing  the  tremendous  progress 
in  the  related  technical  area  and  due  to  the  raising  need  for  more  and  more  integrated  design  of  civil 
and  military  aircraft  and  missiles  in  recent  applications,  this  second  symposium  after  10  years  seemed 
to  be  timely. 

The  aerodynamic  engine/airframe  integration  of  aircraft  and  missiles  involves  complex  flows,  highly 
influenced  by  viscous  effects  and,  in  most  cases  by  aerodynamic  interactions  between  the  airframe  and 
the  propulsion  system.  This  engineering  task  is  considered  to  be  a  "Key-Problem"  during  the  design 
phase  of  new  flight  vehicles  of  any  kind.  The  continuing  demand  for  highest  efficiency  in  civil  trans¬ 
port  aircraft  and  the  increase  in  performance  and  maneuverability  for  both  missile  and  fighter  aircraft 
development  has  led  to  an  extensive  increase  of  experimental  and  specifically  CFD-related  design  ef¬ 
forts. 

It  is  the  aim  of  the  symposium  to  review  the  state  of  the  art  in  aerodynamic  engine/airframe  integration 
techniques  reached  at  present  time  and  to  report  on  the  progress  which  has  been  achieved  during 
engineering  project  work  in  the  past  years.  Because  of  the  fact  that  engine/airframe  integration  has  be¬ 
come  a  highly  interdisciplinary  challenge,  both  experimentalists  and  theoreticians  have  been  invited  to 
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contribute  to  the  success  of  the  meeting. 

This  conference  was  technically  associated  with  several  other  activities  within  the  AGARD 
community.  So  the  AGARD  FDP  has  organized  in  1987-1990  WG13  on  "Air  Intakes  for  High  Speed 
Vehicles",  (AGARD- AR-270)  and  in  1985-1988  PEP  WG18  on  "Test  Cases  for  Computation  of 
Internal  Flows  in  Aero  Engine  Components",  (AGARD-AR-275).  More  recently  PEP  has  arranged  a 
symposium  in  May  1991  on  "CFD  Techniques  in  Propulsion  Applications”,  (AGARD  CP  510).  It  was 
decided  to  include  at  least  the  technical  evaluations  of  this  AGARD  activities  in  the  programme  of  this 
symposium.  So  PEP  was  invited  to  organize  an  "Invited  Session"  on  "Engine  Related  Integration 
Problems",  (Session  II).  The  Programme  Committee  gratefully  acknowledged  the  efforts  of  PEP  and 
specifically  the  support  given  by  Prof.  Leonhard  Fottner,  University  of  Neubiberg,  GE,  who 
organized  and  chaired  this  session. 

Statistics : 

33  Papers  (including  three  invited  papers  and  four  papers  in  an  invited  session)  have  been  presented. 
Contributions  to  the  meeting  came  from  Belgium  (1),  France  (7),  Germany  (10),  Italy  (2),  The  Ne¬ 
therlands  (2),  United  Kingdom  (9)  and  USA  (9). 

This  symposium  was  structured  into  six  sessions  : 

(I)  Engine  Integration  for  Civil  Transport  (10  papers) 

(II)  Engine  Related  Integration  Problems  (4  papers) 

(III)  Experimental  Techniques  used  in  Aerodynamic  Engine/Airframe  Integration  (6  papers) 

(IV)  Aerodynamic  Inlet/Airframe  Integration  (5  papers) 

(V)  Aerodynamic  Nozzle/ Airframe  Integration  (5  papers) 

(VI)  Aerodynamic  Engine/Airffame  Integration  for  Hypersonic  Speed  vehicles  (3  papers) 

Each  session  will  be  reviewed  separately  in  this  paper  and  conclusions  (in  some  cases  recommendati¬ 
ons  for  future  AGARD  activities)  are  made  based  on  the  major  outcome  of  the  sessions  including 
contributions  and  comments  from  the  auditorium  after  the  presentations  or  from  the  closing  Round- 
Table-Discussion  at  the  end  of  the  meeting. 


in  addition  :  Specific  Engine  Related  Topics 
(Session  li) 

Experimental  Techniques 
(Session  ill) 

Fig.  1  Logic  of  the  programme  of  the  symposium  on  aerodynamic  en¬ 
gine/airframe  integration 

As  outlined  in  Fig .  1,  there  is  some  logic  in  the  structure  of  the  programme  given  by  more  and 
more  complex  applications. 
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The  contributions  specifically  mentioned  in  this  review  will  be  referenced  by  the  paper  number,  as  to 
be  found  in  the  conference  proceedings  (AGARD  CP  498). 


SESSION  I :  ENGINE/INTEGRATION  FOR  CIVIL  AIRCRAFT 
The  main  objectives  of  this  session  can  be  summarized  as  follows  : 

( 1 )  Survey  of  experimental  test  techniques  for  engine/nacelle/wing  integration,  [  1  ] 

(2)  Survey  of  numerical  prediction  methods  for  engine/nacelle/wing  interference  effects,  [3],  [4], 
15],  16],  [7],  [8] 

(3)  Integration  effects  of  installed  thrust  reverser,  [9],  [10] 

This  has  been  a  quite  well  balanced  session.  Both  experimental  investigations  and  theoretical  work  has 
been  reported.  The  invited  introductory  paper,  given  by  A.E.Harris  [1],  was  an  extremely  detailed  des¬ 
cription  of  all  major  aerodynamic  interference  effects  due  to  propulsion  systems  integration  for  civil 
and  military  aircraft  at  all  speeds  (see  Fig.  2  and  3  for  a  summary).  The  use  of  CFD  for 
engine/airframe  integration  was  reported  in  several  papers  and  for  different  classes  of  flow  models.  In 
Fig.  4  results  obtained  by  van  Beek/Piers/Oskam  [6]  demonstrate  the  usefulness  of  linearized  potential 
flow  codes  ("Panel  Methods")  and  in  Fig.  5  engine  installation  effects  on  the  wing  planform  are  shown 
by  Godard/Jaquotte/Gisquet  [4]  predicted  by  a  solution  of  the  full  potential  flow  equations. 

As  highest  level  of  3D  CFD,  solutions  of  the  Euler  equations,  were  demonstrated  by 
Rossow/Ronzheimer,  GE  [5],  see  Fig.  6,  Gippet/Fratello/Lecordix  from  France  [3]  and 
Naik/Chen/Su/Kao  from  US  [7].  Two  papers,  [9]  and  [10],  were  dealing  with  the  important  aspects  for 
civil  transport  aircraft  of  thrust  reversing  in  flight  and  in  ground  effect. 

In  conclusion  the  session  may  be  characterized  as  follows  : 

(1)  Civil  transport  aircraft  are  dominated  by  economic  requirements.  Airframe/engine  integration 
is  important  for 

-  second  segment  climb 

-  cruise 

-  thrust  reverser  interference 

(2)  In  Europe  well  established  testing  techniques  exist  using  TPS  for  Turbo-Fan  and  Turbo-Prop 
simulation  in  WTs,  (TPS  is  facility  equipment). 

US  industry  prefers  powered  nacelles  using  pressurized  air 

(3)  CFD  applications  still  rather  limited  for  cruise  conditions 

-  No  N.S.  solutions 

-  Euler  analysis  [3],  85],  [7] 

-  Still  work  using  Panel  [6]  and  full  potential  [4]  methods 

(4)  CFD  limited  not  only  due  to  computing  cost  -  to  a  large  degree  due  to  mantime  cost  (e.g.  for 
grid  generation) 

(5)  Many  engineering  efforts  restricted  to  simply  adding  pylon/nacelle/engine  to  clean  wing  de¬ 
sign 

(6)  Wing  design  procedures  taking  account  tire  effects  of  propulsion  systems  installation  are 
required 
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Fig.  2  VTOL  Engine/Airframe  Interactions 

AJEJIarris :  "Test  Techniques  for  Engine! Airframe  Integration",  [I] 


Aerodynamic  Engine/Airframe  Interferences 
for  Military  aircraft 


High  Speed  Integration  Problems  for  a 
VHBPR  Turbofan 


Fig.  3  Military  and  civil  A/C  engine/airframe  interactions 

AJEJIarris  :  "Test  Techniques  for  Engine! Airframe  Integration",  [1] 
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Use  of  potential  flow  codes  (Panel  Methods)  for  the  prediction  of 
propeller/wing  interference  effects 

CM.  van  Seek,  WJ.Piers,  B.Oskam  :  " Aerodynamic  Analysis  of  Stip- 
stream/Wingl Nacelle  Interference  for  Preliminary  Design  of  Aircrqft  Configura¬ 
tions",  [6] 
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Prediction  of  engine  installation  effects  using  full  potential  flow 
solvers 

J.L.Godard,  O.PJaquotte,  D.Gisquet :  " Detailed  Analysis  of  Wing/Nacelle  Interac¬ 
tion  for  Civil  Transport  Aircrqft",  [4] 
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Mesh  grid  for  wing(nacelle  installation  and  pressure  distribution 
for  WB  and  WBEP  configuration 

C.CJlossow,  AJtonzheimer :  " Investigation  of  Interference  Phenomena  of  Modem 
Wing-Mounted  High  Bypass  Ratio  Engines  by  the  solution  of  Euler-Equations",  [5] 


Fig.  6 
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SESSION  n  :  ENGINE-RELATED  INTEGRATION  PROBLEMS  (INVITED  PEP-SESSION) 

The  Session  was  chaired  by  L.  Fottner  from  the  PEP  and  all  contributions  came  from  this  panel.  The 
objectives  of  the  session  can  be  summarized  as  follows  : 

(1)  Survey  on  PEP  WG  18,  "Test  Cases  for  Internal  Flows  in  Turbomachines",  [II] 

(2)  Survey  on  PEP  symposium  "CFD  Techniques  for  Propulsion  Applications",  [12] 

(3)  Intake  -  engine  compatibility,  [13],  [14] 


The  WG18  has  compiled  an  extensive  experimental  database  on  various  test  cases  as  L.Fottner  [11] 
showed.  The  impression  remains  that  a  follow-on  activity  is  needed  and  the  question  comes  up  whe¬ 
ther  the  experimental  data  being  available  are  sufficient  for  code  validation  or  not 

The  review  from  Ch.Hirsch  [12]  reports  on  the  outcome  of  the  PEP  symposium  Spring  1991  in  San 
Antonio,  US,  on  the  subject  of  ”CFD  Techniques  in  Propulsion  Applications".  This  Panel  is  very  well 
informed  on  this  event,  so  there  is  no  need  to  go  into  details  of  this  excellent  presentation. 

The  remaining  two  papers  dealt  with  the  important  effects  of  intake/engine  compatibility.  In  Fig.  7  the 
test  apparatus  and  test  instrumentation  arrangement  for  the  assessment  of  the  flow  field  at  the  engine 
entry  cross  section  is  shown  by  Meyer/Pazur/Fotmer  [13].  Swirl  distortion  is  generated  by  a  "Vortex- 
Generating"  Delta  Wing  planform. 

Steady  and  unsteady  distortion  of  total  pressures  obtained  in  ground  and  flight  testing  were  compared 
by  Joubert/Eyraud  in  [14]  and  typical  results  are  shown  in  Fig.  8. 


Conclusions  for  session  II : 

( 1 )  Pep  WG  1 8  compiled  an  extensive  experimental  data  base  but  follow-on  activities  are  needed 

(2)  Experiment  needs  new  quality  to  satisfy  requirements  for  accuracy  and  details  to  be  datum  so¬ 
lutions  for  validation  of  CFD 

therefore: 

CFD  validation  extremely  difficult  since  nothing  to  validate  against  in  real  3-D  flow  (only  cali¬ 
bration?) 

(3)  Air  intake  distortions  require  extensive  experimental  efforts.  So  far  very  limited  CFD  work  (if 
not  none), 

therefore: 

Communication  airframe/engine  manufacturer  mandatory 

(4)  Session  indicates  many  common  areas  of  interest  in  PEP  and  FDP  activities 
therefore: 

coordination,  communication  and  more  joined  efforts  strongly  recommended 


STATION  1 

6  WALL  STATIC  PRESSURES 
,  Pt,  Tt  AT  0°  AND  180° 


STATION  5 


9  HARNESS  THERMOCOUPLES 


:ig.  7  Test  apparatus  and  test  engine  instrumentation  arrangement  for 
flow  field  assessment 

V/. Meyer,  W.Pazur,  L.Fottner  :  "The  Influence  of  Swirl  Distortion  on  the  Steady 
State  Performance  of  a  Low  Bypass,  Twin-Spool  Engine",  [13] 


Fig.  8 


Test  equipment  and  unsteady  distortion  of  total  pressure  obtained 
in  flight  and  on  ground 

MMJeubert,  M£yraud :  "In-Flight  Analysis  of  Intake-Engine  compatibility",  [14] 
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SESSION  m:  EXPERIMENTAL  TECHNIQUES  USED  IN  AERODYNAMICS  EN¬ 

GINE/AIRFRAME  INTEGRATION 

Again  the  main  objectives  of  the  session  will  be  described  first : 

(1)  Engine  simulators  for  wind  tunnel  research  of  engine  integration  effects,  [IS] 

(2)  Intake  flow  field  data  acquisition  systems  used  for  investigation  of  intake/airframe  interaction, 
[16],  [17],  [18] 

(3)  Test  technique  used  for  investigation  of  jets  in  the  ground  effect  region,  [19],  [20] 


Wind  tunnel,  see  Hanis/Wilds/Smith/Mundell/Davidson  [IS],  Fig.  9,  water  tunnels,  see  Magio  [18], 
Fig.  10,  and  ground-,  see  Hoheisl/Biitefisch/Lehmann/Henke/Roscher/Seelhorst  [20],  Fig.  11  and 
flight  testing  war  reported  extensively.  Each  of  this  engineering  techniques  is  heavily  in  use  during 
investigations  of  engine/airframe  installation  effects  and  during  the  configuration  optimization  process 
during  design  of  an  new  aircraft.  TPS  Technique  begins  also  to  be  used  for  military  fighter  aircraft  de¬ 
sign.  In  addition  complex  data  reduction  and  data  acquisition  system  on  a  mobile  basis  are  now  avai¬ 
lable  and  laser  doppler  anemometrie  starts  to  be  used  for  full  scale  flow  analysis  allowing  for  valida¬ 
tion  of  experimental  tools  like  TPS  in  addition  to  CFD  tools.  There  is  a  remarkable  increased  effort  on 
the  airframe  manufacturer  side  to  understand  complex  flow  physics  due  to  engine  integration  effects 
and  the  question  arises  whether  there  is  also  the  same  kind  of  parallel  effort  on  the  engine  ma¬ 
nufacturers  side. 


Conclusions  for  session  III : 

(1)  Wind  tunnel,  water  tunnel,  ground  and  flight  test  used  for  investigations  to  understand  interfe¬ 
rence  effects  due  to  engine/airframe  integration 

(2)  TPS  is  standard  in  Europe,  tools  owned  by  test  facilities  therefore  reasonable  ROI  because 
being  used  in  many  programmes 

(3)  TPS  starts  to  move  in  military  A/C  development,  problem  with  hot  gas  (afterburner)  simula¬ 
tion 

(4)  LDA  techniques  stan  to  be  used  for  full  scale  flow  analysis  (209)  allowing  for  validation  of 
TPS  and  CFD  work 

(5)  Extensive  data  reduction  and  data  acquisition  systems  on  a  mobile  basis  available 
Question: 

What  can  the  engine  manufacturer  do  with  large  amount  of  flow  details  obtained? 

(6)  Increased  effort  on  airframe  side  to  understand  complex  flowfields  due  to  engine  integration 
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Fig.  9  Engine  simulators  and  full  scale  cycle  characteristics  and 
(Pegasus)  engine  simulator  layout 

A.E. Harris,  G.L.Wilds,  VJ. Smith,  A.R.G.M  undell,  D.P. Davidson  :  "Aerodynamic 
Engine /Airframe  Integration  for  High  Performance  Aircraft  and  Missiles",  [15] 


Fig.  10  Streamtube  displacement  due  to  aircraft  forebody  and  vortex  for¬ 
mation  due  to  ground  effect 

R.Magio  :  "Water-Tunnel  Studies  of  Inlet/Airframe  Interference  Phenomena",  [18] 
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SESSION  IV  :  AERODYNAMICS  INLET/AIRFRAME  INTEGRATION 
Five  papers  were  presented  in  this  session.  They  focussed  on  the  following  subjects : 

(1)  Techniques  used  for  aerodynamic  inlet/airframe  integration,  [21] 

(2)  CFD  applications  to  inlet  airframe  integration,  [24],  [25]  and  the  survey  on  FDP  WG13  activi¬ 
ties:  "Aerodynamics  of  High  Speed  Air  Intakes",  [22] 

(3)  Experimental  investigations  of  pitot  type  air  intakes  in  several  European  WTs,  [23] 


An  introductory  invited  paper  was  given  by  L.  Goldsmith  [21]  on  the  techniques  used  for  aerodynamic 
inlet/airframe  integration.  A  huge  variety  of  geometrical  arrangements  of  intakes  exists  in  different 
aircraft  and  missile  designs.  There  was  no  tendency  to  find  an  optimum  of  the  inlet  position,  because 
this  is  dependent  on  mission  profile  and  geometric  shape.  The  individual  result  may  be  an  answer  to 
high  angle-of-attack  or  speed  requirements  and  it  is  completely  different  for  aircraft  and  missiles. 
What  was  missing  is  a  general  philosophy  on  how  to  find  the  optimum  position  of  the  inlet  in  each 
different  application.  Gamero/Lacau  have  addressed  this  question  in  [24]  as  Fig.  12  shows. 

The  results  of  the  FDP  WG13  have  been  quite  impressive,  see  Bissinger/Benson/Bradley,  [22],  The 
compilation  of  test  cases  and  contributions  for  CFD  application  is  shown  in  Fig.  13.  A  huge  amount  of 
data  has  been  produced  but  the  main  conclusion  from  this  exercise  is,  that  for  code  validation  "specific 
designed  experiments"  are  needed.  But  CFD  results  show  also  differences  for  the  same  class  of  equa¬ 
tions  having  been  solved.  The  mesh  refinement  plays  obviously  a  most  important  role  for  the  quality 
of  any  solution. 

Another  observation  is  the  need  for  highly  experienced,  trained-on-the-job  engineers,  because  these 
CFD  codes  are  really  not  any  more  black  boxes  which  may  be  used  by  anyone. 

Also  experimental  investigations  on  intakes  of  the  same  geometry  in  different  wind  tunnels  show  dif¬ 
ferences  as  Mackrodt/Goldsmith/McGregor/Leynaert/Garcon/Brill  report  in  [23].  This  is  another 
remarkable  international  effort  which  has  been  performed  in  true  cooperation.  Fig.  14  shows  one  of 
the  comparisons  of  data  obtained  in  three  different  windtunnels  as  an  representative  example. 


In  summary  the  following  conclusions  might  be  drawn  from  the  session  on  inlet/airframe  integration 
problems : 

(1)  Huge  variety  of  geometrical  arrangements  of  intakes  for  different  A/C  and  missile  designs 
[21],  [24] 

(2) .  Optimum  of  intake  position  dependent  on  mission  profile,  vehicle  design,  AOA-  and  speed 

range 

(3) .  Outcome  of  WGu,  [  ’2] : 

-  impressive  collection  of  data 

-  CFD  needs  specifically  designed  experiments 

-  CFD  results  differ  even  for  the  same  class  of  physical  model 

-  Grid  resolution  plays  an  important  role 

-  need  for  highly  experienced  (trained-on-the-job)  engineers 

•  Results  from  internal  flow  test  cases  even  more  confusing  than  for  external  flow 
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(4)  Experimental  (Pitot-Type)  inlet  test  case,  [23],  shows  significant  deviations  for  DC60  in  three 
different  WTs  and  comparison  with  CFD  is  missing. 

(3)  Remarkable  effort  dedicated  to  HSCT  (2<M<3),  CFD-Tools  have  been  applied  to  3D  external 
and  internal  flow  simulation  (AGV,  AST,  Missiles ...),  [24] 

(6)  FDP  WG  13-Report  considered  as  "State -of-the- ART”  notebook  for  designers  and  guide  for 
CFD  and  testing  techniques 

(7)  As  already  stated  new  quality  of  experiments  is  needed  for  validation  of  EFD  and  CFD 

(8)  More  approaches  needed  to  set  up  a  design  concept  philosophy  for  engine/airframe  integration 
[24]  using  data  base,  CFD  and  EFD 

(9)  CFD  community  should  not  only  share  success  but  also  bad  luck  (to  get  "lessons  learned”) 


METHOOOIOGIE  DE  DEVEIOPPEMENT  D  UNE  PRISE  D  AIR  SUPERSONIQUE  INTEGREE 


^3  • 

ez^i  a 


a 

<  0 


•  SIMI  AXISYMCTWQUt 


.  AXtSYMETWOUE 


•  KCTANGULAIftf 


m 


AK  Dt  CIBCLf 


---! 


ClAUlQMt  OU  iWVtWIt 


Fig.  12 


Methodology  for  the  development  of  Integrated  supersonic  intakes 

P.Gamero,  G.Lacau  :  "Numerical  Simulations  for  Aerodynamic  Investigations  of 
Supersonic  Inlets",  [24] 
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TEST  CASE  FLOW  TYPE  NUMBER  OF 

CALCULATIONS 


1  Transonic  Normal  Shock/Turbulent  2 

Boundary  Layer  Interactions 

2  Glancing  Shock /Boundary  5 

Layer  Interaction 

3  Subsonic/Transonic  Circular  Intake  3 

4  Subsonic/Transonic  Semi-circular  Intake  1 

5  Supersonic  Circular  Pitot  Intake  2 

6  20  Hypersonic  Intake  10 

7  Axisym.  Mixed  Compression  Intake  2 

8  Intake/Airframe  Integration  2 


CODE 

USER 

TYPE 

TEST  CASE 

PARC3D 

SVERDRUP-AEDC 

NS 

12  6  8 

SVERDRUP-CLEVE. 

2  7 

HAWK3D 

GENERAL  DYNAMICS 

NS 

2 

FALCON 

GENERAL  DYNAMICS 

NS 

6 

PEPSI-S 

NASA-LEWIS 

PNS 

2  6  7 

NS2D 

ONERA 

NS 

2 

AEROSPATIALE 

6 

FLU3H 

AEROSPATIALE 

EU 

6  8 

ARA 

EU 

3  4 

EUBL 

5 

ENSFL2D 

DORNIER 

NS 

5 

IKARUS 

DORNIER 

NS 

3  6 

RANSAC 

BAE 

NS 

3 

NSFLEX 

MBB 

NS 

1  6 

Fig.  13  Test  cases  for  CFD  calculations  and  codes  used  in  CFD  as¬ 
sessment 

N.CJBissinger,  TJ  Jenson,  R.G. Bradley :  "Aerodynamics  of  high  speed  air  intakes, 
assessment  of  CFD  results",  [22 J 
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Fig.  14  Pitot-inlet  in  RAE,  ONER  A  and  DLR  windtunnels,  comparison  of 
pressure  recovery  and  DC60 

P.-AMackrodt,  E  ^.Goldsmith,  I  McGregor,  J.Leynaert,  F.Garcon,  J. Brill  ; 
"Comparative  Performance  Tests  of  a  Pitot-Inlet  in  Several  European  Windtunnels 
at  Subsonic  and  Supersonic  Speed",  [23] 


SESSION  V  :  AERODYNAMIC  NOZZLE/AIRFRAME  INTEGRATION 


The  main  emphasis  was  given  to  the  following  objectives : 

1.  Survey  on  progress  made  since  WG08  (1984)  with  respect  to  experimental  and  numerical  tech¬ 
niques,  [26] 

2.  Calibration  of  2D  full  N.S.  solutions  for  complex  highly  integrated  propulsive  exhaust  systems, 
[27],  [28] 

3.  Propulsion  integration  results  of  the  STOL  and  Maneuver  Technology  Demonstrator  Pro¬ 
gramme  (S/MTD),  [30] 

The  survey  on  exhaust  system  design  requirements  given  by  Bowers/Laughrey  in  [26]  is  characterized 
in  Fig.  IS.  The  increasing  requirements  on  the  overall  performance  of  nozzle  designs  lead  to  the 
conclusion  that  "Exhaust  Nozzles  Aren't  Round  Anymore”  !  More  and  more  of  advanced  technology 
has  to  be  implemented  in  modem  military  aircraft  designs.  This  has  let  to  technology  demonstrator  ve¬ 
hicles  like  Laughrey/Moorhouse  describe  in  [30],  see  also  Fig.  16.  Typical  representative  data  from 
N.S.  CFD  simulations  in  comparison  with  experimental  results  are  shown  in  Fig.  17  and  18  reported 
by  Reed/Muyshondt,  [28]. 


The  m^jor  findings  of  this  session  can  be  summarized  as  follows : 

1 .  No  major  break-through  since  WG08  (1986)  in  experimental  techniques 
Interesting  Question : 

"Will  the  "State-of-the-Art"  of  tomorrow  be  as  good  as  today?  (D.  Bowers) 

2.  Major  findings  from  CFD  applications : 

-  only  the  highest  level  (full  Navier-Stokes)  promising  to  simulate  the  complex  viscous  flow 
regime 

-  again  strong  requirements  for  test  cases  "designed"  for  CFD  validation 

-  Progress  in  2D  NS  Solvers  but  turbulence  modelling  still  unsatisfactory 

-  Geometric  restrictions  due  to  lack  of  3D  N.S.  codes 

-  strong  requirement  for  "User-Friendlyness"  of  CFD  codes 

-  "Magic  Triangle" : 


Experiment 
Test  Cases 


Code  Development 
Code  Validation 


AGARD  WG17  starts  in  1992  ! 


Engineering  Application 
Requirements  for  user  environment 
"Friendliness" 
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SESSION  VI :  AERODYNAMIC  ENGINE/AIRFRAME  INTEGRATION  FOR  HYPER¬ 

SONIC  SPEED  VEHICLES 

The  last  session  was  quite  short  Only  three  papers  have  been  submitted,  but  *  concentrates  on  the 
highest  degree  of  engine/airframe  integration. 

Objectives : 

(1)  Force  accounting  systems  for  hypersonic  propulsion  system  integration 

(2)  Integration  oi  turbo  -  ramjet  engines  for  hypersonic  aircraft 

(3)  Variable-capture-area  intakes  for  hypersonic  vehicles 


The  integration  of  the  airbreathing  propulsion  system  for  hypersonic  flight  vehicles  is  not  yet 
engineering  routine  today  and  therefore  it  can  be  explained  that  the  highest  identification  with  the  na¬ 
tional  programmes  has  to  be  accepted.  This  leads  to  the  conclusion  that  most  of  the  data  but  even  more 
the  procedures  used  during  systems  design  are  "Company  Confidential".  But  nevertheless  the 
contributions  given  to  this  session  have  been  impressive.  So  O. Herrmann  reviews  the  problems  of  the 
integration  of  turbo-ramjet  engines  for  hypersonic  aircraft  intensively  in  [32]  and  Fig.  19  gives  some 
impression  of  the  complexity  of  the  engineering  task.  Again  CFD  is  extensively  used  and  typical 
representative  results  obtained  by  2D  Euler  solutions  for  the  nozzle  aft  body  integration  are  shown  in 
Fig.  20.  The  force  accounting  system  for  hypersonic  flight  vehicles  was  addressed  by  K.Numbers  in 
[21],  see  Fig.  21.  nearly  each  airframe  and  engine  manufacturer  has  introduced  his  own  version  of 
creating  the  "engine/airframe-interface”.  A  specific  problem  for  vehicles  flying  with  airbreathing 
propulsion  over  an  extended  Mach  number  range  is  treated  by  Falempin/Duveau  in  [33].  Three 
concepts  for  variable  capture  area  intakes  to  compromise  diverging  requirements  for  mass  flow  and 
drag  at  low  and  high  speed  are  presented  according  to  Fig.  22. 


Conclusions  from  session  IV  : 

(1)  Only  three  papers  submitted  but  highly  qualified  and  impressive  presentations  given 

(2)  Highest  degree  of  engine/airframe  integration  needed  -  not  yet  "Routine  Engineering  Proce¬ 
dure"  therefore: 

(3)  Highest  identification  with  programme/project  status 
-NASP 

-HOTEL 

-  SANGER  Results  classified  ! 

-STAR-H 


(4)  Subject  for  future  AG ARD  activities  (e.g.  FDP  WG 1 8) 
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Fig.  19  Tasks  for  airbreathing-propulsion-systems  integration  for  hyper¬ 
sonic  launchers 

O.Herrmann  :  "Integration  of  Turbo-Ramjet  Engines  for  Hypersonic  Aircraft", 
[32] 


MTU-Configuration,  Pressures  at  Ma^l.2 


Plug-Configuration,  3-D  Grid  Lines 


Alternate  Configuration,  Pressures  at  Ma^l.2 


Plug-Configuration,  Pressures  at  Ma00=5.6 


Fig.  20  SERN-nozzle/afterboy  integration  for  hypersonic  launchers  using 
CFD 

O.Herrmann  :  "Integration  of  Turbo-Ramjet  Engines  for  Hypersonic  Aircraft", 
[321 
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•  AJi  Surfaces  Wetted  by 
Propulsion  Flow 

•  Prop  Analysis  Starts  in  Uniform 
Row 

•  Minimum  Corrections  at 
Off-Reference  Conditions 

•  Prop  Includes  Aft  Thrust  Surface 

*  Aero  Excludes  Major  Ufting 
Surfaces 

*  Interface  is  a  Function  of  M,  a,  11 

•  Wetted  Surfaces  Aft  of  First 
Compression  Ramp 

*  Aero  Includes  Forebody  Ufting 
Surface 

*  Minimum  Corrections  at 
Off-Reference  Conditions 

*  Prop  Includes  Aft  Thrust  Surface 

*  Aero  Excludes  Nozzle  Lift  &  Trim 

*  Prop  Analysis  Starts  in  Complex 
Row 

*  Interface  is  a  Function  of  M,  a,  n 

•  Wetted  Surfaces  Ah  of  Inlet 

Cowl  Up 

*  Aero  includes  Forebody  &  Inlet 
Ufting  Surfaces 

*  Boundary  is  Weil  Defined 

*  Prop  Includes  Aft  Thrust  Surface 

*  Aero  Excludes  Nozzle  Lift  &  Trim 

*  Prop  Analysis  Starts  in  Complex 
Flow 

*  Aero  May  include  Ramp 

Variable  Geometry 

•  Wetted  Surfaces  Ah  of  Engine 
Face 

*  Aero  Includes  Forebody  &  Inlet 
Lifting  Surfaces 

*  Boundary  is  Well  Defined 

*  Prop  Includes  Aft  Thrust  Surface 

*  Aero  Excludes  Nozzle  Lift  &  Trim 

*  Prop  Analysis  Starts  in  Complex 
Row 

*  Extensive  Corrections  at 
Off-Reference  Conditions 

•  Wetted  Surfaces  Between 

Engine  Face  and  Nozzle  Throat 

a  Aero  Includes  Major  Ufting 
Surfaces 

*  Boundary  is  Well  Definced 

*  Aero  Excludes  Nozzle  Lift  4  Trim 

*  Prop  Analysis  Starts  in  Complex 
Flow 

*  Extensive  Corrections  at 
Off-Reference  Conditions 

Fig.  21  Survey  on  database  available  for  aero-propulsion  interface 

KJiumbers :  ", Hypersonic  Propulsion  System  Force  Accounting ",  [31] 


fixed  geometry 
low  Mach 


Three  concepts  for  variable  capture  area  intakes  to  compromise 
transonic/hypersonic  performance  requirements 

FF'alempin,  PhJDuveau  :  "Variable  capture  area  inlets  -  Applications  to  Laun¬ 
chers",  [33] 


Fig.  22 
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CONCLUSIONS 


Some  general  observations  may  be  as  follows : 

(1)  Objectives  of  the  meeting  (according  to  the  call  for  papers)  have  been  reached  to  a  large  degree 

(2)  Successful  attempt  to  "integrate  people"  working  in  different  engineering  areas 

-  experimentalistsAheoreticians 

-  civil/military/space  transport  applications 

-  extemal/intemal  flow  specialists 

-  FDP/PEP  AGARD  community 

(3)  Active  and  stimulating  discussions  have  taken  [dace 

-  all  papers  being  available  in  written  form  at  the  meeting 

-  excellent  professional  presentations 

-  perfect  organization,  optimal  local  arrangements  and  outstanding  hospitality 

The  technical  evaluation  of  the  outcome  of  the  meeting  comes  to  the  following  conclusions  : 

(1)  Propulsive  flowfields  involve  more  and  more  complex  geometry  and  complex  physics 

(2)  Successful  engine/aiiframe  integration  relies  to  a  large  degree  on  extensive  WT-lesting  using 
engine  simulation  tools  (TPS) 

(3)  Optimization  of  civil  and  military  configurations  need  complementary  support  from  CFD 

(4)  Need  for  viscous  flow  representation  in  CFD,  but  still  limitations  for  practical  ("engineering") 
work  exist 

(5)  CFD  even  more  important  (and  complex)  for  internal  flow 

(6)  Future  trend  to  even  higher  integrated  designs  therefore  requirements  for  "Tip-to-Tail”  numeri¬ 
cal  simulation 


A  more  extensive  Technical  Evaluation  Report  has  been  written  by  W.Schmidt  (AGARD  AR-308),  all 
papers  of  the  symposium  including  the  closing  RTD  are  published  in  AGARD  CP-498  . 
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Summary 

This  paper  provides  a  description  of  the 
very  successful  Cruise  Missile  gas  turbine 
propulsion  program  managed  by  the  United 
States  Department  of  Defense.  The  paper 
contains  a  summary  of  the  procurement 
process,  the  technical  and  programmatic 
milestones,  issues  and  challenges,  and 
lessons  learned.  In  the  past  fifteen  years, 
testing  at  the  Naval  Air  Propulsion  Center 
has  included  over  800  cruise  engine 
development  and  component  substantiation 
efforts  spanning  the  engine  specification 
qualification  requirements.  This  paper 
provides  a  detailed  account  of  environmental 
test  techniques  used  to  qualify  the  F107 
family  of  gas  turbine  engines  which  propel 
the  US  Cruise  Missile.  In  addition,  a 
missile  freestream  flight  test  simulation 
for  the  TOMAHAWK  Cruise  Missile  is  discussed 
along  with  current  and  future  program 
efforts. 

Historical  Background 

Cruise  missile  ancestry  can  be  traced  back 
to  World  War  II  and  the  German  V-l  buzz 
bomb.  It  was  that  missile's  success  that 
drove  US  development  of  the  submarine 
launched  REGULUS  I  and  II,  and  the  Air 
Force's  MATADOR,  SNARK,  MACE  and  HOUND  DOG 
missiles  in  the  early  1950's  .  Cruise 
missile  development  interest  dropped  off 
sharply  in  the  mid  1950's,  when  the 
development  of  long  range  ballistic  missiles 
showed  performance  characteristics  more 
suitable  to  the  strategic  policies  being 
formed  for  the  "era  of  deterrence".  In 
addition,  the  loss  of  Gary  Powers  and  his 
U-2  reconnaissance  aircraft  showed  that  high 
flying  vehicles  could  no  longer  penetrate 
the  current  Soviet  defensive  systems  with  a 
high  probability  of  success.  It  was  not 
until  the  Egyptians  used  a  soviet  built  Styx 
cruise  missile  to  sink  the  Israeli  destroyer 
Elath  in  the  1967  war  that  the  United  States 
interest  was  rekindled.  As  a  hedge  against 
the  Soviet  military  build  up,  the 
development  of  the  Air  Force  Subsonic  Cruise 
Armed  Decoy  (SCAD)  and  the  Navy  HARPOON 
missiles  began.  1 

The  Navy  established  the  Cruise  Missiles 
Project  (CMP)  under  management  of  Naval  Air 
Systems  Command  (NAVAIR)  on  19  December 
1972.  The  Naval  Ordnance  Systems  Command 
(NAVORD)  and  the  Naval  Ship  Systems  Command 
(NAVSEA)  assisted  in  its  management.  NAVAIR 
and  NAVORD  published  a  joint  charter  on  16 
April  1973  which  established  the  CMP  as  a 
designated  Program  Manager  Air  (PMA)  under 
direction  of  COMNAVAIR. 


The  Navy  and  the  Air  Force  were  directed  in 
January  1977  by  the  Deputy  Secretary  of 
Defense  to  enter  into  joint  development  of 
the  air,  sea  and  ground  launched  cruise 
missiles  under  a  single  Joint  Cruise 
Missiles  Project  (JCMP) .  The  creation  of 
this  organization  was  to  ensure  that  the 
cost  savings  inherent  in  common  components 
and  subsystems  development,  testing, 
resources  sharing  and  quantity  buy  were 
realized.  In  July  1977,  production  of  the 
B-l  bomber  was  put  on  hold  and  increased 
emphasis  was  placed  on  development  of  the 
cruise  missile. 

On  30  September  1977,  the  Director  of 
Defense  Research  and  Engineering  (DDR&E) 
formed  the  Joint  Cruise  Missiles  Program 
Office  (JCMPO) .  DDR&E  assigned  the  JCMPO 
the  highest  National  priority  and  directed 
that  the  Navy  and  the  Air  Force  JCMPO  was 
responsible  for  developing  the  Air  Launched 
Cruise  Missile  (ALCM)  through  its  Defense 
Systems  Acquisition  Review  Council  (DSARC) 
III  production  decision.  After  DSARC  III, 
the  plan  was  to  assign  the  ALCM  and  Ground 
Launched  Cruise  Missile  ( GLCM )  program 
management  responsibilities  to  the  Air  Force 
and  the  Sea  Launched  Cruise  Missile  (SLCM) 
to  the  Navy. 

In  1978,  the  defense  department  sponsored  a 
competitive  ALCM  fly  off  between  Boeing  and 
General  Dynamics  Convair  Division  (GD/C)  .  A 
strengthening  of  the  JCMP  was  also  directed 
with  program  mana  g  e  rs  and  the  director 
co-located  in  Washington,  DC. 

In  March  1980,  the  Boeing  AGM-86B  was 
selected  to  be  the  Air  Force  strategic  air 
launched  cruise  missile.  Although  the  ALCM 
was  transferred  to  the  Aeronautical  Systems 
Division  (ASD)  at  Wright  Patterson  Air  Force 
Base  (AFB) ,  Ohio  in  June  1980,  the  common 
subsystems  including  the  engine  and  guidance 
system  remained  the  responsibility  of  the 
JCMP.  Also,  the  JCMP  maintained  the 
development  responsibility  for  the  GLCM  and 
all  the  TOMAHAWK  SLCM  variants  (for  which 
GD/C  was  the  principal  contractor) ,  as  well 
as  the  TOMAHAWK  Medium  Range  Air  to  Surface 
Missile  (MRASM) . 

In  August  1982,  the  ALCM  and  GLCM  programs 
transitioned  from  the  development  to  the 
production  phase,  with  the  SLCM  close 
behind,  moving  from  development  into 
qualification  testing. 

Because  of  the  importance  of  cruise 
missiles,  the  JCMP  entered  into  some  unique 
contractual  arrangements.  For  example,  the 
joint  project  dual  sourced  the  engine  and 


airframe  as  well  as  critical  guidance 
components.  This  dual  sourcing  allowed  for 
competition  throughout  the  production  phase, 
attaining  lower  costs.  The  joint  project 
also  adapted  some  innovative  strategies  to 
meet  reliability  requirements.  These 
strategies  included  Contractor  warranties  on 
the  engine  and  guidance  sets  delivered  to 
the  Government.  The  acquisition  strategy 
was  innovative  and  unique  in  the  application 
of  design-to-cost,  warranty,  dual  sourcing, 
licensing  and  rights  to  data  techniques  and 
requirements.  By  virtue  of  common  designs, 
joint  testing,  off  the  shelf  hardware  and 
this  unique  acquisition  strategy,  the 
overall  development  schedule  was  met,  and  in 
some  cases  exceeded,  at  reduced  cost.  2 

The  Navy  awarded  dual  source  competitive 
contracts  in  December  1984  for  270  All  UP 
Round  (AUR)  missiles.  Under  terms  of  the 
agreement,  GD/C  and  McDonnell  Douglas 
Missile  Systems  Corporation  (MDMSC)  provided 
each  other  with  the  necessary  data  and 
technical  knowledge  to  allow  them  to  compete 
annually  for  output  of  all  TOMAHAWK 
variants.  GD/C  was  the  expert  on  airframe 
design  and  MDMSC  on  the  guidance  set. 

After  the  program  moved  to  full  rate 
production  in  August  1986,  GLCM  unique 
hardware  was  turned  over  to  ASD,  Wright 
Patterson  AFB ,  in  October.  Also  in  October, 
under  the  Air  Force  and  Navy  Cruise  Missile 
Transition  Management  Plan  of  June  1985,  the 
JCMPO  reverted  to  Program  Director  Air  for 
Cruise  Missiles  ( PDA1 4 )  as  a  Navy  program 
under  the  NAVAIR  Command. 

Program  Firsts 

Date  Eve at 

5  June  1976  First  fully  guided  flight  of  a  TOMAHAWK 

2  Feb  1978  First  launch  of  land  attack  and  anti-ship 

SLCM  from  submarine  (USS  Barb) 

13  Mar  1980  First  flight  of  TOMAHAWK  from  ground 

based  Armored  Box  Launcher 

19  Mar  1980  First  surface  ship  launch  of  TOMAHAWK 

conducted  from  an  ABL  from  a  DD-963  class 
destroyer. 

April  1984  Completed  surface  ship  TSAM  and  TLAM 

OPEVAL's. 

July  1984  Conducted  an  extremely  successful  test  of 

a  T LAM/C  with  a  live  warhead.  This  was 
the  first  end-to-end  demo  of  horizontal 
mode  of  attack  with  a  live  warhead.  The 
missile  impacted  a  concrete  structure 
located  on  San  Clemente  Island  dramatically 
depicting  TOMAHAWK'S  accuracy  and  the 
destructive  power  of  the  warhead. 

31  May  1985  First  vertical  launch  of  TOMAHAWK  from 

surface  ship  (USS  Norton  Sound) 

Initial  Fleet  Aboard  the  battleship  USS  New  Jersey  in 
March  1983. 

Introduction  (TSAM  &  TLA M/C) 

Aboard  submarines  in  November  1983  (TSAM) . 

GLCM 

United  Kingdom  in  December  1983 
Italy  in  March  1984 
Belgium  in  March  1905 
Germany  in  March  1986 
SLCM 

Sub  anti-ship  in  November  1983 
Surface  ship  anti-ship  in  June  1984 
Sub  &  Surface  Ship  land  attack  in  June  1984 

TOMAHAWK  Commonality  and  Variants 

TOMAHAWK  Cruise  Missiles  share  a  common  aft 
end  that  contains  the  propulsion  and  flight 
control  assemblies  and  fuel  cells.  The 
forward  half  of  the  BGM-109  contains  the 
guidance  set  ,  payload  section  and  extra 
fuel  cells.  Three  different  guidance  sets 
are  utilized  in  the  TOMAHAWK  missiles.  The 
anti-ship  weapon  (BGM-109B)  utilizes  a 
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modified  HARPOON  unit;  the  nuclear  land 
attack  weapon  (BGM-109A)  has  an  inertial 
ur.it  with  terrain  contour  matching  (TERCOM) 
updating,  and  the  conventional  land  attack 
weapon  (BGM-109C,D)  uses  TERCOM  plus  digital 
scene  matching  area  correlation  (DSMAC) . 
All  TOMAHAWK  variants  are  provided 
environmental  protection  with  either  a 
canister  (surface  ship  launch)  or  capsule 
(submarine  launch) . 
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TOMAHAWK  Cruise  Missiles  in  Desert  Storm 

Only  TOMAHAWKS  and  F-117s  were  sent  to 
destroy  heavily  defended  Bagdad  targets. 
Although  ALCMs  were  also  used  during  the 
first  day  of  the  conflict,  they  delivered 
conventional  munitions  against  sites  in 
northern  Iraq.  TOMAHAWK  targets  included 
power  plants,  command  and  control  centers 
and  air  defense  systems.  Over  100  TOMAHAWKS 
were  expended  in  the  first  24  hours  of  the 
confrontation,  nearly  200  in  the  first  48 
hours.  Eighteen  TOMAHAWK  platforms  expended 
294  missiles  from  477  available  missiles  in 
the  theater. 

Surface  ship  =  252  TLAM-C,  28  TLAM-D 

Submarine  =  14  TLAM-C 

Of  the  294  attempted  launches,  8 
experienced  pre-launch  anomalies  which 
prevented  firing,  and  only  7  were  lost  due 
to  boost  failure,  none  of  which  is 
attributable  to  the  engine.  This  equates  to 
a  launch  rate  of  97%  and  a  cruise  rate  for 
successful  launches  of  98%.  3  It  is 

estimated  that  85%  of  the  279  missiles  that 
attained  cruise  hit  their  targets. 


Engine  History 

In  the  early  1970's  the  AIR  FORCE  cruise 
missile  program  emphasized  the  development 
of  a  Subsonic  Cruise  Armed  Decoy  (SCAD)  for 
use  in  degrading  enemy  defenses  that  might 
be  used  against  the  B-52.  In  July  1972 
contracts  were  awarded  to  Williams  Research 
Corporation  (WRC)  and  Teledyne  Corporation, 
Continental  Aircraft  Engine  Division  ( TCAE) 
for  an  eight  month  competitive  turbofan 
engine  development  program,  with  WRC 
declared  the  winner  in  April  1973. 
Similarly,  in  1971  TCAE  had  won  a 
competitive  contract  to  develop  a  light 
weight  low  cost  expendable  turbojet  engine 
(J402)  for  HARPOON,  the  precursor  to  the 
Navy  cruise  missile  project. 

During  the  early  1970's  the  Navy  was 
becoming  interested  in  both  tactical  and 


27-3 


strategic  cruise  missiles  in  response  to 
growing  Soviet  surface  fleet  and  cruise 
missile  threat.  The  SLCM  TOMAHAWK  Cruise 
Missile  required  a  1200  NM  range,  the 
ability  to  fit  into  a  21  inch  diameter 
cylindrical  torpedo  tube  and  provide  an 
accuracy  at  that  distance  commensurate  with 
the  payioad  yield.  In  addition,  lower  life 
cycle  costs  were  emphasized.  A  major  player 
in  minimizing  production  and  operational 
costs  is  maximizing  missiles  on  target, 
requiring  high  system  reliability  and  high 
probability  of  surviving  enemy  defenses.  In 
response  to  the  requirements  for  minimum 
life  cycle  costs  and  development  time  each 
missile  contractor  was  encouraged  to  make 
maximum  use  of  existing  technology  and 
proven  hardware.  With  two  small  engine 
developments  already  underway,  the  TCAE 
turbojet  and  the  WRC  turbofan,  the 
advantages  of  off  the  shelf  hardware  and 
commonality  dictated  against  separate 
development  of  a  unique  TOMAHAWK  sustainer 
engine.  The  B-52  launched  SCAD  turbofan 
engine  candidates  were  integrated  into  the 
competing  airframe  contractors  design  for 
the  competition  phase. 

The  major  technology  breakthrough  in  the 
SCAD  program  was  the  small  turbofan  engine 
being  developed  by  WRC.  This  engine  showed 
great  promise  in  reducing  SFC,  while 
significantly  reducing  the  missiles 
infra-red  signature.  In  the  interest  of 
commonality,  it  was  decided  to  evaluate  the 
Williams  engine  for  use  in  the  Navy  cruise 
missiles.  These  decisions  began  to  tie 
together  several  cruise  missile  programs. 
There  was  a  sharing  of  guidance  and  engine 
components  from  both  the  HARPOON  and  the  Air 
Force  ALCM . 

In  mid  1973,  development  of  the  SCAD  missile 
was  canceled.  However,  the  AIR  FORCE 
continued  to  work  on  technology  areas 
critical  to  early  development  of  a  cruise 
missile,  including  further  development  of 
the  WI  engine. 

In  December  1973,  due  to  similarity  between 
the  Air  Force  and  Navy  missiles,  Deputy 
Secretary  of  Defense  William  Clements 
directed  that  the  Air  Force  be  responsible 
for  developing  an  engine  suitable  for  use  in 
both  missiles,  while  the  Navy  develop  the 
land  attack  guidance  system  for  both. 
Following  the  December  1973  authorization  to 
develop  a  long  range  strategic  ALCM,  the  Air 
Force  rapidly  converted  the  SCAD  design  to 
the  new  objective.  WRC  had  already  been 
selected  to  supply  the  engine,  and  continued 
as  contractors  for  the  ALCM.  Although  the 
Air  Force  had  chosen  the  WRC  engine  for  the 
ALCM,  in  January  1974  the  Navy  encouraged 
them  to  include  a  second  candidate,  the  TCAE 
engine,  to  allow  for  a  competitive  fly  off 
of  two  different  engine/airframe  pairings 
for  the  SLCM.  The  Navy  wanted  to  reduce 
production  risk  and  identify  the  best  engine 
by  the  end  of  the  validation  phase.  In 
April  1974,  WRC  was  paired  with  GD/C  and 
TCAE  with  Vought  Systems  Division  of  Ling 
Temco  Vought  Aerospace  Corporation  (LTV) ,  in 
a  competition  for  the  Navy  SLCM  flight 
vehicle.  The  competition  was  structured  so 
that  either  engine  contractor  could  be 
se lected . 

In  the  intervening  two  year  period  from  the 
issuance  of  the  competitive  development 


contracts  for  SLCM  to  GD/C  and  LTV,  both 
contractors  had  designed,  developed,  and 
fabricated  candidate  cruise  missiles  which 
were  subjected  to  a  variety  of  tests, 
including  observables,  active  wind  tunnel 
flight,  shock  resistance,  and  B-52 
compatibility.  On  March  5,  1976  the  Navy 
issued  a  stop  work  order  to  LTV,  before  the 
completion  of  the  competitive  airframe 
demonstration  phase  of  development,  because 
of  a  potential  $5  million  cost  over  run.  * 
The  Navy  selected  GD/C  as  the  winning 
contractor  on  March  17,  1976.  In  May  1976, 
WRC,  a  small  privately  owned  firm,  that  at 
the  time  had  no  experience  with  the 
production  rates  that  would  be  required  by 
the  cruise  missiles  project,  was  named  as 
the  developer  of  the  SLCM  turbofan  engine  in 
addition  to  already  being  the  ALCM  engine 
developer . 

The  Demonstrator  Flight  Rating  Tests  (DFRT) 
for  the  WRC  F107  engine  were  completed  in 
May  1976,  and  On  5  June  1976,  the  first 
TOMAHAWK  flight  test  missile  was 
successfully  launched  from  a  Navy  A-6A 
aircraft  over  White  Sands  Missile  Range,  New 
Mexico.  The  engine  was  unique,  establishing 
a  new  niche  for  military  turbine  engines,  a 
600  pound  thrust  class,  136  pound  engine  12 
inches  in  diameter  and  37  inches  long. 


F107  TOMAHAWK  Engine  Acquisition 
Program  Background 

Williams  International,  a  privately  owned 
company  is  the  designer,  developer,  and 
prime  manufacturer  of  the  F107  engine,  in 
1978,  Teledyne  CAE  was  selected  as  the  F107 
Licensee  and  in  1982  TCAE  delivered  its 
first  production  F107  engine  as  a 
subcontractor  to  Williams  International  (WI) 
(WRC  became  WI  in  1981).  TCAE  continued  to 
perform  as  a  subcontractor  to  WI  in 
accordance  with  JCMP/WI  MOA  of  August  1978 
throughout  the  production  of  the  F107-WR-400 
engine  which  ended  in  1989. 

The  cruise  missile  engine,  competitively 
purchased  under  a  dual  source  program,  was 
evaluated  each  year  to  determine  if  dual 
sourcing  remained  in  the  best  interest  of 
the  US  Government.  As  an  example,  in  1988 
(following  eight  years  of  production),  WI's 
unit  price  dropped  eleven  percent  from  that 
of  1987,  mainly  due  to  competition  from 
TCAE.  TCAE  became  even  more  competitive  in 
1988,  continuing  to  show  a  positive  trend 
through  the  completion  of  F107-WR-400 
production  in  1989.  5  In  1990,  a  new 
version  of  the  F107  engine  went  into 
production  for  the  TOMAHAWK  program.  The 
new  402  series  engine,  developed  by  WI ,  was 
second  sourced  to  TCAE.  TCAE  payed  all 
costs  for  technology  transfer  and  their 
qualification.  The  Navy  competed  the  1990 
buy,  and  with  a  total  of  370  engines 
proposed,  TCAE  received  approximately  40 
percent.  In  1991,  a  program  decision 
was  made  to  go  to  single  source  based  on 
competitive  bids.  There  was  no  additional 
cost  to  the  Government  since  TCAE  funded 
both  the  technology  transfer  and  their 
qualification.  In  return  for  these 
commitments,  the  Government  signed  a 
Memorandum  of  Understanding  (MOU)  with  TCAE 
guaranteeing  them  an  opportunity  to  compete 
through  1990.  Over  the  years,  TOMAHAWK'S 
dual  source  competitions  have  provided 
better  affordability  and  the  establishment 
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of  cooperative  teamwork  leading  to  better 
problem  solutions  and  a  higher  quality 
product . 


Engine  Design 

The  F107  engines  are  direct  descendants  of 
the  WR19  series  of  turbofan  engines 
conceived  by  WRC  in  the  1963-64  timeframe. 
The  entire  core  of  the  WR19  was  derived 
directly  from  the  WR2  series  of  turbojet 
engines  developed  by  Williams  in  the  1950's. 
The  first  use  of  the  WR19  engine  series  was 
as  the  powerplant  for  the  flying  platform 
now  known  as  the  X-Jet  or  WASP.  This  engine 
made  its  initial  run  in  August,  1967.  It 
was  also  used  in  the  Bell  Aerospace 
Company's  Jet  Belt  which  first  flew  in 
September  1968. 

Since  the  cruise  missile  engine  is  strongly 
constrained  by  the  missile  package  (inlet 
airflow  and  location,  exhaust  nozzle 
geometry,  diameter  and  length  limitations), 
a  trade  off  between  optimization  of  specific 
thrust  and  specific  fuel  consumption  was 
necessary.  The  result  was  the  selection  of 
a  moderate  bypass  ratio  cycle  (0.9)  with  fan 
pressure  ratios  of  2.0  -  2.5.  6  The 
standard  problems  encountered  with  small 
turbine  engine  design  are  that  once  the 
specific  thrust  has  been  narrowed,  major 
improvement  in  SFC  is  limited  due  to 
physical  size  constraints,  mainly  in  the  aft 
compressor  stages,  limiting  core  engine 
performance  growth.  In  addition  to  the 
physical  size  limitations,  the  boundary 
layer  becomes  a  greater  proportion  of  blade 
height  resulting  in  greater  losses. 

The  F 1 0 7  turbofan  engine  was  originally 
produced  in  two  versions,  the  F107-WR-101  to 
power  the  Air  Force  ALCM  and  the  F107-WR-400 
for  the  Navy  TOMAHAWK.  Both  engines  had 
identical  gas  paths  with  differences  in  the 
location  of  accessories  and  types  of  fuel 
and  lubricant  used. 


F107-WR-4 00  Engine 
Figure  2 


The  engine  was  originally  designed  to  have  a 
useful  life  of  ten  years.  This  life 
consists  of  periods  of  fleet  deployment 
including  up  to  25  hours  of  engine 
operation.  The  engine  is  returned  to  the 
depot  from  the  field  after  36  months  for 
recertification  primarily  due  to  the  concern 
of  the  storage  life  of  the  number  one  grease 
packed  bearing. 


Over  the  years,  weight  growth  of  the  missile 
resulting  from  several  upgrades  required 
greater  engine  performance.  A  derivative  of 
the  F107-WR-400,  the  F107-WR-402  engine 
provides  improved  performance,  enhanced 
missile  inlet/engine  compatibility  and 
increased  storage  life  as  compared  to  the 
F107-WR-400.  These  advantages  were  obtained 
by  replacing  the  low  pressure  (LP) 
compressor  section  of  the  F107-WR-400  with 
higher  efficiency  LP  compressors.  The 
modification  also  included  an  oil  lubricated 
number  one  bearing  which  removed  the 
limitations  that  the  grease  packed  bearing 
imposed  on  engine  storage  life.  The  engine 
operational  storage  life  is  then  extended 
from  three  to  six  years  (minimum) . 

These  modifications  were  also  scheduled  to 
be  incorporated  into  F107-WR-400  engines  as 
they  returned  from  the  fleet  for 
r ecer t i f icat ion ,  because  the  retrofit  is 
fairly  simple  and  straightforward. 
Subsequently,  program  objectives  continued 
to  be  met  at  relatively  low  recurring  and 
non-recurring  costs. 

The  F107-WR-402  combines  the  design  features 
of  two  successful  qualified  engines:  the 
F107-WR-400  with  a  demonstrated  operating 
reliability  of  .994  and  over  19,000  test 
hours,  and  the  F112-WR-100  which  was 
developed  for  the  Air  Force  Advanced  Cruise 
Missile  (ACM)  with  over  3,500  developmental 
test  hours.  7 


O  17.5  TO  19  PERCENT  INCREASED  THRUST 
AT  LOW  ALTITUDE,  MACH  0.7,  HOT  DAY 

O  1.5  TO  2.5  PERCENT  BETTER  TSFC  AT 
SEA  LEVEL,  MACH  0.7,  STANDARD  DAY 

O  IMPROVED  ENGINE/ INLET  COMPATIBILITY 

O  INCREASED  STORAGE  LIFE 

O  EASILY  RETROFITTABLE 

0  LIFE  CYCLE  COST  SAVINGS 


F107-402  Program  Objectives 
Figure  3 


The  F107-WR-402  turbofan  engine  is  a 
non-augmented ,  twin  spool,  axial  flow, 
turbofan  engine  with  a  single,  fixed 
geometry  convergent  jet  nozzle.  It  is  in 
the  700  pound  thrust  class  and  has  a  nominal 
inlet  airflow  of  14.6  lb/sec,  an  overall 
compressor  pressure  ratio  of  16.5  and  a 
bypass  ratio  of  0.81  at  Sea  Level,  Static, 
Standard  Day  conditions  at  its  maximum 
continuous  rating. 

To  meet  the  goals  of  improved  performance 
and  extended  storage  life,  the  engine 
utilizes  components  developed  and  qualified 
on  other  programs.  Thrust  uprating  of  the 
engine  is  achieved  by  replacing  the  existing 
LP  compressor  section  with  improved 
components  developed  under  the  F112-WR-100 
program.  The  Intermediate  Pressure  (IP) 
compressor  section  is  the  F112-WR-100  "high 
rise"  design.  The  "high  rise"  IP  compressor 
achieves  signif icantly  higher  pressure  ratio 
than  the  existing  F107-WR-400  stages. 
Therefore,  the  engine  achieves  increased 
thrust  without  increased  shaft  speeds  or 
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F107-WR-400 


F107WR402 


,  EARLY  FI  12  WR  100 

F112-WR-100  SIMILAR 

SIMILAR 


F107-40Q/-402  Comparison 
Figure  4 


temperature.  These  changes  to  the  LP 
compressor  section  improve  the  thrust  by 
17-20  percent  at  Mach  0.7,  low  altitude,  Hot 
Day  conditions.  The  compressor  has  30 
percent  higher  temperature  rise  and  operates 
at  the  same  efficiency.  The  higher  pressure 
ratio  IP  increases  the  engine  overall 
compressor  pressure  ratio  at  a  given  HP 
spool  speed.  Since  the  HP  turbine 
and  therefore  the  turbine  flow  parameter 
(WTAP)  remains  unchanged,  increased  turbine 
pressure  and  temperature  result  in 
increased  airflow  through  the  turbine.  This 
reduces  engine  bypass  ratio  resulting  in 
higher  energy  core  flow  which  provides 
significant  increase  in  thrust  at  a  fixed  HP 
spool  speed.  The  increased  pressure  ratio 
of  the  IP  has  opposing  impacts  on  SFC.  The 
increased  overall  PR  benefits  SFC,  while  the 
reduced  bypass  ratio  makes  it  worse. 
The  end  result  is  improved  SFC  (in  the  range 
of  two  to  four  percent) . 


Incorporating  the  oil-lubricated  number  one 
bearing  improves  the  storage  reliability  and 
extends  the  storage  life  of  the  engine. 
Because  the  grease  in  the  F107-WR-400 
bearing  is  highly  hydroscopic,  the  bearing 
has  been  considered  a  major  factor  in 
limiting  extended  storage  life  of  the 
engine.  Oil  lubricated  bearings  retain 
sufficient  oil  film  and  are  relatively 
unaffected  by  humid  conditions  for  extended 
periods  of  time. 

With  the  F107-WR-402  engine  installed, 
missile  inlet/engine  airflow  compatibility 
is  also  improved.  Testing  has  verified  the 
stability  model  predictions  of  more  surge 
margin  at  corrected  airflows  above 
approximately  14.0  lbm/sec,  which  is  an  area 
of  concern  for  the  F107-WR-400  installed  in 
TOMAHAWK  . 
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F107-400/-402  Performance  Comparison 
Figure  5 
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O  1ST  WR19  ENGINE  RUN  .  1967 

O  1ST  CRUISE  PROTOTYPE  RUN  .  6/1970 

O  1ST  SCAD  DEMO  RUN  .  10/1972 

O  1ST  ALCM  F107  RUN .  9/1974 

O  PFRT  COMPLETE  .  12/1975 

O  1ST  ALCM  FLIGHT  .  4/1976 

O  START  FSED  .  3/1977 

O  QUAL  TEST  COMPLETE  .  3/1980 

O  DSARC  III  .  3/1980 

O  FOTSE  COMMENCED  .  3/1980 

O  1ST  PRODUCTION  DELIVERY  .  3/1981 

O  LICENSEE  PRODUCTION  BEGIN  ....  10/1982 

O  INITIAL  ALCM  OPERATIONAL  .  12/1982 

O  GLCM  DTSE  COMPLETE  .  7/1983 

O  TOMAHAWK  GO  AHEAD  .  9/1983 

O  ALCM  DELIVERIES  COMPLETE  .  3/1986 

O  402  DEMO  TESTED  .  4/1986 

O  402  PROGRAM  GO  AHEAD  .  6/1987 

O  GLCM  PROGRAM  COMPLETE  .  1987 

O  402  SUBSTANTIATION  COMPLETE  ..  10/1989 

O  1ST  402  DELIVERY  .  10/1990 


F107  Program  History 
Figure  6 

Naval  Air  Propulsion  Center  Role 

The  Naval  Air  Propulsion  Center  (NAPC)  was 
first  tasked  to  support  the  SLCM  engine 
development  in  August  1975.  Commencing  in 
February  1976,  testing  began  on  the 
demonstration  flight  rating  test  DFRT  phase, 
during  which  time  a  number  of  potential 
problems  were  revealed  through 
a  ltitude /Mach  number  (Alt/Mn)  testing. 
After  the  DSARC  decision  to  create  the  JCMP 
in  February  1977,  full  scale  development  was 
underway  and  NAPC  was  now  tasked  with 
development  testing  on  SLCM  and  ALCM 
engines.  That  tasking  expanded  to  include 
areas  of  qualification,  warranty,  alternate 
source  substantiation,  development  and 
review  of  specifications  and  engineering 
changes,  reliability  and  maintainability, 
and  integration  of  engine  and  missile  fuel 
system  program  management. 


Engine  specification 

The  F  1  0  7  Prime  Item  Development 
Specification  24235WR9501  encompassing  both 
Air  Force  and  Navy  engine  models,  was 
developed  from  the  Military  General 
Specifications  with  the  incorporation  of  an 
extensive  tailoring  package.  Because  the 
engine  was  designed  and  developed  for 
expendable,  unmanned  application,  the  design 
criteria  and  evaluation/qualification  test 
requirements  were  substantially  modified  for 
cost  effective  demonstration  and  achievement 
of  specific  goals. 

Some  of  the  major  design  requirement 
deviations  from  Navy  General  Specification 
MIL-E-005007  are  in  the  areas  of 
environmental  conditions  for  storage, 
humidity  and  corrosion  resistance.  A  number 
of  tests  represented  specialized 
requirements,  and  were  not  taken  directly 
from  the  guidelines  of  the  General 
Specif icat ion : 

o  Pre  Launch  Shock  &  Shock  Test 
o  Stability  Margin  Demonstration 
o  Engine  Cartridge  Starting  Test 
o  Storage  Reliability  Demonstration 
o  Altitude  Mission  Simulation 


Qualification  Test 

NAPC  conducted  early  program  testing  to 
support  DFRT,  aero  performance  determination 
and  system  integration  phases  of  TOMAHAWK 
and  GLCM  qualification  encompassing  over  135 
test  hours  and  15  engines.  In  support  of 
FSED  and  QT,  between  1976  and  1979,  over  300 
hours  of  testing  were  performed  at  NAPC  on 
over  40  different  engines.  These  engines 
were  subjected  to  Specification  requirements 
including  altitude  and  functional 
performance,  corrosion  and  icing 
environments,  ice,  water  and  sand  ingestion, 
starting  and  relight  envelope  evaluation, 
endurance  and  altitude  mission  simulation, 
inlet  compatibility  and  effects  of 
misalignment,  surge  margin  evaluation,  smoke 
and  emissions,  heat  rejection  and  oil 
cooling,  oil  interruption,  oil  consumption, 
vibration  surveys  and  distortion. 

As  the  program  shifted  from  the  development 
to  production  phase  in  August  1982,  NAPC  had 
run  over  220  Cruise  Missile  engines  under 
altitude  environmental  conditions,  totaling 
over  1500  hours  of  experience  with  the 
engine  design. 
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Naval  Air  Propulsion  center 
History  of  cruise  Missile  Engine  Test 
1976  -  1991 
Figure  7 


The  F107  engine  has  been  a  model  of  success 
as  demonstrated  in  Operation  Desert  Storm, 
but  the  road  to  reliability  has  not  been  a 
smooth  one.  Altitude  and  environmental 
development  and  substantiation  testing  at 
NAPC  included  over  30  anomalous  engine  tests 
out  of  42  tested.  Problems  encountered 
included  those  related  to  the  mechanical 
system  -  lubricating  oil,  oil  consumption 
and  bearing  failures  -  cold  starting 
incapability,  fuel  distribution  -  fuel 
slinger  failures,  burner  cover  failures  - 
fuel  control  mis-scheduling  and  slew  rate 
anomalies,  and  a  number  of  turbine 
blade/disk  failures.  Many  of  these 
discrepancies  were  directly  related  to  the 
extreme  environment  seen  by  engine  internal 
compartments  during  Alt/Mn  operation. 

During  alternate  source  substantiation 
testing  of  a  Nichols  lube  and  scavenge  pump 
and  second  source  substantiation  of  TCAE , 
both  for  the  F107-402  design,  anomalies 
related  to  oil  consumption  and  system  design 
deficiencies  were  only  detectable  under- 
simulated  environments  of  low  a  1 1  i t ude/hi gh 
Mach/  Hot  Day  conditions. 
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Michols  Lube  and  Scavenge  Pump 
Figure  8 


Nichols  Lube  Pump:  During  attempted  second 
source  lube  pump  substantiation  of  Nichols 
Division  of  Parker  Hannifin  for  the 
F107-WR-402  in  1988,  oil  consumption 
measured  on  the  Sea  Level,  Static  (SLS) 
acceptance  test  stand  was  0.009  gallons  per 
hour  ( GPH )  which  was  typical  for  a 
FI 07 -  WR- 4  0  0  pump.  The  Nichols  pump  was 
similar  to  the  existing  pump  in  both 
materials  and  design.  When  the  pump  was 
tested  in  the  flight  environment  at  NAPC,  it 
failed.  Failure  investigation  revealed  no 
dimensional  or  metallurgical  discrepancies, 
but  the  failure  was  duplicated  at  the 
vendors  facility.  At  the  time  of  the  start, 
the  engine  interstage  assembly,  oil 
reservoir  and  oil  inlet  tube  were  dry.  The 
outlet  line  was  full  of  oil  including  the 
oil  cooler.  Under  cold  soak  conditions, 
with  oil  at  -5F,  the  pump  seized  due  to 
insufficient  gerotor  side  clearance  (0.0006 
inches) .  The  dry  inlet  and  full  outlet 
condition  was  more  severe  than  previous 
evaluation  tests  performed  by  the  vendor. 
After  increasing  the  gerotor  side  clearance 
to  0.0010  inches,  bench  priming  tests  were 
re-evaluated  at  -20F  and  +160F  with  minimum 
and  maximum  tolerance  pumps  (0.0009  -  0.0016 
inches  gerotor  side  clearance)  and  were 
successful.  The  pump  substantiation  testing 
was  then  repeated  at  NAPC  with  cold 
soak/starts  at  -5F  and  hot  endurance  tests 
on  the  engine  to  determine  if  the  increased 
clearances  affected  oil  consumption.  The 
engine  successfully  completed  cold  starts 
and  a  seven-hour  cold  endurance  run.  The 
ensuing  seven-hour  hot  endurance  run  was 
terminated  at  four  hours  due  to  loss  of  oil 
pressure  and  elevated  number  4  &  5  scavenge 
oil  temperatures.  At  this  point,  the 
Nichols  lube  pump  substantiation  was  halted. 


TCAE  Second  Source  Substantiation:  In  a 
similar  test  scenario,  during  TCAE  second 
source  substantiation  for  the  F107-WR-402 
engine  in  1989,  initial  Hot  Day  mission 
simulation  testing  of  the  engine  exceeded 
oil  consumption  limits  of  0.023  GPH  by  30 
percent.  Disassembly  and  evaluation  of 
hardware  revealed  coking  on  LP  and  HP 
shafts,  an  oversized  carbon  seal  ring  ID  on 
the  number  5  carbon  seal  and  excessive 
contamination  and  degradation  of  the  oil. 
After  pressure  testing  the  oil  system  for 
leak  sources  and  a  complete  inspection  of 
mechanical  system  hardware,  O-rings,  seals 
and  bearings  were  replaced  and  the  engine 
was  rebuilt  for  additional  testing.  An 
acceptance  test  oil  consumption  run  was 
successfully  performed  at  SLS  conditions  by 
TCAE,  and  the  engine  was  returned  to  NAPC 
for  further  evaluation  at  flight  conditions. 
Once  again,  oil  consumption  was  excessive 
during  one-hour  oil  consumption  runs  and  Hot 
Day  mission  simulation  testing  at  0.7  Mach, 
160F  inlet  temperature.  The  engine  was  once 
again  returned  to  TCAE  for  disassembly 
inspection,  which  revealed  no  additional 
coking/carbon  on  the  LP  or  HP  shafts,  no 
damage  to  0-rings,  conical  seals  or  any 
other  hardware.  The  second  stage  turbine 
nozzle  assembly  which  was  originally  thought 
to  be  the  culprit  was  very  clean,  including 
carbon  seal  ID's  and  seal  runner  OD's  within 
print  tolerances.  The  number  one  bearing 
shaft  sleeve  was  found  to  be  undersized  and 
had  been  mismachined  at  the  bearing  oil  dam 
and  oil  separator  areas  of  the  sleeve.  The 
mismachined  number  one  bearing  shaft  sleeve 
was  allowing  oil  to  leak  into  the  oil  system 
vent  downstream  of  the  air /oil  separator, 
causing  excessive  oil  consumption.  The 
original  coking  and  deterioration  of  seals 
in  the  first  build  was  believed  to  have  been 
a  secondary  effect.  With  the  problem  source 
determined,  new  parts  were  cut  and  drawings 
changed.  The  engine,  with  new  seals  and 
bearings,  was  then  successfully  run  at  Hot 
Day  mission  conditions.  The  engine  design 
was  deemed  acceptable,  allowing  TCAE  to 
complete  substantiation  and  win  a  fair 
percentage  of  the  Fiscal  1990  production. 


F107-409  Number  One  Bearing  Sleeve 
Figure  9 
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Production  Verification  (Warranty)  Testing 

Because  this  engine  is  essentially  exposed 
to  a  storage  environment  as  opposed  to  an 
operational  one,  a  warranty  program  was  put 
in  place  to  confirm  product  quality 
assurance  and  monitor  achievement  of 
reliability  goals.  The  program  sampled 
production,  storage  and  flight  engines  under 
the  Product  Assurance  Test  (PAST)  , 
Effectiveness  Verification  and 
Improvement  Program  (EVIP)  and  Operational 
Test  Launch  (OTL)  programs.  The  PAST 
represented  the  "as  bought"  or  zero  (0)  age 
engine,  the  EVIP  represented  the  fleeted 
engine  after  one  deployment  cycle  and  the 
OTL  was  a  random  sampling  of  engines  between 
the  ages  of  0  -  36  months.  The  PAST  and 
EVIP  were  performed  at  NAPC  as  mission 
simulation  tests  while  the  OTLs  were  AUR 
flight  demonstrations.  WI  coordinated  the 
data  bases  from  all  three  programs  and 
predicted  operational  reliability  for  the 
engine  system  for  up  to  the  three  year 
warranty  period.  With  the  conversion  to  the 
F107-WR-402  in  Fiscal  Year  1990,  the 
F107-WR-400  Warranty  program  came  to  an  end. 
The  final  tally  of  tests  and  results  from 
each  test  program  are  documented  below. 

F107  PROGRAM  STATISTICS 

4878  ENGINES  DELIVERED 
THROUGH  31  DECEMBER  1992 

1926  ALCM  (-101,-102) 

2614  TOMAHAWK  (-400) 

338  TOMAHAWK  (-402) 

WARRANTY  PROGRAM  STATISTICS 
(0-36  MONTH  AGE  ENGINES) 


104 

PAST 

TESTS  : 

101 

SUCCESSFUL 

2 

UNSUCCESSFUL 

1 

NO  TEST 

292 

OTL  TESTS  ; 

271 

SUCCESSFUL 

2 

UNSUCCESSFUL 

19 

NO  TEST 

76 

EVIP 

TESTS  : 

73 

SUCCESSFUL 

1 

UNSUCCESSFUL 

2 

NO  TEST 

The  overall  operational  reliability  of  the 
system  under  the  36  month  constraint 
exceeded  the  specification  goal  of  98.1 
percent.  With  the  coming  of  the  F107-WR-402, 
the  missile  storage  period  extends  to  60 
months,  and  the  engine  extends  to  a 
maintenance  interval  of  84  months.  This 
engine  is  also  undergoing  production 
assurance  and  flight  testing  and  will 
eventually  be  exposed  to  aged  testing. 


The  engine  has  been  very  successful  in 
fulfilling  requirements,  and  the  design  has 
certainly  proven  effective.  The  PAST/EVIP 
has  been  essential  in  finding  and  resolving 
problems  encountered  in  the  operational 
environment  which  cannot  be  duplicated  on 
the  Acceptance  stand  at  SLS  conditions.  The 
following  data  summary  provides  the 
differences  in  compressor  exit  conditions 
and  gas  generator  parameters  for  the 
Altitude/Mn  to  SLS  comparison. 


SLS  to  Alt/Mn  comparison 


GdS 

Generator 

Speed  (RPM) /Fuel  Flow  (LBM/HR) 

ALT/MN 

STD  DAY 

HOT  DAY 

COLD  DAY 

0/0 

62796/411 

62834/347 

59523/490 

0/  .  78 

62948/484 

62950/395 

58379/551 

5K/  .  9 

62924/455 

62836/370 

62144/550 

Net  Thrust 

(LBF) /Gross  Thrust  ( LBF) 

ALT/MN 

STD  DAY 

HOT  DAY 

COLD  DAY 

0/0 

608/608 

509/509 

763/763 

0/  .  78 

458/931 

34b/ 78  5 

605/1119 

5K/  .9 

416/921 

316/785 

537/1080 

Compressor  Discharge  Temperature 

(R) /Pressure  (PSIA; 

ALT/MN 

STD  DAY 

HOT  DAY 

COLD  DAY 

0/0 

1253/203 

1277/174 

1094/253 

0/  .  78 

1290/245 

1315/204 

1090/293 

5K/  .  9 

1290/230 

1315/192 

1234/277 

Compri 

essor  Bleed 

Temperature  ,R 

)  /Pressure  (PSIA) 

ALT/MN 

STD  DAY 

HOT  DAY 

COLD  DAY 

0/0 

772/48 

797/42 

654/57 

0/  .  78 

810/60 

837/53 

667/69 

5K/.9 

810/57 

838/49 

762/66 

Worst  Case  Altitude/Mach 

Effects 

N  2  =  4-0 

.2% 

Wf  =  ♦ 3  4  % 

FG  =  +841 

T3  =  +5% 

P3 

*441 

TBLD  =  -91 

PBLD  = 

*441 

These  differences  do  not  represent  large 
changes  in  parameters;  however,  the 
following  summary  of  problems  encountered 
with  the  qualified  engine  design  through 
warranty  testing  indicates  that  the 
Acceptance  Test  Procedure  (ATP)  did  not 
always  provide  a  measure  of  durability  and 
that  the  stresses  imposed  by  the  flight 
environment  provide  the  information  critical 
to  maintaining  propulsion  system  reliability 
at  goal  levels. 

F107-WR-400/-101  Warranty  Program 

Red  O-Ring  deficiency :  During  1987  warranty 
testing  of  two  EVIP  engines,  fuel  control 
scheduling  and  feedback  anomalies  were 
experienced  which  resulted  in  instability 
and  eventually  termination  of  the  mission 
tests.  Both  of  these  anomalies  were  traced 
to  the  fuel  control  unit  (FCU)  and  fuel 
contamination  of  electrical  components 
inside  the  control.  One  was  the  Globe 
motor,  which  translates  electronic  metering 
valve  position  request  to  mechanical 
position;  the  other  was  the  feedback 
potentiometer,  which  transmits  actuator 
position  to  the  control  for  comparison.  The 
fuel  contamination  was  due  to  leaking 
flourocarbon  (red)  0-ring  seals  at  the  fuel 
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and  electronic  seal  locations  of  the  FCU 
body.  In  1984,  the  CMP  had  approved  an  ECP 
to  replace  the  red  O-rings  with 
f louros i 1 icon  (blue)  ones  due  to  a  reported 
64  occurrences  of  fuel  leakage  on  ALCM 
engines,  25  attributable  to  O-ring  seals  at 
various  locations  in  the  FCU  and  fuel 
system.  The  f louros i 1 icon  provides  greater 
resistance  to  compression  set  and  lower 
susceptibility  to  deterioration  from  contact 
with  the  T-H  Dimer  propellant.  Since  these 
changes  were  incorporated  as  engines 
returned  to  depot  after  deployment,  the  EVIP 
engines  tested  at  NAPC  had  not  been 
recertified  and  provided  solid  proof  of  the 
problems  which  would  have  been  encountered 
had  the  ECP  not  been  incorporated  in  the 
engine  design. 

Hot  Gas  Start  Tubes :  During  the  cartridge 
start  attempt  of  four  different  EVIP  engines 
at  flight  conditions  of  1500  ft,  0.5  Mach, 
flames  were  observed  at  the  engine  service 
island  near  the  HGST  mounting  flange.  The 
fuel  source  was  determined  to  be  combustible 
products  introduced  during  the  manufacture 
of  the  HGST  insulation.  No  cartridge  gas 
leaks  were  found  in  the  tubes,  and  starts 
were  completed  successfully  and  within 
specification  limits.  The  combustibles  were 
determined  to  be  a  kerosene  based  lubricant 
used  during  the  insulation  quilting  process 
by  the  manufacturer,  Johns  Manville.  The 
problem  occurred  on  four  of  76  EVIP  tests 
during  warranty  testing  and  led  to  process 
changes,  i.e.,  eliminating  the  combustible 
lubricant  and  baking  of  new  tubes  to 
eliminate  residual  combustibles.  A 
retro-fit  was  not  introduced,  because  the 
problem  had  not  been  seen  on  a  limited 
sample  of  OTL  recoveries.  The  problem  has 
since  resurfaced  in  greater  frequency  in 
older  engines  which  have  the  kerosene 
lubrication. 


F107  Starter  Cartridge /Hot  Gas  Start  Assy 
Figure  11 


Fuel  Shut  Of f  Valve :  The  history  of  RJ-4 
T-H  Dimer  fuel  and  its  propensity  to  form 
"gum"  or  "varnish"  on  fuel  system  components 
is  well  documented.  RJ-4  is  extremely 
susceptible  to  gum  formation  through 
hydroperoxidation  when  its  anti-oxidant 
additive  is  depleted.  The  fuel  reacts  with 
the  environment  under  conditions  of  light, 
humidity  and  heat,  forming  a  product 
associated  with  oxidation/hydrolysis  of  T-H 
Dimer,  a  sticky  brown  resinous  material  that 
has  been  referred  to  as  "varnish".  8 
To  prevent  degradation  of  the  fuel,  it  must 
be  stored  in  relatively  full,  closed, 
darkened  containers.  RJ-4  will  produce 
large  quantities  of  hydroperoxides  and 
eventually  will  auto-oxidize  (and  hydrolyze) 
to  form  viscid  gums.  The  combination  of 
oxygen  and  water  result  in  decomposition  of 
the  fuel  because  the  oxygen  forms  peroxides 
in  the  presence  of  the  fuel  and  the  fuel 
decomposes  into  gum  by  hydrolysis.  These 
degradation  products  can  cause  metal  to 
corrode.  Buna  N  rubber  to  liquefy  and  moving 
parts  to  bind  and  seize.  Varnish  forms  from 
the  evaporation  of  the  volatile  constituents 
in  degraded  T-H  Dimer,  especially  when 
affected  surfaces  are  only  wetted  with  the 
oxidized  fuel.  In  the  presence  of  humid 
air,  vapors  of  degraded  T-H  Dimer  produce 
varnish  on  adjacent  and  nearby  surfaces  that 
have  not  been  wetted  with  fuel.  The  viscid 
gum  coating  internal  parts  can  cause 
hysteresis,  binding  and  non-operation  of 
close  tolerance  moving  parts.  For  Buna  N 
0-Rings  and  seals,  attack  of  the  rubber 
results  in  drastic  loss  of  the  hardness, 
severe  swelling,  and  a  great  weight 
increase.  Continuous  contact  causes 
depolymerization  ( 1 iqui f ication )  .  9  Two 

EVIP  engines  failed  to  start  following  cold 
soak  in  September  and  August  1987.  Gum 
formation  at  the  fuel  shutoff  valve 
(FSOV)  of  both  engines  was  in  the  form  of 
peroxides,  a  by-product  of  fuel  which  has 
reacted  to  light,  air  and  heat,  and 
plasticizers  introduced  into  the  fuel  when 
in  contact  with  rubber  components.  Both 
engines  failed  to  start  under  simulated 
missile  launch  conditions  below  40F  with  the 
problems  isolated  to  the  FSOV.  The  internal 
plunger  and  guide  sleeve  were  coated  with 
the  sticky  substance.  The  valve,  designed 
to  open  at  a  cracking  pressure  of  70  -  100 
psi,  would  stick  under  pressures  as  high  as 
600-700  psi  (FCU  discharge  limit)  because 
the  clearance  between  the  guide  sleeve  and 
the  plunger  (0.002")  provided  sufficient 
surface  area  for  shear  forces  to  develop 
when  exposed  to  the  extremely  viscous 
material  under  cold  conditions. 

History  of  Talos,  TOMAHAWK  and  testing 
performed  by  the  Naval  Weapons  Station, 
Seal  Beach  indicated  that  the  fuel  can  be 
stored  for  long  periods  in  bladders  or  tanks 
by  precluding  exposure  to  humid  air; 
however,  additional  failures  were  reported 
in  the  missile  fuel  system  at  the  depots, 
including  the  fuel  shut  off  valve  and  the 
guidance  set  cooling  pump.  The  contamination 
was  initially  observed  as  part  of  a  detailed 
investigation  of  EVIP  test  failures. 
Further  investigation  of  the  ALCM  fuel 
system  (JP-10/PF-1)  verified  no 
contamination  and  provided  the  first  step  in 
the  change  to  JP-10  as  TOMAHAWK  missile 
fuel.  The  gumming  problem  was  eventually 
traced  to  a  batch  of  Ashland  Oil  Company 
manufactured  fuel  from  the  1984  time  frame. 


Ashland  began  delivery  of  RJ-4  fuel  to  W1  in 
February  1983  on  approximately  quarterly 
deliveries  until  December  1985.  It  appeared 
that  there  was  not  enough  anti-oxidant  in 
some  batches  of  fuel.  With  the  bad  lots  of 
fuel  identified,  short  and  long  term  fixes 
to  the  problem  were  defined  as  follows: 

Short  Term :  Depot  engine  FSOV's  were 
recalled.  Engine  FSOV 
recertification  at  the 
vendor  was  implemented 
which  included  change  out 
of  O-rings,  improved 
surface  finish  on  valve 
face  and  removal  of 
existing  varnish. 

Long  Term:  Engine  final  acceptance 

was  to  be  performed  on 
JP-10  fuel  to  be 
implemented  via  ECP. 


F107  Fuel  Shut  Off  Valve 
Figure  12 

FI 12 -WR- loo  warranty  Program 

The  Air  Force  F112-WR-100  Warranty  test 
program  which  began  with  production  in  1987, 
was  a  natural  extension  of  the  F107  warranty 
program  although  the  engine  designs  differ 
substantially.  Once  again,  PAST  is  being 
performed  at  NAPC  as  will  EV1P  beginning  in 
1992.  The  following  is  a  current  program 
summary : 

PAST  Tests  performed  =  36 
31  Successful 
3  Unsuccessful 
2  No  Tests 

EVIP  Tests  =  Scheduled  to  begin  in  1992 

As  with  the  F107  Warranty  program,  there 
have  been  unsuccessful  tests,  which  again 
point  to  the  crucial  nature  of  altitude/Mach 
number  simulation. 

Second  Turbine  Nozz le  Braze  Fa i lure :  At 
approximately  30  minutes  into  a  PAST  run  in 
April  1991,  a  slight  step  change  increase  in 
EGT  of  approximately  10F  was  observed. 
During  the  remainder  of  the  run,  III  speed 
decayed  from  35,000  rpm  to  33,500  rpm  (at 
constant  N2  of  64,100  rpm),  and  thrust 
decayed  to  less  than  the  minimum 
specification  requirement  of  95  percent  at 
maximum  PLV.  Analysis  of  the  data  clearly 
indicated  that  the  N2  (HP  spool)  was 
performing  adequately.  The  N1  (LP  spool) 
however,  did  not  respond  correctly,  and 
since  it  is  aerodynamica 1 ly  coupled  to  the 
HP  rotor,  an  LP  turbine  efficiency  change 
was  the  prime  suspect.  Engine  disassembly 


inspection  revealed  a  hole  in  the  second 
turbine  nozzle  assembly.  This  diaphragm  is 
an  annular  channel  section  made  from  0.008 
inch  Hastelloy  X  and  is  a  non-structura 1 
part  whose  purpose  is  to  prevent  leakage  of 
engine  core  flow  gas  into  the  bypass  duct. 
Although  non-structura 1  ,  this  part  is 
subjected  to  flexing  which  results  from  the 
differential  thermal  expansion  between  the 
second  turbine  nozzle  (core  flow)  and  its 
aft  mounting  flange  (bypass  flow).  The 
rupture  of  this  diaphragm  permitted  the 
discharge  from  the  second  turbine  nozzle  to 
escape  into  the  bypass  duct.  This  leakage 
was  the  cause  of  the  drop  in  LP  spool  speed 
and  the  resultant  performance  degradation. 
WI  materials  and  processes  group  isolated 
the  cause  of  the  second  nozzle  diaphragm 
failure  to  extensive  braze  attack  at  the 
inner  braze  joint.  The  dye  penetrant 
inspection  of  the  second  nozzle  inner 
diaphragm  braze  joint  was  inadvertently 
omitted  from  a  planning  revision  in  late 
1990.  A  total  of  72  nozzles  had  not 
received  the  inspection  and  were 
subsequently  recalled  for  investigation. 
Failure  duplication  testing  revealed  very 
conclusively  that  use  of  a  low  temperature 
braze  alloy  (in  this  case  AMI  780)  fully 
duplicated  the  100  percent  braze  attack  seen 
in  the  engine  nozzle  and  the  suspect  lot. 
Also,  use  of  the  low  temperature  alloy 
caused  100  percent  braze  attack  when  used 
for  re-braze  of  properly  brazed  joints.  The 
primary  cause  of  the  second  nozzle  failure 
was  the  use  of  the  wrong  braze  alloy  during 
re-braze.  A  secondary  cause  of  failure  was 
omission  of  the  dye  penetrant  inspection 
which  had  been  performed  earlier  in  1990  and 
would  have  rejected  the  discrepant  hardware. 
10  Corrective  actions  were  implemented  in 
both  the  braze  application  area  and  the 
planning  for  production. 


Flight  Program  Testing 

Enaine/Missi le  Inlet  Compatibility  Tests: 
In  support  of  the  TOMAHAWK  flight  test 
program,  NAPC  has  been  involved  in  the 
extensive  evaluation  of  missile  inlet  and 
engine  compatibility. 

Most  recently,  compatibility  tests  were 
performed  in  the  Freestream  flight 
environment  at  NAPC  in  early  1991.  As 
background,  during  the  1983  Operational 
Test  Launch  ( OTL)  of  a  GD/C  TOMAHAWK,  the 
F107-WR-400  engine  experienced  excessive  and 
violent  surge.  Flight  telemetry  indicated 
that,  under  the  cold  inlet  conditions  flown, 
the  engine  inlet  corrected  airflow  exceeded 
the  missile  inlet  flow  limit,  choking  the 
inlet  and  resulting  in  surge.  Under  such 
conditions,  the  engine  surges  with 
increasing  frequency  as  the  throttle  is 
advanced  in  attempts  to  maintain  flight  Mach 
number.  An  adaptive  throttle  management 
(ATM)  algorithm  was  developed  by  GD/C  to 
limit  the  throttle  of  the  engine  during  low 
altitude,  high  Mach,  Cold  Day  flight 
conditions.  The  ATM  prevents  the  engine 
from  obtaining  high  speeds  which  relate  to 
high  inlet  airflows  resulting  in  the  onset 
of  repeated,  destructive  surge.  From  these 
tests  the  ATM  was  designed  to  limit  inlet 
corrected  airflow  to  14.1  lbm/sec  for  the 
F107-WR-400  and  13.9  lbm/sec  for  the 
F107-WR-402  engine,  somewhat  limiting 
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DATE  LOCATION  TEST 

1985  Elaendorf  AFB  A-6E  Captive  Carry 

Confirm  inlet  choking  results  in  engine 
surge  seen  during  1983  test  flight. 

1985  NAPC,  Trenton  Inlet  compatibility 

Provide  information  on  engine  durability 
after  sustained  surging. 

1985  AEDC,  Tullahoma  Freestream 
Determine  engine  surge  characteristics  based 
on  altitude ,  Mach,  temperature ,  angle  of 
sideslip  and  attack,  and  inlet  variations . 

1987  NAPC,  Trenton  Inlet  Compatibility 
Determine  effects  of  stub  duct  misalignment 
on  engine  surge  characteristics. 

1988  NAFC,  Trenton  Inlet  compatibility 

Compare  surge  characteristics  of  the  -400 
engine  to  the  -402  engine  and  conduct 
additional  stub  duct  misalignment  tests. 

1989  AEDC,  Tullahoma  Freestream 
Determine  the  effects  of  engine,  inlet,  stub 
duct  and  angle  of  sideslip  on  engine  surge 
characteristics . 

1989  Elmendorf  AFB  A-6E  Captive  Cany 

Demonstrate  the  effectiveness  of  the  ATM 
algorithm  for  the  -402  engine  and  obtain 
surge  data  for  both  the  -400  and  -402 
engines  at  conditions  unattainable  in  the 
test  cell . 

1991  NAPC,  Trenton  Freestream 

Evaluate  the  characteristics  of  a  new 
production  inlet  with  -400  and  -402  engines. 

tomahawk  Freestream  Test  History 
Figure  13 


takeoff  and  terrain  following  performance 
under  cold  in’et  conditions.  These  ATM 
limits  were  analytically  determined  and 
empirically  verified  sufficient  to  prevent 
the  engine  from  reaching  a  surge  frequency 
of  0.3  hertz  (one  surge  event  every  3 
seconds).  Through  mission  risk  analysis, 
this  had  been  determined  to  be  the  threshold 
surge  limit  for  mission  success. 


In  support  of  the  ongoing  efforts  to  improve 
TOMAHAWK  performance  and  mission  capability, 
the  freestream  test  was  performed  at  NAPC  in 
January  1991  to  evaluate  the  surge 
characteristics  of  the  F107  engine  design 
with  various  missile  inlets.  The  goal  was 
to  reduce  surge  variability  by  reducing 
hardware  variability.  WI  F107-WR-400  and 
-402  engines  were  tested  in  a  full  scale 
model  of  the  BGM-109  TOMAHAWK  Cruise  Missile 
in  the  altitude  test  chamber,  as  shown 
below . 

The  installation  was  designed  to  allow 
testing  at  angles  of  side  slip  of  0  and  +2 
degrees  (nose  left  aft  looking  forward)  and 
was  at  a  fixed  angle  of  attack  of  0  degrees. 
Facility  conditioned  air  was  supplied  to  a 
44  inch  diameter  duct  which  contained  the 
missile  model.  A  bypass  was  installed  at 
the  top  of  the  duct  exit  to  remove  the 
boundary  layer  which  formed  above  the 
missile  body  section  centerline.  The 
TOMAHAWK  aft  body  section,  which  houses  the 
missile  inlet  and  stub  duct  (which  bleeds 
inlet  air  for  generator  cooling  and  inlet 
temperature  measurement)  was  suspended  from 
a  TF34-GE-400  engine  test  stand.  The  F107 
engine  was  installed  inside  the  TOMAHAWK 
tailcone  section  and  mounted  to  the  rear  of 
the  aft  body,  with  a  stub  duct  seal  mating 
to  the  engine  face.  High  response  on-line 
acquisition  of  critical  parameters, 
including  engine  rotor  speeds,  power  lever 
and  CDP  were  recorded.  The  sampling  rate  on 
CDP,  which  represented  the  main  indicator  of 
surge,  was  3000  sa mp 1 e s / s econd .  In 
addition,  exhaust  viewing  systems  permitted 
visual  confirmation  of  surge  (ie,  fire  balls 
at  the  tail  pipe  due  to  the  accumulation  of 
fuel  in  the  combustor  during  flow  reversal) 
provided  graphic  documentation.  Engine 
airflow  was  calculated  from  an 
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NAPC  tomahawk  Freestream  Installation 
Figure  14 
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area  weighted  pitot-static  pressure 
measuring  station,  located  at  the  engine 
inlet  plane,  during  calibrations  in  a  direct 
connect  installation,  prior  to  the 
Freestream  Test,  as  shown  below. 


Figure  15 


Inputting  a  correlation  of  measured  N1  to 
airflow  into  the  data  reduction  program 
allowed  prediction  of  airflow  in  the 
freestream  installation,  based  on  acquired 
Nl.  Flow  field  fidelity  tests  were 
conducted  with  the  supply  duct  and  missile 
body  heavily  instrumented  with  total  and 
static  pressures,  boundary  layer  pressures, 
cone  probe  static  pressure  (for  side  slip 
angle  measurement)  and  temperatures.  The 
test  provided  good  correlation  with  tests 
previously  performed  with  the  same  hardware. 
The  F107-WR— 400  and  -402  engines  had  similar 
surge  characteristics,  indicating  that  the 
initial  ATM  limit  for  the  -402  had  been 
conservative  and  should  be  increased  by  1.5 
percent,  which  will  enhance  missile 
performance.  Future  testing  will  investigate 


the  variability  (if  any)  of  inlet  profiles 
and  their  effects  on  engine  surge 
characteristics  in  production  lots  of 
machined  inlets. 


Current  Efforts 

Quality  Evaluation  Program:  Established  in 
1988,  the  TOMAHAWK  Quality  Evaluation 
Program  (QEP)  was  put  in  place  to  address 
the  aging  fleet  of  missiles.  With  the 
existing  maintenance  interval  of  36  months, 
funding  is  inadequate  to  recertify  all  the 
missiles  through  the  depot.  The  QEP  focused 
on  extending  the  maintenance  interval 
through  inspection , test  and  evaluation  of 
aged  missile  components.  NAPC  was  tasked 
with  the  QEP  of  the  engine  and  airframe 
generator-regulator.  Funding  constraints 
precluded  sufficient  testing  to  attain  the 
required  confidence  levels  for  the  engine 
reliability  goals.  Assuming  a  level  of 
risk,  the  program  was  divided  into  two  test 
scenarios,  disassembly  inspection  and 
functional  test.  Using  the  F107  warranty 
test  program  as  a  data  base,  engines  tested 
after  extended  fleet  storage  periods  are 
factored  into  an  overall  system  reliability 
model,  to  predict  long  term  effects  on 
parameters  such  as  performance  and  oil 
consumption.  Data  received  from  disassembly 
inspection  are  used  to  predict  aging  trends 
on  hardware  and  potential  failure  modes 
during  functional  test.  Combining  these 
data  bases  produces  a  model  of  the  engine 
which  provides  a  reasonable  level  of 
confidence  for  life  extension.  As  the 
engine  and  generator  undergo  this  program  at 
NAPC,  the  other  energetic  components  of  the 
missile  such  as  pyrotechnic  devices,  the 
warhead  and  batteries  also  undergo  QEP. 
Reliability  estimates  from  all  activities 
are  then  combined  at  the  AUR  level  to 
determine  optimum  missile  shelf  life. 

Specification  Performance  Verification  Test: 
As  with  the  F107-WR-400,  the  F107-WR-402 
engine  production  quality  must  be  assessed 
in  the  test  cell  and  through  flight  test.  A 
program  established  in  1989  for  verification 
of  initial  production  and  documentation  of 


Figure  16 
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actual  production  lapse  characteristics  is 
the  Specification  Performance  Verification 
Test  Program  (SPVT) .  Sixty  of  the  first  190 
F107-WR— 402  engines  produced  (30  percent) 
were  evaluated  via  altitude/Mach  testing  to 
verify  performance  lapse  and  system 
durability.  In  this  unique  program  the 
altitude  testing  became  part  of  the  engine 
acceptance,  providing  excellent  correlation 
of  SLS  to  altitude/Mach  rating  performance 
while  precluding  expensive  engine 
refurbishment  prior  to  installation  in  the 
missile.  This  represents  the  first  time 
that  a  large  production  engine  data  base  has 
been  used  to  document  the  "status"  or 
nominal  performance  of  the  production 
engine,  which  in  some  cases  varied  greatly 
from  the  analytical  model.  In  addition, 
deficiencies  in  the  acceptance  test 
procedures  surfaced  which  led  to 
modifications  to  procedures  and  limits. 


conclusion 

The  high  reliability  of  the  TOMAHAWK 
Propulsion  system  demonstrated  in  the  Desert 
Storm  conflict  can  be  traced  directly  to  the 
research,  development  ,  test  and  evaluation 
efforts  performed  by  the  Cruise  Missile 
Engine  community.  Throughout  development, 
qualification,  substantiation  and  warranty 
demonstration  test  programs,  the  Naval  Air 
Propulsion  Center  has  amassed  a  vast  data 
base  for  F107  engine  family  which  has  been 
crucial  in  confirming  and  constantly 
improving  the  engine  design  and  performance. 
As  the  defense  environment  shifts  from  one 
of  deterrence  to  one  of  economy  and 
frugality,  the  emphasis  dictated  to  those 
who  develop  and  execute  the  methods  to 
maintain  system  reliability  are  redirected 
to  life  extension  and  maintenance 
optimization  concepts.  NAWC  AD  TRN 
(formerly  NAPC)  continues  to  lead  the 
propulsion  community  in  these  efforts  for 
TOMAHAWK,  HARPOON  and  all  other 
lethal /non- lethal  UAV  propulsion  systems. 
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Discussion 


Question  from  M.  RAVTER.  MATRA 

You  have  presented  in  the  future  trends  at  system  level  one  action  about 
signature  reduction.  I  guess  it  is  in  infrared.  Do  you  foresee  other  domain  of  signature 
reduction  ? 


Author's  reply 

Efforts  in  this  area  are  strongly  preliminary.  Certainly  the  "State  of  the  art"  in 
reduction  of  signatures  will  be  considered  in  future  upgrades  of  the  missile,  for  example  inlet 
design  and  control  intakes. 


Question  from  Ph.  CA7.IN.  ONERA 

To  increase  the  missile's  penetration,  what  will  you  try  for  the  future  ? 

Increase  the  speed  or  reduce  the  optical  signature  ? 

Author's  reply 

TOMAHAWK  will  remain  a  subsonic  system.  Improvements  in  signature,  if 
they  occur,  will  probably  be  optical. 


Question  from  Mai.  CLARK.  Ottawa 

Is  it  true  that  8  hours  of  acceptance  run  represents  32  %  of  the  life  time  of  25 
hours  of  the  engine  ? 


Author's  reply 

It  is  true.  The  engine  acceptance  procedure  allows  up  to  8  hours  of  operation 
prior  to  acceptance.  Additional  cycles  will  increase  this  number.  However,  although  the  design 
life  is  25  hours,  the  majority  of  the  engine  hardware  has  a  maximum  run  limit  of  approxomately 
100  hours.  Although  no  complete  engine  will  work  more  than  25  hours,  the  hardware  will  be 
redistributed  until  the  component  life  has  been  exhausted. 
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Question  from  J.P.  PAUL.  Microturbo.  France 

In  the  light  of  the  recent  desert  storm  operation  what  are  the  items  you  consider 
have  to  be  improved  in  the  field  of  maintenance  of  the  engine  of  the  TOMAHAWK  ? 


Author's  reply 

As  demonstrated  in  operation  desert  storm,  the  maintenance  aspects  of  the 
TOMAHAWK  engine  are  very  good.  The  upgraded  engine  has  incorporated  what  one  believes 
to  be  the  items  needed  to  extend  maintenance  interval  from  approximatively  5  hours  to  10 
hours. 


Question  from  M.  RODGERS 

All  engines  passed  ATP  but  30  %  failed  mission  rating  performance.  What  was 
the  reasons  of  these  failures  ? 


Author's  reply 

30  %  failed  specification  altitude  performance  requirements.  The  TOMAHAWK 
inlet  is  limited  at  certain  flight  conditions.  The  altitude  thrust  problem  were  corrected  by 
softening  the  acceptance  thrust  trim  band  up  1 ,5  %. 
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A  COMPRESSOR  AXIAL  QUADR I - ETAGE  ET  TURBINE  AXIALE 
POUR  LA  PROPULSION  DE  MISSILES  SUBSONIQUES 
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MICROTURBO 


RESUME 

Dans  la  lign£e  de  ses  turbor^acteurs  pour  propulsion  de  missiles  et  engins  cibles,  application  dans 
laquelle  elle  connait  un  grand  succes,  la  Societe  MICROTURBO  developpe  un  turboreacteur  simple  et 
performant  A  compresseur  axial  quadri-etage  et  turbine  axiale  destine  a  la  motorisation  de  1 'APACHE. 

Ce  nouveau  turboreacteur  simple  flux  simple  corps,  de  la  classe  des  550  daN  de  poussfee  A  un  Mach  de 
vol  de  0.8  au  niveau  sol.  affiche  une  consommation  sp6cifique  voisine  de  1  kg/daN.h  dans  la  zone  des  300 
A  400  daN.  et  de  1.10  pour  550  daN  au  point  fixe,  dans  un  diametre  de  343  imi  impose  par  1 'integration. 

La  presentation  porte  sur  les  travaux  thermodynamiques  et  la  conception  mecanique. 

Les  quatre  compresseurs  axiaux  ont  ete  definis  a  partir  de  1 'experience  acquise  par  MICROTURBO  sur 
les  compresseurs  tri  et  quadri -etages  de  la  famille  TRI  60  et  grSce  &  1 'uti 1 i sation  intensive  du  code  3D- 
EULER  de  l'ONERA.  Chacun  des  etages  a  6t6  fabriqu6,  puis  essaye  au  banc  RACE  du  CEPr  dans  un  temps 
relativement  court.  II  en  fut  de  meme  pour  le  compresseur  complet.  Les  performances  ont  ete  atteintes 
voire  depassees. 

La  turbine  predimensionnee  A  l'aide  d'une  methode  traditionnelle  a  aussi  ete  optimisee  A  1 'aide  du 
code  3D  EULER. 

Les  exigences  donnees  A  la  conception  mecarique  sont  duree  de  vie  limitee,  maintenance  minimum, 
respect  des  performances  et  coOt  de  production  peu  61eve.  Tres  tot  dans  le  programne,  la  "fabricabi 1 ite" 
au  moindre  coOt  a  ete  prise  en  compte.  Les  discussions  de  procedes  entre  bureau  d'etudes  et  methodes. 
s'appuyant  sur  les  informations  commun i quees  par  les  fournisseurs.  ont  determine  les  differentes 
solutions  de  production.  Le  classement  s’est  alors  fait  en  tenant  compte  du  cout  de  production,  des 
risques  et  de  1 'integration  dans  le  moteur  et  t'engin.  f!  en  resulte  1  'utilisation  large  de  la  fonderie 
pour  rotor,  redresseurs  et  carters. 

Les  systemes  ont  aussi  ete  reduits  au  minimum  possible  par  le  demarrage  en  autorotation, 
1  ’entralnement  quasi  direct  de  la  pompe  et  de  1'alternateur  et  la  suppression  d’une  1 ubri f ication  par 
huile. 

OVERVIEW 


The  design  and  development  of  turbojet  engines  for  missile  and  target  drone  propulsion  is  a  field  in 
which  MICROTURBO  enjoy  considerable  success,  and  one  of  these  engines  has  been  selected  and  is  in  current 
development  for  the  APACHE  standoff  missile.  This  new  single-flow,  single-spool  turbojet  produces  550  daN 
at  Mach  0.8  ;  giving  an  SFC  figure  of  1.10  kg/daN/h  at  550  daN  and  SL  Static  which  drops  to  the  region  of 
1  kg/daN/h  at  300-400  daN,  all  this  within  a  343  mm  diameter. 

This  preview  outlines  the  tasks  carried  out  to  obtain  the  optimum  thermodynamic  definition  and 
mechanical  oesign  of  the  engine. 

Extensive  experience  in  the  design  of  three  and  four  stage  compressors  of  this  type  has  been  gained 
by  MICR0TURB0  on  their  TRI  60  engine  family.  This  experience  was  used  as  a  basis  for  the  conceptual 
design  of  the  subject  compressor  with  concurrent  intensive  used  of  the  3D  EULER  code  developed  by  0NERA, 
France.  The  turbine,  pre-dimensioned  using  conventional  design  methods,  was  also  optimized  by  means  of 
the  EULER  code.  In  a  relatively  short  time,  each  compressor  stage  was  manufactured  then  tested  separately 
in  the  RACE  test  cell  at  the  CEPr  facilities  in  France,  this  being  closely  followed  by  complete 
compressor  testing,  during  which  performance  expectations  were  met  and  even  exceeded. 

Major  mechanical  design  requisites  for  this  life-limited  engine  were  minimum  maintenance,  guaranteed 
performance  and  low-cost  production.  A  feasibility  study  on  production  cost  effectivity,  involving  close 
liaison  between  the  design  office  and  methods  department,  was  initiated  in  the  early  stages  of  the 
program.  Using  data  provided  by  external  suppliers,  various  solutions  were  investigated,  the  final 
selection  taking  into  account  production  cost  and  risk  factors  relative  to  engine  and/or  missile 
integration.  The  result  of  this  investigation  is  the  wide  use  of  castings  for  rotors,  stators  and 
casings. 

Maximum  simplicity  has  been  achieved  for  engine  systems  by  designing  in  features  such  as  windmill 
start  capability,  a  virtually  direct  drive  transmission  to  the  fuel  pump  and  the  alternator  and  finally, 
the  elimination  of  the  oil  lube  system. 
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NOTATIONS 


Consomnation  specifique  (kg/daN.h) 


Poussfee  (daN) 


Variation  d'enthalpie  (J/kg) 
Marge  au  pompage  (%) 


Nombre  de  Mach  debitant  moyen  (-) 


Nombre  de  Mach  relatif  en  tete  (-) 


Rapport  de  pression  /  taux  de  detente  (-) 


Debit  d'air  ou  de  gaz  (kg/s) 

Debit  reduit  (Q  /t  /P  ou  Q  \  “ ) 

Section  debitante  ou  annulaire  (raz) 
Temperature  totale  (K) 

Vitesse  penpherique  (m/s) 
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entree  du  ler  etage 
sortie  du  ler  etage 
sortie  du  4eme  6tage 
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1  -  INTRODUCTION 


Depuis  pres  de  20  ans,  MICROTURBO  a  acquis  une  trbs  grande  experience  dans  le  domaine  des 
turboreacteurs  consommables  b  poussee  specifique  elev£e,  pour  engins  cibles  et  missiles,  facilement 
adap'.ables  b  de  nombreuses  conditions  d’environnement  et  d’uti  1  i sation  (compati bi  1  i te  d’entree 
d'air,  carburants  turboreacteur  tous  types). 

Ces  turborbacteurs  sont  equipes  d'un  compresseur  axial,  b  trois  ou  a  quatre  stages,  d'une  chambre  de 
combustion  directe  et  d’une  turbine  axiale  d'un  diametre  maximum  de  330  nut. 

Pour  la  gamme  des  turboreacteurs  b  trois  etages  axiaux  (TRI  60-1  £  TRI60-5),  la  poussee  s'etage  de 
350  daN  b  440  daN,  la  consommation  specifique  de  1,20  b  1,30  kg/daN.h,  le  debit  d’air  de  5,8  kg/s  b 
6,70  kg/s,  le  rapport  de  pression  de  3,7  b  4,1  et  la  temperature  d'entree  turbine  de  930‘C  b  10'0'C 
au  point  fixe. 

Pour  le  turboreacteur  b  quatre  etages  axiaux  TRI  60-20  ces  grandeurs  deviennent  respect ivement 
500  daN  ;  1,16  kg/daN.h  ;  8,35  kg/s  ;  5,0  ;  935'C  au  point  fixe. 

Porte  de  cette  experience,  MICR0TURB0  a  entrepris  il  y  a  3  ans  le  ddvel oppement  d'un  turboreacteur 
performant  TRI  60-30,  4  compresseur  quadri-etage  axial  et  turbine  axiale,  suite  logique  du 
turboreacteur  ci-dessus  et  destine  b  la  propulsion  du  missile  APACHE  de  MATRA  dont  il  satisfait  les 
exigences.  Les  performances  visees  pour  ce  reacteur  sont  de  532  daN  de  poussee  ;  1,09  kg/daN.h  de 
consommation  specifique  ;  8,1  kg/s  de  debit  d'air  ;  5,74  de  rapport  de  pression  ;  975'C  de 
temperature  d'entrAe  turbine  au  point  fixe  et  dans  un  diametre  ldgerement  augmente  b  343  mu. 

La  presentation  porte  sur  les  travaux  aerothermodynamiques  et  la  conception  mbcanique  qui  ont 
conduit  b  la  fabrication  et  les  travaux  de  developpement  et  de  mise  au  point  des  premiers 
exemplaires  du  TRI  60-30. 


2  -  ETUDE.  FABRICATION  ET  ESSAIS  DU  COMPRESSEUR  DU  TRI  60-30 


2.1.  EXPERIENCE  ANTERIEURE 


Dans  le  pass6,  la  societe  MICR0TURB0  a  realise,  grSce  b  un  contrat  DRME,  1 ’etude  et  la  mise  au  point 
d'un  compresseur  axial  transsonique  de  petites  dimensions  b  trois  etages  pour  r6acteurs 
consotmtables.  La  roue  et  le  redresseur  d'un  etage  etaient  congus  b  1 'aide  d’un  calcul  d'equilibre 
radial  amont  et  aval,  puis  coupe  par  coupe  la  pale  etait  eiaboree  4  l'aide  d’un  squelette  circulaire 
et  d'un  habillage  issu  d’un  catalogue  (NACA  ou  NGTE).  La  recherche  d’une  augmentation  de  la  poussee 
specifique  (dans  le  meme  diametre)  a  conduit  4  la  mise  en  place  d’un  quatrieme  etage  en  amont  des 
trois  autres.  Cette  operation  nous  obligea  b  utiliser  une  methode  de  calculs  plus  performante  en  vue 
de  1 'elaboration  des  profils  de  la  roue  et  du  redresseur.  f  si  fut  definie  la  roue  du  ler  etage  dds 
1986  avec  le  code  de  calculs  des  ecoulements  3D  EULER  CADl'  de  1 ’0NERA.  Les  performances  atteintes 
furent  tres  i nteressantes  puisqu’4  la  vitesse  peripherique  de  la  roue  de  405  m/s  les  valeurs 
suivantes  ont  ete  mesurees  : 

-  debit  specifique  Qj/Sxj  =  197  kg/s  m2 

-  rapport  de  pression  de  1 ’etage  P3/^l  '  1.62 

rjis  j_3  =  82  % 


-  rendement  isentropique  de  1 'etage 
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06s  1988  MICR0TUR80  adhere  au  Club  du  Calculateur  AAronautique  en  vue  de  1 'uti 1 i sation  Intensive  de 
ce  code  sur  ordinateur  CRAY  localise  4  Chatillon  pour  developper  ses  compresseurs  et  turbines, 
essentiellement  axiaux. 


2.f  .  ETUDE  DU  CQMPRESSEL'R  AXIAL  OUADRI-ETAGE  DU  TRI  60-30 


A  la  lumiAre  de  cette  premiere  experience,  la  societe  decide  d’etudier  les  quatre  etages  axiaux  de 
ce  compresseur  en  se  servant  du  code  30  EULER  CADET.  La  coupe  du  reacteur  apparait  sur  la  figure 
No.  1. 


2.2.1.  POINT  DE  CALCUL  DES  OUATRES  ETAGES 


Les  calculs  de  cycle  ainsi  que  la  prise  en  compte  de  1 ’experience  acquise  ont  conduit  au  point  de 
calcul  du  compresseur  complet  et  de  chaque  Atage.  Dans  le  tableau  No.  1  figurent  leurs  grandeurs 
caractAristiques. 


ler  Atage  3Ame  Atage 

2Ame  Atage  4Ame  Atage 


ler  Atage  3eme  etage 

2Ame  Atage  4Ame  etage 


AH 

AH  (total ) 


AH  ( total ) 


Ll 


ler  Atage  3Ame  Atage 

2Ame  Atage  4Amc  Atage 


r?is  =  81,9  X 


r] is  =  82  X  )  (171s  »  82,6  X 


rjis  «  84  X 


1  I 


1111 

ler  Atage  3Ame  Atage 

2Ame  Atage  4Ame  Atage 


Tableau  No.  1 


Point  de  calcul  de  chaque  Atage  au  point  fixe,  4  la  vitesse  nominale  pAriphArique 
moyenne  de  410  m/s  (  N  =  28500  tr/mn)  et  pour  un  dAbit  d’air  de  8.20  kg/s. 


L'association  de  ces  quatre  etages  permet  de  prevoir  un  rapport  de  pression  de  5,67  avec  un 
renderaent  isentropique  de  79,2  %. 
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La  repartition  des  charges  par  etage  correspond  &  notre  experience  ;  un  premier  etage  relativement 
peu  charge  compte  tenu  du  nombre  de  Mach  relatif  eieve  et  en  prevision  d'eventuels  probl ernes  de 
proximite  de  decollement  tournant  ou  de  pompage  au  cours  du  demarrage,  une  progression  jusqu’au 
troisieme  qui  assure  les  28  %  de  1 'augmentation  d'enthalpie  de  1 ’ensemble  et  un  dernier  etage  moins 
charge  en  raison  de  1'importante  diffusion  e  realiser  dans  le  dernier  redresseur  avant  1 ’entree  dans 
la  chambre  de  combustion. 


2.2.2.  OPTIMISATION  DE  LA  GEOMETRIE  DES  PROFILS  DE  LA  ROUE  ET  DU  REDRESSEUR  DE  CHAOUE  ETAGE 


La  definition  de  chacun  des  4  etages  de  ce  compresseur  e  l’aide  du  code  de  calcul  3D-EULER  de 
1 'ONERA  a  constitue  une  premiere  pour  MICROTURBO.  L’optimisation  a  ete  faite  dans  1 ’ordre  suivant  : 
ler  etage  en  raison  du  nombre  de  Mach  relatif  eieve  dans  la  roue,  4eme  etage  en  raison  de 
1'importante  deviation  a  realiser  dans  le  redresseur,  3eme  etage  en  raison  de  sa  charge  importante 
et  finalement  2eme  etage.  L'optimisation  de  chacun  des  etages  a  ete  effectuee  de  la  maniere 
suivante  : 

-  premiere  definition  de  la  geometrie  de  la  roue  e  la  suite  d’un  calcul  d’equilibre  radial 
simpl  i  fie, 

-  realisation  du  maillage  de  la  geometrie  des  pales  de  la  roue, 

-  utilisation  intensive  du  code  3D  ELLER  CADET  conduisant  e  des  changements  successifs  du  profil  et 
du  nombre  de  pales  de  la  roue  &  l'aide  d’un  certain  nombre  de  criteres  dont  les  principaux  sont 
les  suivants  : 

optimisation  de  la  '  -  afin  d’aspirer  le  debit  d’air  voulu, 

optimisation  de  la  sortie  des  profils  et  du  nombre  de  pales  afin  de  realiser  le  rapport  de 
pression  desire  avec  le  meilleur  rendement  possible, 

optimisation  de  1 ’extrados  et  de  1’intrados  afin  d’eviter  les  survitesses  et  done  les  risques 
de  choc  trop  intenses  et  les  decol lements, 

eviter  les  deviations  trop  eievees  4  realiser  dans  le  redresseur. 

-  cette  optimisation  est  rdalisee  grace  &  1 'uti 1 i sation  conjointes  des  resultats  du  code  3D  EULER  et 
du  logiciel  de  CAO  3D  STRIM  100  T  utilise  par  MICROTURBO.  Ce  logiciel  permet  de  realiser 
facilement  l’adaptation  des  profils. 

La  definition  de  la  geometrie  des  aubes  des  redresseurs  a  ete  acquise  en  utilisant  la  methode  issue 
du  NACA.  Seul  pour  le  ler  etage  un  ealeui  3D  EULER  roue  et  redresseur  a  ete  effectue. 

La  veine  du  compresseur  axial  quadri-etage  du  TRI  60-30  apparalt  sur  la  figure  No.  2,  avec  le  nombre 
de  pales  et  d’aut  s,  leur  forme  et  les  dimensions. 

Pour  illustrer  ce  travail  de  definition  des  profils  des  pales  des  roues  apparaissent  : 

.  sur  la  figure  No.  3.  une  modification  effectuee  sur  le  profil  de  la  roue  du  4eme  etage  en  cours 
d’optimi sation, 

sur  la  figur~  No.  4,  sa  repercussion  sur  1 ’evolution,  sur  1 'extrados  et  l’intrados  des  pales  de  la 
roue  du  4eme  et’qe  du  rapport  P/Pi,  pression  statique  locale  sur  la  pression  generatrice  amont, 

.  sur  la  planche  No.  5,  1 'evolution  des  iso-Mach  pour  les  coupes  de  tete  de  la  version  definitive  de 
la  roue  de  4eme  etage. 
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2.2.3.  FABRICATION  DES  ROUES  ET  REPRESSERS,  ET  DES  MODULES  D'ESSAIS 

Afin  d’acquSrir  rapi dement  les  performances  de  chacun  des  etages  ainsi  que  celles  du  compresseur 
complet  MICROTURBO  a  6tudi 6  5  modules  d'essais  destines  a  1 ’experimentation  au  banc  RACE  du  CEPr. 

La  fabrication  des  roues  et  des  redresseurs  des  quatre  etages,  ainsi  que  leur  controle  ont  Ste 
effectuSs  A  un  rythme  soutenu  aprSs  une  optimisation  de  1'usinage  sur  un  centre  A  commande  numSrique 
4-axes  afin  de  respecter  au  mieux  les  exigences  de  1 ’aSrodynamique  (tolerance  relativement  serree, 
respect  strict  des  bords  d'attaque  et  de  fuite,  etat  de  surface...)  et  aussi  celles  de  la  resistance 
des  matSriaux  et  des  vibrations. 

L’usinage  pour  les  essais  au  banc  des  aubes  des  redresseurs  ont  pose  quelques  probl ernes  en  raison  de 
leur  nombre  relativement  Sieve  conditionne  par  une  recherche  de  raccourci ssement  du  compresseur  par 
rapport  au  precedent  compresseur  quadri-Stage  de  MICROTURBO. 

Une  photographie  du  bi-etage  mobile  de  tete  (RM1  +  RM?)  apparait  sur  la  figure  No.  6,  et  du 
redresseur  du  ler  Stage  (RD1)  sur  la  figure  No.  7.  Ce  dernier  a  ete  elaboree  par  fonderie  pour  le 
moteur. 

La  figure  No.  8  presente  la  configuration  schematique  du  compresseur,  la  figure  No.  9  celle  du 
module  d'essais  du  ler  Stage  et  la  figure  No.  10  celle  du  compresseur  complet. 


2-2.4.  ESSAIS  OES  QUATRE  ETAGES  ET  DU  COMPRESSEUR  COMPLET,  ET  RESULTATS 


Les  resultats  de  ces  essais  furent  acquis  au  CEPr  dans  un  temps  relativement  court  puisque  1 ’essai 
du  ler  Stage  fut  effectuS  le  29  mai  1989  et  celui  du  compresseur  complet  livra  ses  resultats  le  28 
novembre  1989.  Le  4eme  etage  a  subi  deux  essais  pour  tester  deux  types  de  diffusion  en  aval  du 
dernier  redresseur  A  1 ’entree  de  la  chambre  de  combustion  :  diffusion  a  bi-canaux  et  diffusion  A 
Sclatement  de  jet 

2.2.4. 1.  Essais  des  Stages 

Les  rSsultats  de  chacun  des  etages  furent  proches  des  previsions  comme  le  montre  le  Tableau  2  ci- 
dessous. 


OSsignation 

ler  Stage 

2eme  Stage 

3Sme  Stage 

4eme  Stage 

Objecti f 

RSsul tats 

d'essais 

Objecti f 

RSsul tats 

d'essais 

Objecti f 

Resultats 

d’essais 

Objecti f 

RSsul tats 

d'essais 

N* 

28500 

28500 

26225 

26000 

24250 

24500 

22500 

22500 

0* 

8,2 

8,244 

5,494 

5,445 

3,763 

3,783 

2,602 

2,602 

P/P 

1,622 

1,614 

1,579 

1,583 

1,559 

1 , 554 

1,419 

1,500 

rj  is 

81,9  % 

80,3  % 

82  % 

84,9  % 

82,6  % 

82,6  X 

84  % 

83,2  % 

Kp 

>  10  X 

20  X 

>  10  % 

20,4  % 

>  10  X 

18  X 

>  10  % 

12  X 

Tableau  No,  2  Comparaison  entre  l’objectif  et  les  rSsultats  des  essais  au  CEPr  de  chacun  des 

quatre  Stages  du  compresseur  du  TRI  60-30. 


L 
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Les  performances  (rapport  de  pression  et  rendement  isentropique)  sont  annoncees  avec  la  pression 
totale  en  aval  du  redresseur  recalculfee  a  1 'aide  des  mesures  de  la  pression  statique  de  parois 
exterieures  et  intferieures,  de  la  mesure  de  la  temperature  totale,  du  debit  d'air  en  amont  du 
compresseur  et  de  1 ’equation  de  continuity  en  supposant  que  toute  la  section  geometrique  est 
occupbe.  Seul  pour  le  4eme  etage  les  performances  sont  obtenues  a  1  ’aide  de  la  moyenne  de  20 
pressions  totales  en  raison  de  la  presence  de  la  diffusion  aval  qui  simule  1 'entree  dans  la  chambre 
de  combustion.  D’ailleurs,  4  la  suite  des  deux  essais  du  4eme  btage,  a  ete  selectionnbe  la  diffusion 
par  eclatement  du  jet,  environ  2  %  de  la  pression  est  perdue  dans  cet  eclatement. 

Est  ci  noter  la  marge  au  pompage  importante  essentiel lement  pour  le  ler  etage. 

Sur  les  figures  No.  11  et  12  apparaissent  le  diagramme  compresseur  et  le  rendement  du  ler  fetage. 


2. 2. 4. 2.  Essais  du  compresseur  complet 


Les  resultats  de  ces  essais  confirment  notre  attente  a  la  suite  des  bons  resultats  des  essais  de 
chacun  des  Stages.  Le  Tableau  No.  3  ci-dessous  le  montre. 


DESIGNATION 

OBJECT  IF 

RESULTATS 

DE  L’ESSAI 

POINTS  D’ESSAIS  DE  RENDEMENT 

MAXIMAL 

N* 

28500 

28000 

28000 

28500 

Q* 

8.2 

8.24 

8,234 

8.382 

P/P 

5,666 

5,670 

6.06 

6,118 

17  i  s 

79,2  X 

81.2  % 

82.1  % 

80.7  X 

Kp 

O 

A 

21  % 

12.9  X 

13.4  X 

Tableau  No.  3  Comparaison  entre  l'objectif  et  les  rfesultats  des  essais  au  CEPr  du  compresseur 

complet  du  TRI  60-30. 

Les  performances  completes  sont  illustrees  par  les  figures  No.  13  a  16. 

Les  performances  (rapport  de  pression  et  rendement)  ont  ete  mesurees  a  1 'aide  de  20  pressions 
totales  situdes  en  sortie  de  la  diffusion  en  aval  du  4eme  redresseur. 

Paral 1  element  aux  essais  de  performances  classiques  a  etfe  mis  en  Evidence  a  1 ’aide  de  capteurs 
Kulite  la  presence  d'un  decollement  tournant  entre  13000  et  19000  tr/mn  etendu  sur  toute  la  plage  de 
d£bit  4  ces  vitesses.  Le  niveau  d ' i nstabi 1 i te  est  neanmoins  relativement  faible  (40  mb  au  maximum) 
et  la  chute  de  rendement  occasionn£e  par  ce  phenomene  limitee  (de  1 'ordre  de  2  a  3  points) 

L ' i so-vi tesse  N*  =  20000  tr/mn  s'est  vu  reduite  a  une  verticale  d’abscisse  quasiment  bgale  au  dbbit 
de  pompage  du  compresseur  ler  btage  essays  isolement. 

Ces  deux  points  pourraient  d'ailleurs  occasionner  quelques  problbmes  lors  d'essais  en  autorotation, 
le  turborfeacteur  n’etant  pas  pourvu  de  gbombtrie  variable. 
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3  -  ETUDE  ET  FABRICATION  DE  LA  TURBINE 


3.1.  POINT  DE  CALCUL 


Le  point  de  calcul  de  la  turbine  a  ete  choisi  conuie  suit  : 


Vitesse  reduite 

N//T  (tr/mn  Jt) 

878 

Debit  de  gaz  reduit 

Q/F/P  (kg/s  yic/kPa) 

0,5022 

Taux  de  detente 

P/P  (-) 

2,73 

Rendement  isentropique  vise 

rj is  (%) 

85,9  % 

Chute  d’enthalpie  specifique 

AH/T  (J/kg  K) 

219 

Diametre  de  la  veine  exterieur 

de  la  roue 

0e  (mm) 

310 

3.2.  OPTIMISATION  DE  LA  GEOMETRIE  DES  PROFILS  PU  01STR1BUTEUR  ET  DE  LA  ROUE  DE  TURBINE 


Un  calcul  d'equilibre  radial  avec  simulation  des  pertes  dans  les  deux  composants  a  permis,  grace  A 
1 ’utilisation  de  profils  d'aubes  et  de  pales  classiquement  utilises  A  MICROTURBO,  d'acc&der  A  une 
gdom^trie  que  nous  avons  par  la  suite  optimisee  et  validee  A  1 ’aide  du  code  3D  EULER  et  du  logiciel 
de  CAO  3D  STRIM  100  T.  Cette  methode  d’optimisation  de  profils  fut  utilis^e  pour  la  premiere  fois 
dans  notre  societe. 

Sur  la  figure  No.  17,  apparait  le  schema  de  la  veine  de  la  turbine  axiale  du  TRI  60-30. 

Pour  illustrer  ce  travail  d'optimisation  des  profils  des  aubes  du  distributeur  et  des  pales  de  la 
roue  apparaissent  : 

-  sur  la  figure  No.  18,  Involution  sur  1 ’extrados  et  l’intrados  des  aubes  du  distributeur  en  pied 
et  des  pales  de  la  roue  en  tete  de  la  veine  du  rapport  P/Pi,  pression  statique  locale  sur  la 
pression  g^nGratrice  amont, 

-  sur  la  figure  No.  19,  involution  des  iso-Mach  pour  les  coupes  de  pied  du  distributeur  et  le  t&te 
de  la  roue  de  turbine. 


3.3.  FABRICATION  DU  DISTRIBUTEUR  ET  DE  LA  ROUE  DE  TURBINE 


Apres  calculs  de  resistance  de  matAriaux  dans  les  pales  et  le  disque  de  turbine  et  analyse 
vibrato're  des  pales,  la  roue  de  turbine  a  ete  fabriquee  par  fonderie  avec  un  tres  bon  respect  des 
profils  et  notamment  des  epaisseurs.  Ainsi  au  bord  de  fuite  de  la  roue  une  epaisseur  de  0,8  nro  a  ete 
obtenue. 


Cette  turbine  n’a  pas  ete  essayee  sur  un  banc  dessais,  mais  a  ete  integree  dans  le  turboreacteur. 


30-9 


4  -  CONCEPTION  MECANIOUE 


4.1.  LES  CONTRAINTES  A  LA  CONCEPTION 


Les  applications  d6finies  ci-dessus  au  paragraphe  1  prfesentent  des  caracteristiques  specifiques 
quant  4  la  conception  du  produit 

-  dur6e  op6rationnel le  courte  mais  longue  duree  de  stockage, 

-  minimum  de  maintenance  en  stockage  et  minimum  d'operation  de  mise  en  condition  op£rationnelle. 


-  haute  fiabilite, 


-  forte  capacity  d' acceleration  depuis  la  mise  4  feu  jusqu’4  la  puissance  de  croisiere, 


-  une  duree  de  vie  operationnelle  definie  en  fait  par  le  d6vel oppement  plutot  que  par  la  mission.  En 
effet  la  faible  dur6e  de  vie  imposerait  qu'un  grand  nombre  de  moteurs  soit  affecte  aux  essais  de 
mise  au  point  et  qualification.  Pour  des  raisons  6videntes  de  coQt,  on  definira  le  produit  avec 
une  duree  de  vie  telle  qu’un  nombre  minimal  de  moteurs  soit  utilise  en  d6vel oppement  (par  exemple 
huit  moteurs  seulement  pour  les  essais  motoriste), 


cout  d'acqui si tion  le  plus  faible  possible,  pour  illustrer  1 'importance  relative  du  cout  total 
d'un  programne,  nous  citerons  les  chiffres  releves  dans  une  etude  du  constructeur  Williams 
concernant  le  turboreacteur  F107-WR-101. 


References 


1.  J.  Weitzner,  "Cruise  Missile  Engine  Program  Life  Cycle  Cost  Estimate  for  the  FI 07  Turbofan  Engines", 
DAL-8000-1  contract  N00019-80-3003,  January  1981. 

Historiquement,  deux  voies  ont  ete  suivies  : 

utiliser  un  moteur  derive  de  turboreacteurs  ou  turbines  existants, 

developper  un  moteur  simple  spec) f iquement  congu  pour  le  besoin. 

Cette  seconde  voie  est  celle  choisie  par  MICROTURBO  depuis  1972,  date  des  premieres  etudes  de 
turboreacteur  4  faible  cout  et  courte  duree  de  vie  adaptee  4  la  propulsion  de  missiles,  drones  et 
cibles. 

Actuel lement,  cette  ligne  de  produit  comprend  6  types  de  reacteurs  avec  plus  de  1700  unites 
prc  jites  integr6es  dans  plus  de  30  programmes  differents. 
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4.2.  ETUDE  COMPRESSEUR 

Au  cours  de  la  phase  initiale  d'Stude  mScanique  et  de  determination  des  performances ,  le  compresseur 
a  StS  prSvu  S  4  Stages  axiaux.  On  a  prSfSre  aussi  cette  solution  "tout  axial"  a  cause  du  plus  faible 
maltre-couple  donnS  par  ce  type  de  configuration  pour  une  poussSe  donnSe  et  pour  la  flexibilite 
possible  de  fabrication  :  fonderie,  usinage  i  partir  de  matricS,  disques  monobloc  ou  &  pales 
rapportSes. 

Une  fetude  conduite  par  le  service  estimation  de  MICROTURBO  a  conclu  en  faveur  de  la  solution  usinage 
e  partir  de  galets  matrices. 


COMPARAISON  DES  METHODES  D'OBTENTION  DU  BI-ETAGE  3+4  COMPRESSEUR 


0UTILLAGE 

MAT  I  ERE 

MAIN  D’ OEUVRE 

COUT 

(KF) 

(F) 

(h) 

(%) 

FONDERIE 

790 

10  230 

21,5 

100  % 

USINAGE 

32 

1  400 

34,1 

75 

Un  jeu  uni  forme  en  tete  des  pales,  realise  en  utilisant  des  rotors  a  veine  externe  cylindrique 
constant  est  maintenu  quel  que  soit  le  mouvement  axial  du  rotor.  Ce  procSde  assouplit  les  tolerances 
sur  le  diametre  exterieur  des  rotors  et  sur  1'empilage  axial  au  cours  du  montage.  On  peut  alors 
s'attendre  h  une  baisse  du  cout  de  revient  par  rapport  S  un  moteur  a  veine  convergente. 

La  veine  d'air  comporte  des  redresseurs  avec  respect ivement  56,  68,  80  et  66  pales. 

Le  canal  interaube  est  ainsi  trop  etroit  pour  qu’une  solution  de  fabrication  par  usinage  reste 
competitive.  L'usinage  des  aubes  est  aussi  plus  complexe  que  pour  un  rotor  puisqu'il  devrait  se 
faire  par  I’intSrieur  du  disque.  C'est  pourquoi  une  solution  fonderie  en  Inconel  718  a  etS  choisi. 
Ce  matSriau  est  utilise  ici  pour  des  raisons  de  coulabilite  et  non  a  cause  de  contraintes 
thermiques. 

L ’ensemble  rotor  est  du  type  tambour,  assemblage  mis  en  oeuvre  sur  les  moteurs  de  forte  puissance  : 
M88,  Adour,  Larzac. 

Toutes  choses  egales  par  ailleurs,  ce  type  d’assemblage  est  plus  leger  qu’une  structure  classique  du 
type  "disques  empilSs".  Le  quatriSme  Stage  du  compresseur  4Sme  Stage  (type  disque)  du  TRI  60-20  a 
une  masse  de  4150  grammes  contre  3300  grammes  pour  l’Squivalent  sur  le  TRI  60-30  (type  tambour). 

Le  rotor  est  couple  4  la  turbine  par  1 ' intermSdiai re  d’un  arbre  fixe  sur  le  disque  4eme  Stage  d’un 
cotS  et  par  curvic  coupling  du  cotS  turbine  (voir  page  13). 

Cet  arbre  arriSre  de  liaison  est  monobloc  pour  supprimer  soudure  et  traitements  thermiques. 


4.3.  CORPS  CENTRAL  RD4  ET  CHAMBRE 

4.3.1.  Corps  central 

Le  corps  central  RD4  est  la  piSce  structurale  principale  du  moteur.  C’est  elle  qui  permet  la  liaison 
moteur/cel lule  et  regoit  les  efforts. 

La  conception  dSfinittve  retient  une  solution  mixte  :  fonderie  +  mScano- soudure. 
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La  micano-soudure  est  choisie  pour  1 'arriire  du  corps  car  elle  autorise  une  reduction  de  1’epaisseur 
de  peau. 

La  fonderie  donne  un  redresseur  4eme  itage  integral  qui  assure  la  bonne  tenue  aux  efforts.  Line  telle 
fonderie  est  complexe.  C’est  pourquoi  les  moteurs  de  pre-qualification  auront  une  structure 
combinant  usinage  et  micano-soudure. 

Le  redresseur  4  est  obtenu  par  usinage  de  deux  couronnes  qui  sont  ensuite  assemblies  par  brasage 
(voi r  ci-apris) . 


Le  corps  central  RD4  supporte  3  points  de  suspension  situes  a  3,  9  et  12  heures.  Les  suspensions  i  3 
et  9  heures  sont  rotulies.  Le  plan  des  suspensions  est  quasiment  situi  au  droit  du  centre  de  graviti 
du  moteur. 


4.3.2.  CHAMBRE  DE  COMBUSTION 


Le  moteur  de  missile  a  une  durie  de  vie  courte  (quelques  heures  au  maximum),  on  peut  alors  se 
contenter  d 'un  refr oidissement  peu  important  des  parties  cbaudes  du  tube  i  flame. 

La  chambre  TR1  60-30  est  une  extrapolation  de  la  chambre  TRI  60-20. 


PARAMETRES 

TRI  60-20 

TRI  60-30 

Charge  airodynamique 

- 

-17  Y 

Volume  du  tube  4  flamme 

8,45  1 

8,401 

Perte  de  charge 

- 

-3  points 
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El  1  e  est  constitute  de  deux  viroles  et  d'un  fond  de  chambre  arrondi  .  Les  trous  de  refroidi ssentent 
sont  A  "bord  lisse".  Les  orifices  de  combustion  et  de  dilution  voient  la  tole  repousste  vers 
1'inttrieur  ("bords  tombts")  pour  diminuer  les  pertes  de  charge  et  augmenter  la  ptnttration  du  jet 
dans  la  chambre  par  un  meilleur  guidage. 


4.4.  TURBINE 

L'ensemble  est  A  un  seul  ttage  de  type  axial.  La  partie  mobile  est  constitute  par  1 ’arbre  creux 
arritre  et  la  roue  de  turbine. 

Ces  tltments  mobiles  sont  assemblts  par  "curvic  coupling"  et  tirant  +  boulon  qui  permet  un 
dtmontage/ remontage  sans  ntcessitt  de  rttqui 1 ibrage  dynamique. 

La  partie  fixe  est  formte  par  le  distributeur  lui  aussi  en  Inconel  713  LC  t  aubes  pleines 
(fonderie).  Ce  distributeur  est  fixt  sur  la  bride  arritre  du  corps  RD4. 

La  roue  de  turbine  est  rtaliste  en  alii  age  Inconel  713  LC  et  est  monobloc  (fonderie). 

Cette  technique  est  acceptable  pour  des  moteurs  A  faible  durte  de  vie  (quelques  heures  voire 
quelques  dizaine  d’heures)  (voir  page  13). 

Cette  roue  fait  appel  A  la  mtme  technologie  que  la  roue  de  turbine  de  la  version  TRI  60-20  qui  a  ttt 
calculte  pour  une  vitesse  d'tclatement  de  46  680  tr/mn  et  qui  a  dtmontrt  en  essais  au  CEAT  une 
vitesse  de  48  120  tr/mn. 


4.5.  TUYERE 


Le  systtme  d  tchappement  des  gaz  est  constitut  par  une  tuytre  simple  conique  de  conception  identique 
A  celle  de  la  famille  TRI  60. 

C'est  un  ensemble  chaudronnte  rtalist  en  Z10CNT18  mattnau  classique  pour  cette  fonction  fi  <fe  sur  la 
bride  arritre  du  corps  central  R04 .  Son  moyeu  interne  est  creux  ?t  est  supportt  par  5  bras. 


COMPOSANTS  DU  TRI  60  30 
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5  -  ESSAIS  DE  TURBOREACTEUR  TRI  60-30  AU  POINT  FIXE 


AprSs  un  certain  nombre  de  mises  au  point,  surtout  dans  le  domaine  mScanique  (voir  paragraphe  6), 
les  essais  du  turborSacteur  TRI  60-30,  SquipS  du  compresseur  axial  quadri-Stage  et  de  la  turbine 
axiale,  performants  dScrits,  ont  permis  de  satisfaire  les  objectifs. 

Les  performances  Cs  =  f(F)  (consoimation  spScifique  fonction  de  la  poussSe)  au  point  fixe 
apparaissent  sur  la  figure  No.  20.  La  poussee  de  550  daN  est  rSalisee  avec  une  consommation 
spScifique  de  1,10  kg/daN.h,  un  debit  d'air  de  8,11  kg/s  un  rapport  de  pression  de  6,52  et  une 
temperature  devant  turbine  de  1040'C. 

Lors  des  premiers  essais  de  compatibility  et  performances  au  point  fixe  avec  l'entree  d'air  du 
missile  SquipSe  de  ses  lSvres  de  vo’ ,  le  demarrage  du  turbordacteur  a  pu  etre  effectuS  avec  une 

gdomStrie  fixe.  Ce  qui  est  de  tres  bonne  augure  pour  l’avenir  et  notamment  pour  les  essais  de 

demarrage  en  autorotation. 

Le  devel oppement  de  turborSacteurs  TRI  60-30  va  se  poursuivre  par  : 

-  des  essais  de  dSmarrage  au  froid  au  banc  A07  du  CEPr, 

-  des  essais  de  demarrage  en  autorotation  au  banc  R1  du  CEPr, 

-  des  essais  de  performances  en  vol  simule  au  banc  R1  du  CEPr. 

6  -  LES  PREMIERS  RESULTATS  MECANIQUES 


Au  cours  des  premiers  essais.  des  criques  en  pied  de  pales  de  la  roue  premier  Stage  du  compresoeur  sont 
apparues  au  bout  d’un  quinzaine  de  dSmarrage  au  banc  (voir  schema  ci-aprds). 


Notre  moteur  est  sp6c i f i 6  pour  dSmarrer  en  autorotation  et  ne  dispose  pas  de  systSme  de  demarrage 
intSgrS.  La  sociStS  MICR0TURB0  ne  dispose  pas  d' instal lat ion  dite  "veine  forcSe”  capable  de  simuler  les 
conditions  d'opSration  et  de  dSmarrer  le  moteur  selon  les  conditions  d’emploi .  Aussi ,  ayant  toujours  S 
1 'esprit  le  moindre  coOt,  le  moteur  est  dSmarrS  au  point  fixe  &  l'aide  de  4  buses  dSbitant  de  1'air 
comprimS  sur  les  pales  de  la  roue  du  premier  Stage  du  compresseur. 
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Une  analyse  par  jauge  de  contrainte  a  mis  en  evidence  une  serie  de  resonance  entre  premier  mode  de 
flexion  de  la  pale  et  les  ordres  6,  8,  10  jusqu'4  22  avec  des  amplitudes  croissantes  pouvant  atteindre 
64  hb  Crete. 


la  solution  apportee  et  qui  s’est  rev£lee  satisfaisante  a  ete  d’implanter  une  serie  de  17  injecteurs  de 
d£marrage  ci  la  place  des  quatre  buses  initiales. 

Cette  solution  est  certes  plus  compliquee  du  point  de  vue  fabrication  mais  la  mise  en  oeuvre  au  banc 
reste  facile.  De  plus,  cette  solution  peut  etre  realis£e  par  fonderie,  proced£  initialement  choisi  pour 
le  carter  d’entr^e  d’air  moteur. 

Apr£s  resolution  des  maladies  de  jeunesse  du  type  ci-dessus  et  qui  sont  attendues  sur  tout  programme  de 
developpement,  le  turboreacteur  a  montrd  un  comportement  satisfaisant  pour  la  mission  de  courte  durde  qui 
lui  est  demandee. 


MODIFICATION  EFFECTUEE  SUR  LE  PROFILDES  PALES 
DE  LA  ROUE  DU  4eme  ETAGE  EN  COURS  DOPTIMISATION 
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Figure  13 
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VEINE  DE  LATURBINE  AXIALE  DU 
TRI60-30 
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SMALLER  EXPENDABLE  TURBOJETS 


C.  Rodgers,  (et  at.) 

Chief,  Aerothermo  Conceptual  Design 
Sundstrand  Tbrbomach 
4400  Ruffin  Road 
San  Diego,  CA  92123 


ABSTRACT 

One  current  focus  of  propulsion  research  is  to  increase  gas  turbine 
power  density  through  improved  aerothermodynamic  component 
technologies  and  lower  density,  higher  temperature  materials.  The 
objective  of  increased  power  density  is  to  decrease  engine  size  for  a 
given  output  power.  For  example,  increasing  power  density  100%. 
which  is  being  projected  by  the  2 1st  century,  would  be  accompanied 
by  a  40%  reduction  in  engine  size  and  40%  increase  engine  speed. 

The  trend  towards  reduced  engine  size  tasks  the  ability  of  the 
turbojet  designer  to  maintain  the  high  levels  of  component 
efficiencies  needed  and  to  achieve  the  projected  power  density 
goals.  Furthermore,  parallel  technology  improvements  projected  in 
propulsion  vehicle,  system  and  electronics  technologies,  further 
anticipate  engine  size  reduction. 

Smaller  smarter  airbreathing  propelled  tactical  missiles  are  being 
proposed  and  developed.  They  will  function  for  various 
operational  duties  currently  performed  by  larger,  limited  range 
missiles  or  manned  surveillance  and  interdiction  aircraft.  The 
extreme  compactness  of  these  advanced  missiles  requires  relatively 
high  power  density  small  turbojets. 

Several  design  configuration  options  are  possible  for  these 
turbojets  including  centrifugal  and  axial  turbomachinery 
compressor  and  turbines,  straight  annular  and  reverse  flow  annular 
combustors,  and  fuel  injectors  etc.  The  attributes  of  candidate 
configuralions  are  discussed  with  respect  to  maximum  thrust  per 
frontal  area  and  low  manufacturing  cost. 

NOMENCLATURE 


A 

Area 

Atm 

Atmosphere 

BTU 

British  Thermal  Unit 

Greek 

r 

Velocity 

0  Blade  angle 

ns 

Volume  Flow 

a  Blade  Solidity 

i) 

Diameter 

to  Angular  Velocity 

F 

Thrust  or  Fahrenheit 

<t>  Velocity  Ratio 

ion 

Foreign  Object  Damage 

rj  Efficiency 

g 

Gravitational  Constant 

Subscripts 

if ui 

Adiabatic  Head 

Hkk 

Ileal  Release  Rate 

C  C  ompressor 

K 

Constants 

B  Combustor 

1  HV 

Lower  Heating  Value 

e  Exit 

M 

Mach  Number 

t  Ilirbine 

N 

Rotational  Speed 

Ns 

Specific  Speed 

9 

Compressor  Work  Factor 

RPS( 

Relative  Propulsion  System  Cost 

Rc 

sir 

SIS 

Compressor  Pressure  Ratio 
Specific  fuel  Consumption 
Sea  Level  Static 

ill: 

Turbine  Inlet  icmpcraiurc 

Tip  Speed 

Vo 

Turbine  Spouting  Velocity 

V 

Volume 

w 

Airflow 

INTRODUCTION 

One  current  locus  of  propulsion  research  and  development  is 
increasing  gas  turbine  power  density  through  improved 
aerothermodynamic  component  technologies  and  lower  density. 


higher  temperature  materials.  Increased  power  density  reduces 
engine  size  for  a  given  output  power.  For  example,  increasing 
power  density  100%,  which  is  being  projected  by  the  21st  century, 
would  be  accompanied  by  a  40%  reduction  in  size  and  40% 
increase  in  engine  speed. 

The  trend  towards  diminished  size  tasks  the  ability  of  the  turbojet 
designer  to  maintain  the  high  levels  of  component  efficiencies 
needed,  and.  to  achieve  the  projected  power  density  goals. 
Furthermore,  parallel  technology  improvements  are  projected  in 
propulsion  vehicle,  system  and  electronics  technologies,  which  will 
further  reduce  engine  size. 

Small  expendable  turbojets  in  the  50-150  lbf  (23-68  kgf)  are  being 
considered  to  propel  miniature  drone  aircraft  acting  as  airborne 
decoys.  These  decoys  are  designed  to  suppress  enemy  defenses  and 
maintain  air  superiority  in  the  battlefield  of  the  future. 

Several  design  configuration  options  are  possible  for  such  turbojets 
including,  for  example,  centrifugal  and  axial  turbomachinery 
compressor  and  turbines,  straight  annular  and  reverse  flow  annular 
combustors,  fuel  injectors,  etc.  Some  specific  examples  of  these 
configurations  are  discussed  in  Ref.  1  through  7.  The  attributes  and 
characteristics  of  each  design  choice  are  discussed  as  constrained 
primarily  by  the  objectives  of  maximum  thrust  per  frontal  area  and 
low  manufacturing  cost. 

Candidate  small  expendable  turbojet  engine  design  configurations 
in  the  50-150  lbf  thrust  range  are  presented  with  projections  of  their 
aerothermodynamic  performances.  The  dependency  of  total 
system  relative  cost  with  size  and  various  performance  parameters 
is  also  discussed.  The  objective  is  to  identify  important  design 
variables,  which  could  lead  to  cost  savings  in  high  quantity 
production. 

2.0  SMALL  TURBOJET  DESIGNS 

Major  contraints  for  the  design  of  small  low  cost  expendable 
turbojets  for  missile  applications  are: 

•  Minimum  number  of  components 

•  Low  frontal  area 

•  Low  mission  wet  weight 

•  High  start  reliability 

Cost  often  mandates  a  simple  turbomachinery  configuration  with  a 
minimum  number  of  components  and  simple  external 
impingement  cooling  of  the  hot-end  module. 

Although  "simplifying  design  through  component  reduction"  can 
be  construed  as  an  overstatement  of  probable  gas  turbine 
reliability,  the  establishment  of  a  design  goal  to  reduce  components 
and  parts  is  a  big  step  forward  in  attaining  the  ultimate  reliability 
goal.  Component  reduction  is  also  an  obvious  technique  to 
minimize  cost  and  tolerance  stackup  restraints.  Consequently,  the 
compressor  and  turbine  rotors  are  often  single-piece  castings 
similar  to  those  of  the  mass-produced  turbocharger  rotors. 

Some  typical  small  turbojet  design  flowpath  configurations  are 
shown  in  Figure  1.  They  tend  to  use  single-stage  components,  with 
the  exception  of  multistage  axial  compressors  cast  as  a  single 
monolithic  rotor  assembly.  All.  with  exception  of  the  overhung 
rotor  configuration,  feature  a  hot -end  bearing  which  is  cooled  with 
either  air  or  throwaway  fuel/oil. 
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The  choice  of  flowpath  is  influenced  to  a  large  degree  by  the  design 
agency's  technology  and  experience  with  specific  small  gas  turbine 
turbomachinery  components  and  combustion  system  fuel 
injection. 

Small  turbojets  for  missile  applications  are  being  developed  in  the 
4.0-6  5  inch  ( 100-260 mmjdiameter  range.  Even  smaller one.s  of 2.5 
in  (63  mm)  are  being  examined  for  model  aircraft  applications. 

The  lower  limit  in  size  is  dictated  by  the  feasibility  of  stable 
combustor  operation,  and  high  speed  bearing  life  in  the  150  to  200 
krpm  speed  range  with  relatively  high  axial  thrust  load  conditions. 

The  typical  performance  characteristics  of  small  turbojets  are 
shown  in  Figure  2,  where  specific  fuel  consumption  (SFC)  and 
specific  thrust  (F/Wa)  are  plotted,  and  normalized  to  a  reference 
cycle  condition  with  a  pressure  ratio  of  5.0  and  turbine  inlet 
temperature  (TIT)  to  ambient  temperature  ratio  of  4.5.  In  the 
range  of  interest  near  maximum  specific  thrust,  it  is  observed  that 
pressure  ratio  has  only  a  small  effect  on  thrust  output,  but  a 
stronger  effect  on  fuel  economy. 

In  contrast.  TFT  ratio  has  a  significant  effect  on  specific  thrust 
depending  upon  the  turbine  material  temperature  and  life 
constraints 


Some  of  the  design  considerations  in  selecting  cycle  parameters, 
flowpath  configurations,  and  characteristics  of  the  various  engine 
components  are  discussed  in  more  detail  as  follows. 

3.0  COMPRESSOR  TYPES 

Three  types  of  compressors  used  in  small  expendable  iurbojets  are: 

•  Single-Stage  Centrifugal 

•  Single-Stage  Mixed 

•  Multi-Stage  Axial 

The  various  advantages  and  disadvantages  of  each  of  these  three 
types  are  listed  in  Table  I  below. 

All  are  sensitive  to  blade  tip  clearance  losses  which  are  best 
minimized  by  the  use  of  abradable  shrouds.  The  centrifugal  is  the 
least  sensitive  and  is  capable  of  wide  surge  margins  with  high  inlet 
distortion  tolerance.  The  specific  capabilities  of  each  type  are 
discussed  in  detail  in  the  following  sections: 

3.1  Centrifugal  Compressors 

The  simplicity  and  reduced  cost  features  of  the  single-stage 
compressor  are  ideal  assets  for  small  gas  turbine  auxiliary  power 
units(APUs);  small,  expendable  turbojets:  and  small  turboprop. 


TABLE  1 .  COMPRESSOR  TYPE  COMPARISON 

TVpe 

Advantage 

Disadvantage 

Single-Stage 

Centrifugal 

Lowest  Cost.Minimum 

Number  of  Components 

High  Distortion  Tolerance 

Good  FOD  characteristics 

Increased  Frontal  Area 

High  Rotational  Speed 

Single-State 

Mixed 

Lower  Frontal  Area 

I  ow  Component  Number 
Reduced  Distortion  Tolerance 
(Good  FOD  characteristics) 

Increased  chord  with  higher  hub  stress. 

Higher  Rotational  Speed 

Multi-stage 

Axial 

Lowest  Frontal  Area 

Lower  Rotational  Speed 

Higher  Cost 

Max  Component  Number 

Limited  Distortion  Tolerance 

Poor  FOD  Characteristics 

Clearance  Sensitivity 

S.F.C.  REF  =  1.3 


(F/Wa)  /  (F/Wa)  REF 


Figure  2.  Small  Turbojet  Cycle  Performance 


turboshaft  engines.  The  most  prevalent  applications  are  in  engines 
up  to  approximately  500-hp  output.  Larger  power  engines  in  the 
500-3000  hp  range  feature  two-stage  centrifugal  compressors,  or 
combined  axial  centrifugal  compressors,  in  single  or  two-spool 
arrangements.  Small  expendable  turbojet  gas  turbine  cycle 
optimization  studies,  using  single-stage  centrifugal  compressors 
and  single-stage  radial  inflow  turbines,  were  presented  in 
Reference  5.  These  studies  indicate  that  the  weight  and  cost 
contraints  of  small  intermittent  duty  APUs  and  short  duration 
expendable  turbojets  usually  mandate  the  selection  of  specific 
speed  (Ns)  close  to  unity  with  the  a  configuration  shown  in  Figure  3. 


Figure  3.  Small  High  Specific  Speed 
Centrifugal  Compressor 

The  attainable  total-to-static  efficiency  levels  of  single-stage 
centrifugal  and  mixed  compressors  with  ambient  sea  level  (air) 
suction  conditions  largely  dependent  upon  five  parameters: 

•  Inlet  Specific  Speed  Ns 

•  Impeller  Tip  Diameter  D2 

•  Inducer  Tip  Relative  Mach  Number  M|S 

•  Exit  Mach  Number  Mc 

•  Blade  Tip  Clearances 
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The  (wo common  forms  for  specific  speed  based  oil  inlet  stagnation 
conditions  used  ill  the  gas  turbine  industry  are: 

N,  Dimensional  Speeibe  Speed  -  ■  f  FS  ( I) 

(gWut/)1  J 


N.  Non-I  ttmensional  Specific  Speed  -  f  l~S 

I xHad)'1 

Tile  non-dimensional  form  will  be  used  in  this  paper  to  avoid 
conversion  factors. 

I'he  importance  of  the  specific  speed  efficiency  relationship,  and 
the  design  parameters  selection  that  enables  optimum 
performance  on  a  peak  efficiency  locus,  are  paramount  technology 
for  successful  competitive  designs. 

f  veil  with  this  information,  g'Hid  design,  manufacturing,  and  test 
development  practices  are  still  necessary  to  achieve  peak  efficiency 
levels  Therefore,  choosing  specific  speed  "a-priori"  is  not  an 
unconditional  guarantee  of  maximum  performance. 

figure  4  shows  attainable  total-static  efficiencies  for  small  4.0-inch 
( IIHI  nun)  tip  diameter  impeller  centrifugal  compressors  for 
expendable  turbojet  applications,  with  diffuser  exit  Mach  number 
of  0.35.  These  arc  computed  from  the  correlation  procedure  of  Ref. 


Tip  Dia  4.0  Inch  (101mm) 
Work  Factor  0.7 
Exit  Mach  NQ  0  3 


Ns  Dimensionless  M’w 


Figure  4.  Small  Centrifugal  Compressor  Efficiencies 


The  need  to  increase  thrust/lrontal  area  with  specific  speeds  of 
unity  and  high  exit  Mach  numbers  produces  total  to  static 
efficiencies  as  low  as  7(K7 .  accompanied  by  inducer  tip  relative 
Mach  numbers  at  the  14  level. 


3.2  Mixed  Flow  Compressors 

f  rontal  area  of  the  centrifugal  stage  can  be  further  reduced  by 
diminishing  the  radial  extent  of  the  diffuser  with  consequent 
efficiency  decrements  (Ref  0).  or  by  selecting  a  diagonal  cxducer 
discharging  into  an  axial  diffuser  (stator).  This  classifies  the  mixed 
flow  compressor,  which  is  an  intermediate  between  the  centrifugal 
and  axial  flow  stages  of  the  type  shown  in  f  igure  5.  Ref.  1(1 
describes  the  design  and  test  of  ail  advanced  high  specific  speed 
compressor  with  a  two-stage  starter  Ref  1 1  discusses  the  use  of 
high  specific  speed  centrifugal  and  mixed  How  compressors  for 
turbochargers  Mixed  How  impellers  arc  normally  characterized  by 


lower  impeller  to  inducer  tip  diameter  ratios  (  <  1.3).  They  will 
normally  produce  less  work  for  a  given  diffusion  factor  and  blade 
solidity  than  the  centrifugal  impeller.  This  is  indicated  by  the 
trends  shown  in  Figure  6.  In  order  to  produce  the  same  work,  either 
the  tip  speed  (and  Mach  number)  must  be  increased  and/or  the  tip 
sweepback  reduced  both,  ending  to  compromise  How  range. 

The  relative  specific  speed  characteristics  of  the  single-stage 
contrifugal  and  mixed  compressors  are  discussed  in  Ref.  12. 


Figure  5.  Small  Mixed  Flow  Compressor 


Figure  6.  Compressor  Work  Factor  Reduction 
Flowpath  Leon 


3J  Axial  Flow  Compressors 

State-of-the-art  performance  for  small  two-stage  and  multi-stage 
axial  compressors  are  summarized  in  Table  2  Figure  2  shows  a 
small  six-stage  axial  compressor  tested  by  NASA  with  a  first -stage 
rotor  tip  diameter  of  3.7  inch  (04  mm)  An  overall  total-to-total 
isentropic  efficiency  of  7f/>  was  acheived  with  machined  rotors 
and  stators. 
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TABLE  2  SMALL  AXIAL  COMPRESSOR  DATA 


Stage 

Ref 

Pressure 

Ratio 

Corrected 

Flow 

pps 

* 

Efficiency 

tt 

Tip  Diameter 
Inches 

Speed 

krpm 

Ns 

Number 

Smith  3.3.1 

2.72 

4.02 

77.0 

6.0 

33.0 

4 

(75.0  Cast) 

Davis  3.3.2 

3.1 

4.9 

80 

5.6 

59.6 

2 

Tysl  3.3.3 

2.8 

1.55 

76 

37 

49.1 

6 

Wiggins  3.3.4 

6.2 

5.3 

84 

6.0 

39.6 

8 

Tyler  3.3.5 

3.3 

7.3 

84 

7.0 

50.4 

2 

Chapman  3.3.6 

3.7. 

3.5 

77 

- 

- 

6 
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Comparative  performance  testing  of  a  small  four-stage  axial 
compressor  with  both  machined  and  cast  aluminum  rotors  and 
stators  was  conducted  during  the  development  of  a  Jet  Fuel  Starter 
by  leledync  Corporation  (Ref.  3.3.1).  Peak  isentropic  compressor 
efficiency  was  reduced  from  770  to  75.09!'  with  installation  of  the 
cast  stages  together  with  a  5,7%  reduction  in  flow.  As  a  general 
rule,  the  efficiencies  of  axial  and  centrifugal  compressors  are 
quoted  on  total-total  and  total-static  values  respectively.  The 
difference  may  account  for  up  to  2%  points  difference  in  efficiency 
depending  upon  the  reference  Mach  number  at  the  exit 
measurement  plane,  and  subsequent  downstream  diffusion  losses. 

Precision  casting  techniques  now  enable  the  manufacture  of  lower 
cost,  small  multi-stage  axial  How  compressor  rotors  in  monolithic 
form  I  ikewise.  the  outer  casing  and  stators  can  be  precision  cast 
in  (split)  monolithic  form.  Although  significant  manufacturing  cost 
savings  occur  from  this  technique,  both  rotor  and  stator  clearances 
are  critical  in  such  small  sizes,  and  necessitate  subsequent 
deposition  of  abradable  coatings  on  both  rotor  and  stator 
assemblies 


•  Surface  area/volume  increase. 

•  Necessity  to  minimize  the  number  of  injectors. 

•  Limitation  on  fuel  injector  orifice  sizing. 

•  Concentricity  limitations  between  inner  and  outer  liner. 

•  Increased  effect  of  leakage  gaps  on  pattern  factor. 

As  a  consequence,  there  is  reluctance  to  directly  apply  scaling 
techniques  in  the  design  of  small  turbojet  combustors,  and 
alternative  design  configurations  are  being  researched  to  satisfy  the 
demands  of  reduced  cost  and  volume. 

Current  small  turbojet  combustors  are  configured  in  either  the 
axial  annular,  or  reverse  flow  annular  configuration  (Figure  8). 
Many  small  gas  turbines  use  the  single  can  scroll  combustor 
configuration,  but  scroll  asymmetry  is  not  suitable  for  turbojets 
launched  from  cylindrical  container  installations.  Engine  size 
reduction  and  resultant  "squashing"  of  the  combustor  increase  the 
combustor  heat  release  rate  as  defined  by: 


Attributes  of  the  multi-stage  axial  compressor  for  small  turbojet 
designs  are  lower  rotational  speed  for  a  given  flow  and  pressure 
ratio,  and  outer  diameter  discharge  permitting  maximum 
utilization  of  combustor  volume  within  a  given  diameter. 

4.0  COMBUSTORS 

Aerodynamic  design  of  turbomachinery  for  small  expendable 
turbojets  is  guided  bv  the  classic  scaling  relationships  for  effects  of 
Reynolds  number,  surface  finish,  and  clearance  gaps.  Scaling 
techniques  for  the  design  of  small  combustors  arc  less  defined,  due 
to  the  effects  of 


FuelFlowxLHV 
Volume  x  R, 


(3) 


It  can  be  shown  that  specific  thrust  per  unit  volume  (F/V)  is 
proportional  to: 


rro 

(k,.  sec')] 

LI  m  J 

V  HRR.Rc  )] I 

(4) 


where  K<-]  =  Compressor  and  Turbine  Geometry  Constants 
where  Kp  =  Combustor  Geometry  Constant 


•  Dome  height  reduction  increasing  the  effects  of  wall 
quenching. 


The  specific  thrust  per  unit  airflow  and  SFC  trends  of  Figure  2  can 
now  be  translated  into  specific  thrust  per  unit  volume  trends 
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depicted  in  Figure  9  with  HRR  as  a  parameter  using  a  baseline 
HRR  of  5.0  MBTU/hr  ft 3  atm  and  pressure  ratio  of  4.0.  Increasing 
the  HRR  from  5.0  to 30.0  would  permit  a  50%  increase  in  thrust  per 
unit  volume.  Fuel  injection,  atomization,  and  evaporation  is 
probably  the  single  most  important  criteria  in  the  design  and 


successful  development  of  small  high  heat  release  rate  combustors, 
particularly  during  starting.  Fuel  flow  rates  at  ignition  may  be  very 
low.  making  atomization  difficult  without  high  energy  ignition 
sources. 


Figure  7.  Small  Multistage  Axial  Compressor 


9i3'-08 


Figure  8.  Small  Reverse  Flow  Annual  Combustor 


Figure  9.  Effect  of  Combustor  HRR  on  Volume 
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Figure  10a.  Nose  Mounted  Slinger  Pump  Ref. 


Fuel  injection  with  a  rotating  slinger  pump  is  a  popular  choice  and 
may  he  directly  sprayed  from  the  shaft  mounted  slinger  into  the 
combustor,  as  shown  in  Figure  l()a.  or  supplied  from  the  slinger 
pump  via  a  manifold  into  the  combustor  as  Figure  10b. 


5.0  TURBINE  TYPES 

Three  types  of  small  single  stage  turbines  used  in  small  expendable 


Fuel 


Figure  10b.  Combustor  Liquid  Ring  Pump  Ref. 

turbojets  are: 

•  Radial  Inflow 

•  Axial  Flow 

•  Mixed  Flow 

The  various  advantages  and  disadvantages  of  each  three  types  are 
listed  in  Table  3  below: 


TABLE  3  TURBINE  TYPE  COMPARISON 


type;  advantage  disadvantage 

Radial  •  High  Pressure  Ratio  Capability  •  High  Inertia 

•  Reduced  Clearance  Sensitivity  •  Low  FOD  Tolerance 

•  Lowest  Cost 

•  Higher  Temperature  Capability 

Axial  •  Low  Cost  •  Limited  Pressure  Ratio 

•  Low  Inertia  •  High  Clearance  Sensitivity 

•  Better  FOD 


Mixed  Flow 


Intermediate  between  axial 
and  radial 


3 
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The  specific  features  and  capabilities  of  each  type  is  discussed  in 
more  detail  in  the  following  sections; 


S  I  RADIAL  INFLOW  TURBINES. 

Inward  flow  radial  and  mixed  flow  turbines  have  established 
prominence  in  the  field  of  small  turbomachinerv  because  of  their 
simplicity,  cost,  relatively  high  performance,  and  simple 
installation. 

Two  notable  major  applications  of  these  turbines  are  in  small 
turbocharger  and  "radial  type  "  gas  turbines.  These  major 
applications  arc  typically  in  the  0.1(1  to  5.0  kg/sec  flow  range. 

The  aerodynamic  excellence  of  both  radial  inflow  and  axial  turbines 
is  determined  by  two  major  performance  parameters; 


U,  TIP  SPEED 

Cm  ^  ROTOR  AXIAL  EXIT  VELOCITY 

V0  tSENTROPIC  SPOUTING  VELOCITY  (JbJCp  ATTmo)  0  5 


•  Velocity  ratio  =  Ut/Vo.  Ratio  of  tip  speed  to  theoretical 
spouting  velocity,  and 


c_ 

“a 


m3  AXIAL  EXTT/TIP  SPEED  VELOCITY  RATIO 
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•  Kxit  flow  coefficient  =  <p  =  Ce/Ut,  ratio  of  exit  axial  velocity 
to  tip  speed. 


Figure  11.  Attainable  Efficiency  Levels  of  Radial  Turbines 


The  velocity  ratio  is  a  direct  measure  of  the  blade  loading.  The  exit 
flow  coefficient  for  a  radial  turbine  is  an  indirect  measure  of  the 
specific  speed,  since  for  zero  exit  swirl  and  incompressible  flow,  it 
can  be  shown  that: 


Dimensionless  specific  speed  Ns 


V.  Vo J  Dt 


(5) 


State-of-the-art  levels  lor  the  total-to-static  efficiency  of  uncoo'.u 
radial  inflow  turbines  are  shown  in  Figure  12  (this  information  is 
derived  from  references).  The  data  indicate  that  peak  efficiencies 
are  obtained  with  velocity  ratios  close  to  0.7  with  exit  flow 
coefficients  of  (1.2  to  0.3.  The  efficiency  trends  were  derived  from 
the  performance  examination  and  correlation  of  thirty  different 
single-stage  radial  inflow  turbines,  complying  with  the  si/e  range 
and  nominal  clearances.  Similar  design  charts  have  been  produced 
for  axial  turbines  showing  comparable  trends.  For  a  particular 
turbine  design,  the  level  of  efficiency  is  dependent  upon  specific 
criteria,  such  as: 

•  Solidity  of  No/zle  and  Rotor 

•  Flfects  of  Diameter  Ratio 

•  Tip  Clearance  Tosses 

•  Vane  and  Blade  Trailing  F.dge  Thickness 

•  Fntry  Flow  Conditions 

•  Mach  and  Reynolds  Numbers 

The  efficiency  levels  shown  in  Figure  II  are  for  nominal  shroud 
axial  clearance /blade  height  ratios  of  t>r'r. 

In  general,  small  radial  turbines  are  less  sensitive  than  small  axial 
turbines  to  clearance  effects.  Note,  however,  that  most  turbine 
rotor  discs  are  deeply  scalloped  to  reduce  thermal  stress  and 
inertia.  Flow  leakage  between  the  rotor  blade  tip  and  stationary 
shrouds  are  incurred  on  both  hub  and  shroud  boundaries,  and  it  is 
necessary  to  ntinimi/e  both  endgaps 


Figure  12.  Comparison  of  Radial  and  Mixed  Flow  Turbines 


Figure  13.  Mixed  Flow  Path  Blade  Angles 


Radial  turbines  are  commonly  used  in  small  gas  turbine  AIT's 
mounted  back-to-back  with  a  centrifugal  compressor  in 
combination  with  a  reverse  flow  annular  combustor.  As  mentioned 
previously,  diameter  constraints  of  small  turbojets  with  such 
flowpath  configurations  generally  result  in  relatively  small 
combustor  heights  and  increased  combustor  loadings. 

Monolithic  ceramic  radial  inflow  turbine  rotors  are  now  in  mass 
production  lor  automotive  applications  They  offer  distinct 
advantages  lor  small  expendable  turbojets  such  as  higher 
tciiiperatine  capability  and  lower  weight. 


5.2  Mixed  Flow  "Rirbines 

Mixed  flow  turbines  are  now  being  used  in  some  high  specific  speed 
turbtx'hargers  and  turbojet  applications  because  of  reduced  radial 
height  extent  (diameter)  of  the  stator  and  their  capability  of 
operating  at  slightly  higher  blade  loadings. 

A  performance  comparison  of  radial  and  mixed  flow  rotors  Pom 
Reference  I  is  shown  in  Figure  13.  where  some  slight  beneficial 
displacement  of  the  efficiency  velocity  ratio  characteristics  was 
achieved  toward  lower  velocity  ratios  Detailed  design  and  test  of 
an  8.5-inch  diameter  mixed  flow  turbine  rotor  is  also  presented  in 
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Reference  14.  The  effects  of  blade  lean  and  rake  on  blade  inlet 
angle  are  depicted  in  f  igure  13  and  reveal  that,  for  example,  the 
equivalent  of  20  deg.  forward  sweep  can  be  obtained  with  a 
combined  lean  and  rake  of  30  to  40  deg.,  respectively,  while  still 
retaining  desirable  radial  blade  elements.  This  could  improve 
turbine  efficiency  by  up  to  15 'T  points  at  a  velocity  ratio  of  0.60 
compared  to  the  straight  radial  blading. 

The  "equivalent''  forward  sweep  due  to  a  combination  of  rake  and 
lean  in  a  mixed  flow  turbine  inlet  blade  angle  can  be  approximated 
by  the  following  relationship: 

I  quivalent  blade  angle  B  =  tan-1  (sinxtanOI 

X  =  Blade  l  ean  angle  (6) 

0  =  Blade  rake  angle 

A  second  aerodynamic  advantage  of  the  mixed  llow  path  arises 
from  the  reduced  streamline  curvature  in  the  meridional  plane. 
From  the  mechanical  design  viewpo'nt.  the  mixed  flow  rotor 
benefits  from  the  reduction  of  relative  total  temperature  with 
decreasing  radius  (as  in  the  radial  inflow  rotor),  while  individual 
radial  filaments  are  shorter  (lower  local  AN2).  However,  the  need 
to  support  the  cantilevered  blade  tips  reduces  the  scope  for  disc 
stress  reduction  by  deep  scalloping.  Higher  disc  stresses  result,  in 
addition  to  higher  blade  stresses  as  a  result  of  increased  blade 
mass,  using  rake. 

The  potential  efficiency  improvements  of  the  mixed  flow  turbine 
are  not  achieved  without  llowpath  and  mechanical  implications. 
The  llow  path  axial  length  is  increased,  additional  nozzle  turning 
may  be  required,  and  the  disc  mass  may  be  heavier  than  a 
single-stage  axial  or  radial  rotor.  This  could  result  in  possible  shaft 
dynamics  and/or  bearing  considerations  due  to  greater  mass 
overhang  as  well  as  tri-hub  burst  speed  margin.  These  factors 
require  careful  consideration  and  integration  into  the  design 
process.  The  mixed  flow  rotor  is  most  attractive  as  ar.  alternative  to 
a  two-stage  axial  turbine  configuration. 

S.3  AX  I  AT  TURBINES 

The  small  single-stage  axial  turbine  is  particularly  suitable  for  low 
cost  expendable  turbojets  in  that  overall  pressure  ratios  selected 
are  normally  no  higher  than  5.0.  resulting  in  near  optimum  turbine 
pressure  ratios  in  the  2.0-2.5  range.  Current  state-of-the-art 
performances  for  small  axial  turbines  are  listed  in  Table  4.  Small 
axial  turbines  are  very  sensitive  to  blade  tip  clearance  effects,  and 
thus  the  ratio  of  tip  clearance  to  blade  height.  With  minimum 
feasible  tip  clearances,  the  efficiency  becomes  largely  influenced  by 
blade  height  Figure  1 1  illustrates  the  effect  of  blade  height  on 
relative  efficiency  of  small  axial  turbines. 


6.0  BEARING  DESIGN  CONSIDERATIONS 

The  use  of  sing'e-stage.  high  specific  speed  compressors  leads  to 
shaft  speeds  on  the  order  of  100.000  rpm  for  UK)  Ibf  (45  kg)  thrust 
unit,  with  antifriction  and  bearing  sizes  in  the  10  to  12  mm  range. 
Such  bearings  are  quite  sensitive  to  internal  clearances  and 
tolerances,  as  influenced  by  operating  temperature  and  axial  thrust 
loads,  in  particular  hot-end  rear  bearing  locations.  Adequate 
cooling  either  from  compressor  discharge  airor  throwaway  oil/fuel 
is  paramount  in  preventing  a  runaway  thermal  condition,  even  fora 
few  minutes  of  operation  Three  alternate  design  options  to  this  hot 
end  hearing  difficulty  are: 

»  Front  end  air  inlet  housing  bearing  capsule  location,  with  an 
overhung  rotor  assembly. 

•  Tse  of  multistage  compressor  with  lower  rotational  speed 
lor  a  given  pressure  ratio. 

•  l  sc  of  air  hearings,  or  advanced  material  ceramic  hybrid 
ceramic,  or  diamond  coated  bearings. 

Ceramic  turbine  rotors,  besides  enabling  operation  at  higher 
I  I  i  s.  offer  the  advantage  of  reduced  bearing  loads  due  to  reduced 
mass  and  inertia.  Rotor  axial  thrusts  may  be  on  the  same  order  as 
the  net  propulsion  thrust  dependent  upon  mechanical  design  and 
provision  for  thrust  balance  cavities,  l  arge  axial  rotor  thrusts  may 
require  relatively  large  thrust  faces  for  the  air  bearing  option. 


7.0  ENGINE  STARTING  CHARACTERISTICS 
It  is  difficult  to  estimate  with  any  reasonable  accuracy  the  starling 
characteristics  of  small  gas  turbines  because  of  the  synergistic 
nature  of  the  problem.  Engine  starting  characteristics  are 
influenced  (among  other  intangibles)  by: 

•  Temperature  and  altitude 

•  Initial  engine  design  selection 

•  Transient  engine  and  combustor  performances 

•  Engine  fuel,  control  scheduling 

•  Mechanical  features  and  associated  viscous  drag 

•  Acceleration  rate 

•  Starter  selection  and  torque  characteristics 

Small  gas  turbines  are  particularly  sensitive  to  tip  clearance  effects, 
since  clearance  gap  to  blade  height  ratios  tend  to  be  greater  than 
those  of  larger  gas  turbines.  In  most  instances,  the  minimum 
engine  operating  clearances  are  established  by  transits..  engine 
tests  to  determine  limiting  rub  clearance  gaps.  Some  tuning  can  be 
accomplished  by  matching  thermal  responses  of  the  rotors  and 
stationary  shrouds  and  by  appropriate  material  selection. 
Computation  of  engine  transient  performance  using  steady-state 
component  performance  characteristics  does  entail  small  errors 
due  to  the  effect  of  transient  clearance  effects  on  both  component 
efficiency  and  pressure  llow  characteristics. 

The  previous  effects  are  relatively  small  when  compared  with  the 
transient  behavior  of  the  combustor.  Transient  combustor 
efficiencies  as  low  as  20  percent  have  been  experienced  for  small 
short  reverse  flow  annular  combustors  on  cold  starts  following 
ignition  and  light-olf. 

Most  important  in  increasing  engine  acceleration  assisting  torque 
are  early  ignition  and  good  fuel  atomization.  These  affect  the 
transition  from  engine  resisting  to  positive  acceleration  torque 
characteristic.  A  major  constraint  for  reliable  early  ignition  under 
a  wide  range  of  operating  conditions  is  in  the  design  of  the  fuel 
injection  (atomization)  system. 

The  use  of  pyrotechnic  igniters  and  high  pressure  air  impingement 
start  methods  for  small  expendable  turbojets  is  discussed  in  Ref. 


TABLE  4.  SMALL  AXIAL  TURBINE  DATA 


R  U- 

5.31 

5.3.2 

5.33 

Pressure  Ratio 

1.8 

1.44 

1.5 

Inlet  Temp 

°R 

2460 

2380 

2160 

Inlet  Row 

pps 

0.81 

1.32 

0.12 

Efficiency 

r/r 

80 

82.5 

75 

78.3  as  cast 

(Volute) 

Blade  Height 

in 

0.5 

0.44 

0.40 

mm 

12.6 

11.2 

10.2 

l  ip  Dia 

in 

4.4 

4.4 

1.74 

mm 

112 

112 

45.5 

vSpced  krpm 

83.2 

58.5 

110 

Velocity  Ratio 

0.73 

0.50 

0.5 

Ref.  5.31  Papendrcas.  [  ..  "SCAT:  A  Small  l  ow  Cost  Turbojet  for 
Missile  &  RPW  AIAA  88  3244.  1488. 


Ref.  5.3.2  Roelke.  R.J..  Haas.  It.  'Told  Air  Performance  of  Com¬ 
pressor  -  Drive  turbine  of  D.O.F.  Upgraded  Automobile  (ias  tur¬ 
bine.”  NASA  lech  Memo  82818.  1482. 

Ref  5.3.3  Ranhke.  O.J  "Axial  Flow  Automotive  Turbocharger." 
ASMt  85  til  123. 
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n.  Pyrotechnic  igniters  are  capable  of  providing  a  strong  ignition 
source  with  high  impingement  torques,  but  are  relatively  cosily. 
Kiev  also  create  a  sensitive  munitions  issue.  The  use  of  high 
pressure  air  impingement  is  favored  for  developmental  testing. 

8.0  COST  SKNSITIVITY  STUDY 

Cost  sensitivity  studies  for  a  complete  tactical  missile  propulsion 
system  were  described  in  Reference  7.  The  intent  was  to  identity 
critical  design  parameters  which  are  major  cost  drivers. 

A  computerised  performance  analysis,  weight  and  cost  program 
was  generated  upon  the  aerothcrmodynamic  design  philosophy 
previously  discussed,  together  with  the  additional  cost  increments 
for  the  overall  system,  including  the  control  system,  start  system, 
fuel  and  fuel  tanks. 

T  he  impact  of  various  design  parameters  upon  overall  system  cost 
is  discussed  as  follows. 


8.1  Compressor  Specific  Speed 

Missile  and  engine  size  are  minimized  by  providing  high 
thrust/frontal  area.  This  combined  with  a  common  cost  constraint 
to  use  single-stage  compressor  requires  the  use  of  high  flow,  high 
specific  speed  compressors.  This  is  illustrated  in  Figure  14  where 
relative  propulsion  system  cost  (RPSC)  trends  are  plotted  as  a 
function  of  compressor  dimensionless  specific  speed  and  pressure 
ratio.  T  his  assumes  a  maximum  cycle  temperature  of  2460°  R 
( 1367°  k).  Specific  speeds  greater  than  unity  produce  no  further 
reduction  in  RPSC.'  and  introduce  the  complication  of  higher  rotor 
stresses.  The  optimum  pressure  ratio  and  specific  speed 
combination  is  near  5.11  and  unity,  respectively. 

8.2  Turbine  Inlet  Temperature  (TIT) 

T  he  impact  of  turbine  inlet  temperature  upon  RPSC’  is  shown  on 
f  igure  15  for  mission  durations  at  full  thrust  for  1.3.  and  5  minutes. 
Since  higher  'H  I  s  lead  to  higher  specific  fuel  consumptions.  RPSC’ 
optimizes  out  in  the  20(4 1- 2460° R  (1 145- 1 367°  K )  TIT  range,  for  a 
given  thrust  level.  The  delta  RPSC  per  minute  of  duration  is 
surprisingly  small  at  2.5T.  Kxtendcd  duration  is  more  related  to 
missile  thrust/weight  limitations. 

8.3  Compressor  And  Turbine  Kfficiencies 

The  desire  to  minimize  component  costs  often  results  :n 
performance  compromises  such  as  the  effects  of  surface  fini  h. 
clearances  and  blade  thickness.  The  effect  of  both  compressor  and 
turbine  component  efficiencies  on  RPSC.'  is  shown  in  Figure  16. 
where  IT  change  in  either  compressor  or  turbine  efficiency  is 
worth  IT  in  RI’SC.  T  his  may  seem  innocuous  but  in  large  quantity 
production.  IT  improvement  in  efficiency  could  reflect  a  cost 
savings  of  close  to  one  million  dollars  for  a  given  thrust. 

In  reality  the  compounding  effect  of  reduced  compressor  efficiency 
on  pressure  ratio  and  airflow  for  a  given  TIT  would  actually  result 
in  a  slightly  higher  penalty  for  compressor  efficiency  than  indicated 
in  Figure  6 

8.4  Kffect  Of  Cngine  Size 

Correlations  of  component  efficiencies  with  normalized  inlet  flow 
parameters  as  shown  in  Figure  17.  are  useful  in  assessing  the  effects 
ol  size  in  cycle  performance.  Typical  results  of  such  correlations  are 
shown  in  Figure  18  for  small  turbojet  configurations  developed  at 
the  author  s  affiliation,  where  thrust,  specific  fuel  consumption  and 
rotational  speed  are  plotted  versus  external  diameter. 

Since  cost  of  the  fuel  control  and  accessories  tends  to  remain 
constant  in  the  relevant  thrust  class,  it  is  anticipated  that  RPSC/lb 
of  thrust  will  increase  with  diminishing  size.  This  is  indeed  the 
trend  shown  in  l  igurc  19  where  the  eost/lbf  becomes  asymptotic 
below  the  50  Ibf  ( 13  g)  level  Phis  would  imply  that  small  turbojet 
propulsion  may  not  become  cost  effective  at  lower  thrusts,  without 
cost  reduction  to  the  fuel  control  system  via: 

•  Design  simplification  or  innovation. 

•  Relaxation  of  the  environmental  operating  envelope. 


•  Relaxed  sensitivity  to  hostile  threats. 

This  conclusion  warrants  an  in-depth  study  of  control  system 
design  and  specifications  for  small  expendable  turbojets  focusing 
on  the  objectives  identified  here. 


Dimensionless  Specific  Speed 


Figure  14.  RPSC  vs.  Specific  Speed 


Figure  1 5.  Effect  of  T.l.T.  on  Relative  Cost 


Figure  1 6.  Effect  of  Component  Efficiencies 
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Figure  1 7.  Size  Effects  on  Small  Turbomachinery 


Diameter  Inch 

Figure  18.  Small  Turbojet  Performance  Parameters 


Thrust  LBF 

Figure  19.  Effect  of  Engine  Size  on  Relative  Cost 


9.0  CONCLUSIONS 

Smaller,  smarter,  airbreathing  propelled  tactical  missiles  are  being 
proposed  and  developed  for  various  operational  duties  currently 
performed  by  larger  limited  range  missiles,  or  manned  surveillance 
and  interdiction  aircraft.  The  extreme  compactness  of  these 
advanced  missiles  requires  equally  compact  high  power  density 
small  turbojets. 

Various  candidate  small  turbojet  design  configurations  were 
presented  with  a  collage  of  possible  component  types,  especially 
with  single-stage  compressor  and  turbine  components  to  minimize 
manufacturing  cost. 

Limiting  the  feasibility  of  very  small,  almost  miniature  expendable 
turbojets  was  the  suitability  of  very  small,  high  speed  bearings  to 
provide  even,  short  life  under  conditions  as  of  high  thrust  and  hot 
end  temperature  environments.  Size  reduction  (if  scalar)  brings 
weight  reduction  through  the  classic  "square/cube"  relationship 
Engine  and  airframe  control  functions  tend  to  remain  constant 
with  size.  Relative  propulsion  system  cost/lbf  is  therefore  shown  to 
substantially  increase  at  thrust  levels  below  50  Ibf  (23kg).  based 
upon  current  cost  breakouts. 

It  is  suggested  that  the  most  profitable  development  avenues  for 
attaining  improved  cost  effectiveness  for  small  expendable 
turbojets  with  thrusts  less  than  100  Ibf  are  those  focusing  upon: 

•  Control  system  and  engine  design  simplification  and 
innovation 

•  Integration  of  the  engine  and  missile  control  system 

•  Aerothermodynamic  performance  improvement  of  high 
specific  speed  single  stage  compressors  and  turbines 

•  Compact  high  intensity,  low  cost  annular  combustors 

•  Use  of  low  cost  ceramic  materials  to  increase  TIT's  specific 
thrust  and  reduce  rotor  inertias. 

Very  small  turbojets  may  not  become  cost  effective  without  cost 
reduction  and  simplification  of  the  fuel  control  system,  plus 
relaxation  of  stringent  military  standards  currently  on  larger  thrust 
extended  operation  turbojets. 

Potential  control  system  cost  reductions  are  feasible  by  off-loading 
engine  instrumentation  and  computational  requirements  to  the 
missile  or  ground-based  guidance  systems. 
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SQMMAIRE 

On  presente  dans  cette  publication  une  approche  semi-empi- 
rique  visant  4  etudier  les  caracteristiques  de  l'aerodynamique 
interne  de  foyers  et  1  pr&lire  les  performances  de  differentes 
chambres  de  combustion  de  stato-reacteurs  et  stato-fus^es  en 
fonction  de  leurs  caracteristiques  geometriques  et  de  leur  point 
de  fonctionnement.  La  demarche  proposee,  qui  s'est  reveiee 
tout  4  fait  operationnelle  pour  de  nombreux  cas  traites,  est 
fondee  sur  l'utilisation  conjointe  d'experimentations  effec- 
tuees  en  conditions  simuiees  isothermes,  et  d'une  modeiisa- 
tion  ID  utilisant  le  concept  de  reacteurs  eiementaires.  Les  ex¬ 
periences  sont  menees  sur  bancs  hydrauliques  ou  sur  instal'j- 
tions  aerodynamiques  it  panir  de  maquettes  a  echelle  reduite 
du  foyer  it  etudier.  Des  techniques  classiques  de  visualisation 
permettent  alors  d'acceder  k  une  premiere  description  qualita¬ 
tive  de  l'ecoulement.  Celles-ci  sont  compietees  par  un  certain 
nombre  de  mesures  issues  d'un  traitement  d'images  effectue 
sur  les  visualisations  precedentes  ;  ces  informations  quantita- 
tives  :  distribution  de  debit  et  de  temps  de  sejour,  concentra¬ 
tion,  ...  sont  alors  traduites  sous  forme  de  donnees  d'entree 
pour  le  code  de  calcul.  Ce  calcul,  effectue  dans  un  deuxieme 
temps,  peut  utiliser  une  cinetique  chimique  plus  ou  moins 
complexe  pour  decrire  la  combustion  et  permet  ainsi  de  pre- 
dire,  avec  un  bon  degre  de  precision,  les  performances  glo- 
bales  du  foyer  (limites  de  statibilite,  rendement  de  combustion 
en  fonction  des  caracteristiques  de  fonctionnement,...). 
L'interet  d'une  telle  demarche  au  stade  d'un  avant-projet  a  ete 
demontre  pour  un  nombre  important  de  foyers  en  comparant 
les  resultats  obtenus  en  combustion  avec  ceux  issus  du  calcul. 

MflMENCLATURE 

B  blocage 

C  concentration 

d  diametre  de  goutte 

Dh  diametre  hydraulique  des  manches 

f  fonction  de  distribution  de  temps  de  sejour 
F  fonction  de  repartition  de  temps  de  sejour 
J  rapport  de  quantite  de  mouvement 

q,  Q  debits 

t  temps 

T  temperature 

U  vitesse 

V  volume 

W  vitesse  de  combustion 

SYMBQLES  GRECS 

a  angle  des  manches 

pi  viscosite 

cr  tension  superficielle 

p  densite 

x  temps  de  sejour  moyen 


Ty  temps  d'evaporation 
q>  richesse 

INDICES 

A  air 

D  dome 

K  carburant 

L  lateral 

R  recircuie  ou  reel 

S  simulation 

INITIALES 

RPM  reacteur  parfaitement  melange 
RP  reacteur  piston 

1.  INTRODUCTION 

Dans  le  fonctionnement  d'un  foyer,  les  performances  en  com¬ 
bustion  sont  fonction  de  la  presence  simultanee  d'un 
ensemble  de  processus  physiques  complexes  qui  interagissent 
(1) :  aerodynamique  3D  turbulente  et  fortement  instationnaire, 
combustion  turbulente,  transfen  de  chaleur,  cinetique 
chimique  complexe,  eventuellement  presence  simultanee  de 
piusieurs  phases...  De  ce  fait,  devant  le  manque  de 
connaissance  encore  important  sur  ces  divers  mecanismes 
physiques  et  ’-ur  interaction,  la  conception  des  foyers  est 
encore  trfcs  i^gement  fondee  sur  l'utilisation  de  resultats 
empiriques  associes  k  un  ensemble  d’experimentations  en 
combustion  du  foyer  etudie  afin  de  prevoir  les  caracteristiques 
globales  de  fonctionnement  de  celui-ci.  On  constate  cependant 
qu'il  est  souvent  difficile  de  Her  les  evolution  des  ces 
caracteristiques,  constatees  lors  de  telle  modification  de  la 
geometric  ou  de  l'injection,  4  une  modification  de 
l'aerodynamique  interne  du  foyer. 

Ces  demieres  annees,  grace  au  developpement  rapide  des  cal- 
culateurs  et  k  l'ameiioration  des  procedures  de  resolution  nu- 
merique,  on  a  vu  se  developper  piusieurs  programmes  de  cal¬ 
cul  visant  &  decrire  et,  dans  une  certaine  mesure,  predire, 
l'aerodynamique  interne  de  foyers  (2).  Cependant.  meme  si 
les  progrts  dans  ce  domaine  sont  trfcs  rapides,  il  faut  constater 
que  souvent  ces  outils  constituent  avant  tout  une  aide  4  la 
comprehension  plus  qu’un  instrument  predictif  sur  le  fonc¬ 
tionnement  du  foyer.  Ceci  est  en  particulier  le  cas  d£s  que  Ton 
essaye  de  depasser  la  simple  evaluation  des  tendances  pour 
rechercher  des  previsions  chiffrees.  En  plus  des  difficultes  as- 
sociees  4  la  complexite  des  mecanismes  en  presence  cites  plus 
haul,  une  telle  situation  s'explique  aussi  du  fait  du  manque  de 
methodes  de  diagnostic  permettant  de  verifier,  in  situ,  la  va- 
lidite  des  modiles  physiques  utilises  ainsi  que  la  faible  con¬ 
naissance  sur  certaines  des  donnees  relatives  aux  conditions 
aux  limites  4  introduire  dans  un  code  3D  (par  exemple  trans- 
fert  convectif  parietal  (3),  phase  liquide  (1)).  Enfin,  il 
convient  de  noter  que  cette  demarche  visant  4  calculer 
localement  et  de  fat;  on  detailiec  l'ecoulement  interne  se  revile 
finalement  trop  precise  (quant  4  la  discretisation  spatiale)  si 


l'on  s'interesse  avant  tout  aux  consequences  globales  de  cette 
aerodynamique  interne  a  savoir  :  rendement  de  combustion  et 
limite  de  stabilite.  Une  telle  situation  est  bien  caracteristique 
du  foyer  de  stato  si  on  la  compare  aux  foyers  aeronautiques 
pour  lesquels,  par  exemple,  la  donnee  precise  d'une  carte  de 
vitesses  et  de  temperatures  en  sortie  consume  une  information 
precieuse. 

Cette  remarque  concribue  a  priviligier  un  second  type  de  mo- 
delisation,  plus  simplifie  quant  a  la  description  geometrique 
de  1'ecoulement,  mais  autorisant  de  ce  fait  1'emploi  de  meca- 
nismes  physiques  plus  detailles  (par  exemple,  au  niveau  de  la 
cinetique  chimique).  Cette  seconde  approche,  de  type  OD  ou 
ID,  utilise  le  concept  de  reacteurs  elementaires  :  "parfaitement 
melange1'  et  "piston"  et  est  issue  des  travaux  effectues  en  ge¬ 
nie  chimique  (4).  Employee  depuis  de  nombreuses  annees 
dans  les  etudes  de  foyers,  cette  seconde  approche  est  interes- 
sante  si  les  caracteristiques  des  reacteurs  elementaires  (nature, 
volume,  debit,  interconnexion,  ...)  ne  sont  pas  donnees  a 
priori,  comme  ce  fut  pendant  longtemps  le  cas,  mais  si  celles- 
ci  sont  effectivement  representatives  du  foyer  etudie.  Pour  ce 
faire,  la  technique  consiste  4  utiliser  des  "traceurs"  injectes  et 
analyses  de  fa^on  adequate  afin  de  pouvoir,  par  une  identifi¬ 
cation  appropriee,  associer  a  1'ecoulement  etudie,  une  des¬ 
cription  simplifiee  sous  forme  d'un  assemblage  de  reacteurs 
elementaires.  Une  telle  demarche,  pratiquee  depuis  plusieurs 
annees  au  DERMES,  peut  s'effectuer  de  deux  fa?ons  diffe- 
rentes : 

-  au  moyen  de  traceurs  physiques  injectes  dans  des  maquettes 
dtudiees  en  conditions  simuiees.  C'est  l'objet  de  la  presente 
etude. 

-  avec  des  traceurs  numeriques  injectes  dans  un  calcul  detailie 
de  1'ecoulement  dans  le  foyer  etudie  afin  d'extraire  de  celui-ci 
une  description  simplifiee  en  terme  d’assemblage  de  reacteurs 
elementaires  (5). 

Dans  l'approche  utilisee  au  CERT-DERMES,  les  experiences 
sont  menees  en  conditions  simuiees  sur  des  maquettes  trans- 
parentes  experimentees  en  eau  ou  en  air.  Des  methodes  clas- 
siques  de  visualisation  associees  a  differents  moyens  de  trai- 
tement  d'images  permettent  de  proceder  it  diverses  mesures 
(concentration,  temps  de  sejour,  debit,  ...)  relatives  au 
traceur.  Ces  mesures  permettent,  par  identification,  de  decrire 
1'ecoulement  en  termes  d'assemblage  de  reacteurs 
elementaires  pour  lesquels  les  caracteristiques,  au  lieu  d’etre 
fixees  a  priori,  sont  directement  issues  de  ces  experiences.  De 
telles  experiences  sont  menees  afin  de  preciser  les 
caracteristiques  de  fair  alimentant  le  foyer  ainsi  que  du 
combustible,  que  celui-ci  soit  injecte  sous  forme  gazeuse  ou 
liquide. 

L'objet  de  la  presente  contribution  est  done  de  montrer,  aprJs 
une  description  des  techniques  experimentales  et  de  modeiisa- 
tion  utilisees,  comment  une  telle  approche  peut,  malgre  sa  re¬ 
lative  simplicite,  se  reveler  particuliferement  efficace  quant  &  la 
prevision  des  performances  globales  d'un  foyer  en  cours 
d'etude.  De  nombreuses  comparaisons  avec  les  essais  au  banc 
effectues  par  la  Direction  de  l'Energetique  de  l'ONERA  sur 
des  maquettes  en  combustion  ont  permis,  en  effet,  de  valider 
cette  methode  sur  un  nombre  significatif  de  geometries  et  de 
concepts  de  foyer.  Par  ailleurs,  la  banque  de  donnees  consti- 
tuee  par  ces  etudes  nous  autorise  aussi  4  ameiiorer  la  compre¬ 
hension  des  phenomenes  intervenant  dans  le  fonctionnement 
de  ces  differents  "reacteurs  elementaires".  En  particulier,  il 
devient  possible  de  traduire  en  termes  de  modifications  des 
caracteristiques  de  ces  reacteurs  (volume,  debit, ...)  les  chan- 
gements  apportes  4  la  geometric  du  foyer  ainsi  qu'aux  condi¬ 
tions  d'injection.  Une  telle  information  constitue  un  guide 
particulieremem  prdcieux,  non  seulement  pour  ameiiorer  la 
comprehension  d'essais  en  combustion,  souvent  limitee  par  la 
difficulte  de  mesures  internes  en  conditions  metrologiques  d£- 
licates,  mais  aussi  pour  guider  le  concepteur  vers  des  choix 
permettant  une  optimisation  des  performances.  On  presente 
enfin  quelques  comparaisons  montrant  que,  pour  certaines 
configurations,  la  demarche  proposee  peut  aussi  constituer  un 
outil  efficace  permettant  de  predire,  si  ce  n'est  en  comprendre 
tous  les  mecanismes,  certains  phenomenes  d'instabilites  de 
combustion. 


2.  METHODES  EXPERIMENTALES  -  DESCRIP¬ 
TION  DE  LA  PHASE  GAZEUSE 

Les  experimentations  relatives  a  la  phase  gazeuse  sont  effec- 
tuees  en  conditions  isothermes  sur  une  maquette  representant, 
a  dchelle  rdduite,  la  geometrie  reelle  du  foyer  a  etudier. 
Compte  tenu  de  la  plus  grande  facilite  a  effectuer  des  visuali¬ 
sations  en  ecoulement  hydraulique  plutot  qu'en  essais  aerody- 
namiques,  les  maquettes  sont  etudiees  en  simulation  hydrody- 
namique.  En  general,  on  s'arTange  pour  que  les  conditions 
d'essais  simuiees  respectent  sensiblement  le  nombre  de  Rey¬ 
nolds  relatif  aux  conditions  d'entree  (8) : 

d  „  PfA^ADH 

Re  - -  1 1  * 


La  veine  d'essai,  regulee  en  debit  jusqu'a  une  valeur  de  20 
1/s,  peut  recevoir  differents  types  de  maquettes  de  foyers. 
Comme  le  montre  la  figure  1 ,  celles-ci,  realisees  en  altuglass 
pour  assurer  une  transparence  suffisante,  sont  montees  dans 
un  reservoir  parallelepipedique  rempli  d'eau  afin  de  limiter  les 
distorsions  optiques  dues  aux  variations  d’indices  des  milieux 
traverses. 

2.1.  Visualisations  qualitatives 

Premier  stade  dans  l'etude  d'un  nouveau  foyer,  celles-ci  per¬ 
mettent  dej4  de  fournir  une  premiere  description  de 
1'ecoulement  interne  au  foyer.  Pour  ce  faire,  on  utilise  des 
techniques  classiques  de  traceurs  :  bulles  d'air  (obtenues  par 
adjonction  de  teepol  dans  le  circuit),  bulles  d'hydrogfene 
(gdnerees  par  electrolyse)  ou  fluoresceine  injectee  ponctuelle- 
ment  ou  dans  certaines  zones  caracteristiques  (recirculation 
par  exemple).  L'dclairage  est  realisde  au  moyen  d'une  tranche 
lumineuse  ou  d'un  plan  laser  permettant  de  delimiter  les  zones 
caracteristiques  4  etudier. 

Quelques  exemples  de  telles  visualisations  sont  presentes  aux 
figures  2  et  3.  On  peqt  distinguer,  en  particulier,  la  zone  de 
recirculation  principale  situde  en  fond  de  chambre  et  due  a 
1'impact  des  jets  issus  des  manches  (figure  2). 

Effectuee  pour  chaque  nouvelle  maquette  etudiee,  cette  pre¬ 
miere  dtape  permet,  tout  d'abord.  de  reperer  les  principales 
zones  de  l'bcoulement  en  pr&isant,  en  particulier,  les  regions 
4  forte  recirculation  permettant  d'initier  et  d'entretenir  la  com¬ 
bustion.  On  distingue,  en  ggn£ral,  les  regions  suivantes  : 

-  En  fond  de  chambre  (dome),  la  zone  de  recirculation  princi¬ 
pale,  due  4  1'impact  du  (ou  des)  jet(s)  issu(s)  de  la  (ou  des) 
manche(s)  et  permettant  4  une  fraction  de  l  air  frais  de  partici- 
per  4  la  combustion. 


Figure  1  :  Vue  g6n6rale  du  banc  hydraulique 


Figure  2  :  Exemple  de  visualisation  •  4  entrees  semi- 
laterales 


Hn  prolongetnent  de  la  (des)  manche(s)  une  zone  de  jet  dans 
laquelle  la  combustion,  initiee  dans  les  recirculations  adja- 
eenle.x.  pent  se  propager. 

Fntre  cettc  zone  de  jet  et  les  parois  du  foyer,  une  (on  plu- 
sieurs)  zonc(s)  de  recirculation  lateralets)  recevant  ainsi  sous 
fomic  d'air  frais  une  autre  partie  du  debit  issu  du  (lies)  jetts). 
Bien  qu'elle  change  en  function  de  la  geometric  du  foyer  (1.2 
ou  4  munches,  symtftriqucs  ou  non)  et  des  caracterisliques  des 
plans  de  sortie  des  manches  ainsi  que  du  mode  dinjection. 
cette  description  en  tenrte  de  "dome  ",  "lateral"  et  "jet"  se  re- 
trouve  dans  la  quasi  totalite  des  foyers  etudies. 

Toujours  sur  un  plan  qualitatif.  cette  premiere  analyse  pemiet 
aussi  de  distinguer  certaines  configurations  pour  lesquelles 
lecoulement  est  particulierement  instable  (battemenl  de  jets 
par  exemple)  et  risque  de  consumer  une  des  causes 
d'instahilites  de  combustion. 

l.e  dernier  clement,  enfin,  associe  a  ces  premieres  visualisa¬ 
tions.  sc  situe  dans  le  fait  que  cel  les -c  i  constituent  un  guide 
prccicux  pour  choisir  les  emplacements  oil  injectcr  et  mesurer 
le  traceur  utilise*  pour  determiner  les  caracterisliques  quantita- 
tives  (debit,  nature,  volume,  interconnexion)  associees  aux 
differents  reacteurs  elementaires  utilises  par  la  suite  dans  la 
mixlelisation. 

2.2.  Traitemcnt  quantitatif  des  visualisations  -  l)e- 
coupage  en  reacteurs  elementaires 
l.a  methixle  utilisee  consiste  a  mesurer  en  continu  la  concen¬ 
tration  d'un  traceur  injecte  de  fayon  controlee  dans 
l  ecoulement  ;  un  choix  judicieux  des  conditions  d  injection  et 
de  mesures  pemiet  ensuitc.  par  identification,  d'effcctuer  lies 
mesures  de  debit,  temps  de  sejour  et  volumes  de  reacteurs 
elementaires. 

Mesure  tic  concentration 

Hffectuee  de  fayon  non  intrusive,  la  mesure  de  concentration 
de  fluoresceine  est  fondee  sur  la  mesure  locale  du  niveau  de 
gris  de  I'imagc  observee  a  90°  du  plan  lumineux  delimitant  la 
zone  observee.  Cette  methixle,  decritc  en  (9),  utilise  une  ca¬ 
mera  CCD.  ttssexiee  a  un  micro-ordinatcur  permetlant  de  me¬ 
surer  en  continu.  an  sein  d  une  surface  de  mesure.  de  position 
et  taille  rcglables.  Ic  niveau  de  gris  moyen  de  I'imagc.  Cclui  ci 
est  relie,  apres  un  etalonnagc  prealable  effectue  dans  les 
tnemes  conditions  d'environnement  lumineux,  ii  la  concentra¬ 
tion  spatiale  moyenne  ii  1'interieur  de  la  zone  cludiec. 

Mesure  tie  debit 

l.a  mesure  du  debit  traversant  les  zones  principals  de 
l  ecoulement  est  cffectuec  par  la  technique  classique  de 
"dilution  ",  l.e  principe  (7)  consiste  a  injecter  en  continu  un 
debit  contrble  et  connu  q  de  traceur  dans  le  volume  etudie.  l.a 
mesure  de  la  concentration  moyenne  C  de  ce  traceur  au  sein 


Figure  3  :  Exemple  de  visualisation  -  4  entrees  late¬ 
rals  avec  accroche-flamme 


du  meme  volume,  au  moyen  de  la  methixle  decrite  ci  dessus. 
pcrnx't  il'acceiler  au  debit  O  traversant  ce  volume.  En  effel  : 

Q  =  q/C  ,2) 

Cette  methixle.  pratiquee  pour  le  reacteur  "Dome"  en  fond  de 
chambre.  pemiet  par  exemple  d'evaluer  la  fraction  : 

Okn/U.\  (3  i 

du  debit  d'air  principal  Q,\.  venant  recirculer  dans  le  dome  et 
pouvant  participer  ii  la  combustion. 

l.a  meme  methode,  utilisee  en  injectant  successivemcnt  la 
tluoresceine  dans  les  differents  volumes  "Dump".  "Lateral '. 
"Jet"  et  en  niesurant  les  concentrations  restiltantes  dans  ces 
nieincs  reacteurs  pemiet  tine  premiere  estimation  des  differ 
rents  debits  transitant  entre  ces  divers  volumes,  au  moyen 
d'une  simple  ecriture  de  bilan. 

.  Mesure  tie  temps  tie  sejour 

l.a  mesure  de  temps  de  sejour  (function  de  distribution  ft 1 1. 
function  de  repartition  F(t)  ou  valour  moyenne  t)  utilise  line 
injection  de  traceur  sous  forme  de  Dirac  ou  d'echelon.  Dans 
ce  cas,  on  montre  aisement  (4)  que  la  concentration  instation 
naire  est  proportionnelle  if  fit)  ou  l  it). 

line  telle  mesure,  utilisant  alors  une  injection  de  debit  contrd 
Ice  au  moyen  d'une  (ou  deux  tres  legeretnent  decalces  dans  le 
temps)  clcctrovannc(s)  pemiet  il’acceiler.  dans  chucun  des 
reacteurs  elementaires  precites,  a  la  distribution  ou  repartition 
de  temps  de  sejour.  Cette  information,  essentielle  pour  con- 
naitre  la  capacite  du  reacteur  elementairc  correspondant  a  ini 
tier  une  combustion  stable,  est  aussi  precicuxe  en  complement 
de  la  valeur  du  debit  Q  traversant  cclui  ci  pour  connaitre  son 
volume.  On  montre  aisement,  en  effet.  que.  pour  un  reacteur 

elementairc  isole  le  temps  de  sejour  moyen  r  detint  par : 


n 

T  =  I  f(t)  lit 

Jo 


a  la  valeur  suivante  : 

t  =  V/Q  (S, 
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Figure  4  :  Exemple  de  d6coupage  en  r6acteurs  616- 
mentaires 


Dtcoupage  en  riacteurs  ilimentaires 
L'utilisation  conjointe  des  mesures  de  dibit  et  de  temps  de 
sljour  associle  I  des  techniques  simples  d'identification  (7) 
permet  done,  pour  chaque  nouveau  foyer  Itudil,  de  reprlsen- 
ter  1'ecoulement  interne  sous  une  forme  simplifile  au  moyen 
d'un  assemblage  de  rlacteurs  lllmentaires  dont  les  caractlris- 
tiques  sur  un  plan  qualitatif  et  quantitatif  ne  sont  pas  fixees  a 
priori  mais  rlsultent  d'une  analyse  effectuee  selon  la 
demarche  prlsentle  ci-dessus. 

Un  exemple  d'un  tel  dlcouplage,  correspondant  &  une  gloml- 
trie  de  foyer  it  entries  est  prlsentl  it  la  figure  4.  On  y  retrouve 
les  trois  rlacteurs  lllmentaires  :  "Dome",  "Lateral",  "Jet”,  les 
deux  premiers  Itant  assimills  ft  des  rlacteurs  parfaitement 
mllangls  (RPM)  le  troisilme  it  un  rlacteur  piston  (RP)  avec 
diffusion  (7).  Le  dlcoupage  et  les  repartitions  de  debit  sont  is- 
sus  des  mesures  avec  traceur. 

2.3.  Caracllristiques  principales  de  1'ecoulement  - 
Paramltres  significatifs 

La  demarche  precedente,  effectuee  et  validee  sur  un  nombre 
tres  important  de  foyers  reels  mais  aussi  de  geometries  sim¬ 
plifies,  nous  a  conduit  it  obtenir  un  ensemble  de  correlations 
donnant  revolution  de  certains  pourcentages  de  debit  en  fonc- 
tion  des  donnles  geometriques  du  foyer  et  des  conditions  de 
fonctionnement  (11). 

Deux  exemples  de  telles  correlations  sont  presentes  aux  fi¬ 
gures  5  et  6  oil  1'on  voit  les  influences  respectives  du  blocage 
B  (rapport  de  la  surface  projetee  des  jets  it  la  section  droite  du 
foyer)  et  de  Tangle  a  de  penetration  des  jets  dans  le  foyer  sur 
les  taux  de  debits  Qrd/QA  et  Qrl/QA  respectivement  recir- 
cuies  dans  les  reacteurs  "Dome"  et  "Lateral". 

Une  telle  information,  ainsi  que  d’autres  semblables, 
constitue  une  donnee  prlcieuse  non  seulement  pour  aider  £ 
interpreter  1'effet  d'une  modification  geometrique  (qui  peut  se 
traduire  en  termes  de  blocage,  angle  de  jet,  debit  en  fond  de 
chambre, ...)  sur  les  resultats  en  combustion,  mais  aussi  pour 
guider  le  choix  vers  telle  ou  telle  solution  en  vue  de  modifier 
les  caracteristiques  globales  de  fonctionnement  pour  qu'elles 
repondent  &  un  cahier  des  charges  donne, 

3.  METHODES  EXPERIMENT ALES  -  ETUDE  DE 
L'lNJECTION 

Afin  de  completer  les  donnees  du  decoupage  en  reacteurs  lll- 
mentaires  par  celles  relatives  &  Tinjection.  Des  mesures 
suppiementaires  doivent  etre  effectuees. 

Deux  cas  sont  4  considerer  selon  que  le  carburant  est  sous 
forme  gazeuse  ou  liquide  : 


Figure  5  :  Pourcentage  de  d6bit  d'air  recircul6  dans  le 
dome  -  Influence  du  blocage  et  de  Tangle 
du  jet 


Figure  6  :  Pourcentage  de  d6bit  d’air  recircul6  dans  le 
r6acteur  lateral  -  Influence  du  blocage  et  de 
Tangle  du  jet. 


.  Dans  le  premier  cas,  des  mlthodes  semblables  de  mesure  de 
concentration  et  de  dibit  sont  udlisles.  la  maquette  Itant  tou- 
jours  Itudile  sur  banc  hydraulique. 

.  Dans  le  second  cas,  les  mlthodes  prlcldentes  sont  extrapo- 
lles  4  I'analyse  de  la  phase  liquide  et  complltles  par  d'autres 
splcifiques  du  biphasique,  la  maquette  de  foyer  Itant  Itudile, 
cette  fois-ci,  sur  un  banc  alrodynamique. 
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3.1.  Combustible  gazeux 

Le  carburant  est  alors  simuld  par  de  l'eau,  les  conditions 
d  injection  (vitesse,  debit)  etant  choisies  de  faijon  it  ce  que  les 
effets  de  penetration  et  de  melange  entre  carburant  et  air  soient 
simulds  au  mieux.  La  similitude  utilisde  s'appuie  sur  la  con¬ 
servation  du  rapport  entre  les  quantitds  de  mouvement  respec- 
tives  du  carburant  et  de  1'air. 


j  _  PK  Uk2 

pA  Ua2 


(6) 


S  MO  (pm) 


a)  Influence  de  la  vitesse  et  du  taux  de  turbulence 
de  I'air 


Le  traceur  fluoresceine  simulant  le  carburant  dtant  alors  injectd 
dans  l'dcoulement ,  des  mesures  de  concentration  moyenne 
effectudes  de  faijon  semblable  aux  prdcddentes  permettent 
done  de  connaftre,  en  fonction  des  conditions  d'injection  si- 
mulees  (richesse,  gdomdtrie, ...)  les  valeurs  de  richesse  dans 
chacun  des  rdacteurs  dlementaires. 

II  est  dvident  que  cette  analyse  ne  s’applique  que  pour  le  car¬ 
burant  arrivant  "directement"  dans  le  reacteur  dtudid  et  non 
pas  aprds  transit  dans  un  ou  plusieurs  autres  rdacteurs. 


b)  Influence  de  la  tension  superficielle 


Figure  7  :  Exemple  de  distribution  de  faille  de  gouttes 
en  aval  d'un  injecteur 
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a)  Influence  de  la  position  radiale  de  la 
rampe  d'injecteurs. 
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b)  Influence  de  la  position  axiale  de  la 
rampe  d'injecteurs. 


Figure  8  :  Pourcentage  de  ddbit  carburant  recirculd 
dans  les  diffdrents  rdacteurs  -  une  entrde 
latdrale 
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3.2.  Combustible  liquide 

Dans  ce  cas,  seule  une  simulation  effectude  en  conditions  bi- 
phasiques  est  suffisamment  realiste  pour  foumir  des  donnees 
pouvant  etre  ensuite  utilises  dans  la  modelisation.  De  nom- 
breuses  Etudes  effectudes  sur  differents  types  d'injecteurs  uti¬ 
lises  pour  les  foyers  de  stato-reacteurs  (13)  et  figure  7  nous 
ont  conduit  4  connattre,  sous  forme  de  correlations, 
l'influence  des  caracteristiques  physiques  du  fluide  injectd 
(viscosity  piK.  tension  superficielle  ctk)  de  la  geometne  de 
l'injecteur  et  des  conditions  de  fonctionnement  sur  les  carac¬ 
teristiques  geomdtnques  (expansion  du  panache  par  exemple) 
et  granulometrique  du  jet,  Ainsi,  pour  la  simulation  en  bipha- 
sique,  on  choisira  en  fonction  du  cas  etudie  des  caracteris- 
tiques  physiques  du  liquide  et  des  conditions  de  fonctionne¬ 
ment  simuiees  privildgiant  plutot  l'aspect  granulomdtrie  ou 
expansion  de  jet  (13).  Pour  la  valeur  de  richesse  utilisde  en 
simulation,  soit  <ps,  celle-ci  correspond  a  la  richesse  reelle  <f,R 
en  fonction  de  la  relation  suivante  : 


<PS  =  <PR 


Ear  t~as|1/2 
PAS  Tar  I 


(7) 


Pa  et  Ta  etant  respectivement  les  valeurs  de  pression  et  tem¬ 
perature  de  fair  en  conditions  reelles  (R)  ou  simulee  (S). 


3.3.  Conclusions  sur  I'injection 
Malgre  le  nombre  important  de  configurations  d'injection 
etudiees  au  CERT-DERMES,  il  semble  difficile  d'effectuer, 
comme  pour  la  phase  gazeuse,  des  correlations  permettant  de 
donner  des  pourcentages  de  debit  carburant  en  fonction  de  pa- 
rametres  significatifs.  Ceci  est  du  principalement  a  I'extreme 
sensibility  des  resultats  aux  conditions  d'essai  simuiees  et  a 
l'influence  des  details  de  la  geometne  du  foyer.  On  peut  ce- 
pendant  noter  les  quelques  remarques  suivantes  : 

-  Si  le  combustible  est  introduit  dans  le  foyer  sous  forme  ga¬ 
zeuse,  par  exemple  par  le  fond  avant,  il  peut,  par  effet 
d'entrainement,  modifier  les  repartitions  de  debit  de  la  phase 
gazeuse.  Ceci  est  particulierement  vrai  pour  la  fraction  de  de¬ 
bit  d'airQRD/QA  alimentant  le  dome  et  pour  laquelle  les  cor¬ 
relations  doivent  tenir  compte  de  la  presence  eventuelle  de  ce 
debit  en  fond  de  chambre. 

Malgre  les  remarques  ci-dessus  sur  la  difficulty  de  faire  des 
correlations,  on  peut  cependant  essayer  de  degager  certaines 
tendances.  Un  exemple,  presente  ii  la  figure  9,  montre 
l'influence  de  la  richesse  en  carburant  liquide,  injecte  (valeur 
simul6e)  du  cote  rayon  interieur  du  coude  d'une  manche,  sur 
le  taux  de  carburant  alimentant  le  reacteur  "dome".  Ce 
resultat,  qui  represente  une  compilation  sur  six  configurations 
differentes,  montre  bien,  malgre  la  dispersion,  l'effet  tres 
sensible  de  la  richesse  injectee  sur  l'alimentation  du  dome. 


Comme  pour  le  carburant  gazeux,  les  memes  methodes  de 
mesure  de  concentration,  appliquees,  cette  fois,  a  un  traceur 
liquide,  permettent  d'acceder  aux  resultats  suivants  (14) : 

.  richesse  locale  dans  chaque  reacteur  en  fonction  de  la  ri¬ 
chesse  globale  injectee  et  des  conditions  d'injection  (nombre, 
position  et  orientation  des  injecteurs, ...). 

.  transfert  de  debit  entre  reacteurs. 

Comme  dans  le  cas  precedent,  on  remarquera  que  ces 
resultats  ne  sont  applicables  que  tant  que  les  reacteurs 
eiementaires  traverses  ne  sont  pas  en  situation  de  combustion. 
Dans  le  cas  contraire,  ou  une  partie  du  carburant  arrive  dans 
un  reacteur  eiementaire  en  combustion,  on  considere  que  ce 
carburant  est  totalement  vaporise  :  le  complement  eventuel 
d'imbruies  se  comportant  alors  comme  la  phase  gazeuse. 


Enfin,  pour  conclure  sur  la  phase  liquide,  il  convient  d'ajouter 
que  l'influence  de  la  granulometrie  du  jet  peut  etre  aussi  prise 
en  compte  dans  le  calcul,  en  comparant  le  temps  de  sejour 
moyen  r  dans  le  reacteur  etudie  au  temps  d'evaporation  rev. 
fonction  directe  du  diametre  moyen  des  gouttes. 


Ae 


d  :  diametre  moyen  de  Sauter 
Xev :  constante  d'evaporation 

Dans  ce  cas,  on  considere  que  seule  la  fraction  evaporee  par- 
ticipe  a  la  combustion. 


Quelques  exemples  de  mesures  relatives  au  carburant  liquide 
sont  presentes  a  la  figure  8  On  y  remarquera  en  particulier  la 
grande  sensibility  des  valeurs  aux  conditions  d'injection  : 
(richesse,  position  et  orientation  des  injecteurs).  Ces  resultats, 
qui  ont  une  influence  directe  sur  revaluation  des  perfor¬ 
mances  du  foyer,  montrent  l'absolue  necessity  de  representer 
au  mieux  le  comportement  de  la  phase  liquide  si  Ton  veut  en 
deduire  une  evaluation  des  performances  avec  un  caractere 
predictif  suffisant.  Cette  remarque  s'applique  aussi  bien  aux 
simulations  experimentales  telles  que  cellcs  decrites  ici  qu  it  la 
prise  en  compte  de  la  phase  liquide  dans  une  modelisation  de¬ 
tainee  de  foyer. 

OkD/QkAB(%)  INJECTION  EN  AS 


?  ■'!»  ?0  ?  o o«t  '  <  on*  i  «  on»  t  «  qn«  t  i  oo«*»o  i.?o«*Q 


Figure  9  :  Pourcentage  de  debit  carburant  recircule 
dans  le  dome  -  Synthese  des  resultats 
pour  differentes  g6om6tries  avec  une  in¬ 
jection  cot6  interieur  du  coude. 


4.  MODELISATION 

Afin  d'effectuer  la  modelisation  de  la  combustion  au  moyen 
du  decoupage  en  reacteurs  eiementaires  issus  des  experiences 
decrites  ci-dessus,  on  utilise  un  modele  de  calcul  permettant 
de  resoudre  les  equations  de  bilan  (masse,  energie)  et  celles 
relatives  A  la  cindtique  chimique.  Scion  le  cas,  ces  demieres 
peuvent  se  resumer  4  une  seule  reaction  globale  entre  fuel  et 
oxygene  (16) : 

F  +  v  O2  -»P  (9) 

On  prendra  en  compte  une  cinetique  chimique  plus  detainee 
comme,  par  exemple,  decrit  dans  le  tableau  ci-dessous : 
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Dans  tous  les  cas,  la  vitesse  de  reaction  fait  intervenir  une  loi 
d' Arrhenius  (1). 

Cet  ensemble  d'iquations  non  liniaires  est  alors  resolu  au 
moyen  d'une  mithode  de  Raphson-Newton 

5.  EXEMPLES  DE  RESULTATS 

Compte  tenu  du  nombre  tres  important  de  configurations  tes- 
ties,  seuls  quelques  exemples  caractiristiques  de  perfor¬ 
mances  globales  de  foyers  calculies  au  moyen  de  cette  ap- 
proche  sont  presentes.  Les  resultats  calculus  sont  compares 
avec  les  mesures  effectuies  en  combustion,  sur  ces  memes 
foyers  ;  mesures  realisies  en  general  4  la  direction  de 
l'Energetique  de  1'ONERA  avec  qui  ces  etudes  sont  menees 
en  collaboration  suivie. 

Comme  on  peut  le  voir,  ces  comparaisons  demontrent  parfai- 
tement  le  bien  fonde  de  cette  approche  qui,  malgre  la  simpli- 
cite  de  la  demarche  et  des  hypotheses  utilisees,  permet  de 
mieux  comprendre  et  predire  avec  une  fiabilite  interessante  les 
evolutions  de  performances  des  foyers  etudies. 


5.1.  Limite  de  stabilite  -  Domaine  de  fonctionne- 
ment 

En  general,  la  comparaison  entre  limites  d'extinction  calcuiee 
et  mesuree  est  bonne,  voire  ties  bonne,  pour  la  limite  pauvre, 
Un  tel  exemple  caracteristique  est  montre  &  la  figure  10  cor- 
respondant  au  cas  d'un  foyer  &  quatre  entrees  par  le  fond 
avant.  La  comparaison  calcul-expirience  montre  1'influence 
du  rapport  de  debit  carburant  injecte  cote  exterieur  du  coude 
(CD)  it  celui  cote  interieur  (AB)  est  particulierement  bonne. 


+  dfime  -  pauvre  III  resultats  de  calcul 

A  dfime  -  riche  \\\  r6sultats 

o  lateral  -  pauvre  exp6rimentaux. 

.  lateral  -  riche 
-  pauvre  et  riche 
expdrimentales 

Figure  10  :  Influence  des  conditions  d'injection  sur  les 
limites  d’extinction  et  les  instabilit6s  de 
combustion  -  4  entries  latdrales. 


Cette  bonne  concordance  entre  les  valeurs  calculies  et  mesu- 
ries  de  la  limite  pauvre,  qui,  dans  ce  cas  comme  dans  la  plu- 
part  des  configurations  traitees,  correspond  &  celle  du  dome, 
montTe  que  les  valeurs  des  dibits  d'air  (Qrd)  et  carburant 
(qKD).  bien  qu'ivaluies  en  conditions  isothermes,  sent  cor- 
rectes. 

Toujours  pour  cet  exemple  prisenti  a  la  figure  10,  on  remar- 
quera  que,  meme  si  la  tendance  est  correctement  representie, 
l'ivaluation  de  la  limite  riche  du  foyer  (qui,  dans  ce  cas,  est 
celle  du  riacteur  lateral)  est  moins  precise.  En  plus  de  l'aspect 
strictement  lid  k  la  definition  de  cene  limite  riche,  cet  ecart  peut 
aussi  etre  du  k  un  effet  de  la  combustion  et  du  transfert  de 
chaleur  risultant  sur  les  caractensuques  du  riacteur  lateral  (en 
particulier  sur  le  dibit  recirculi  Qrl)  ainsi  qu'a  l'effet  sur 
l’ivaporation  des  gouttes. 

Toujours  sur  ce  meme  exemple,  on  notera  aussi  que  le  fonc- 
tionnement  de  chaque  riacteur  ilimentaire  "Dome"  et 
"Latiral"  est  tris  nettement  visible.  En  particulier,  pour  les 
faibles  valeurs  de  CD/AB  (<  35/65),  il  existe  une  zone  sans 
combustion  pour  des  richesses  voisines  de  0,4  qui  correspon¬ 
dent  k  des  valeurs  de  9  supirieures  k  la  limite  riche  du  dome 
et  infirieures  k  la  limite  pauvre  du  lateral  (ces  deux  limites 
itant,  par  ailleurs,  pridites  avec  une  tres  bonne  precision 
comme  en  timoigne  la  figure  10).  II  est  ivident  que  pour  ce 
dernier  cas,  inattendu,  la  mithode  proposie  constitue  aussi  un 
outil  d'analyse  et  de  comprihension  particuliirement  pricieux 
des  essais  en  combustion. 


0  0,4  0,8  1,2  1,6  2  2,4  (J) 


□  calcul 
+  expdrience 

a)  avec  chambre  pilote 

b)  sans  chambre  pilote 

Figure  1 1  :  Influence  de  la  rlchesse  sur  le  rendement 
et  les  limites  de  stability  -  2  entries  Iat6- 
rales. 


37-8 


Figure  12  :  Influence  de  la  richesse  et  du  mode  d'in- 
jection  sur  le  rendement  de  combustion  - 1 
entrde  laterals. 


D'autres  exemples  de  comparaison  sur  les  plages  de  fonction- 
nement  sont  aussi  prdsentds  4  la  figure  11.  Cet  ensemble  de 
comparaisons  nous  permet  done  de  disposer  d'un  veritable 
outil  d'aide  4  la  conception  et  it  l'optimisation  des  foyers  en 
cours  d'dtude.  En  effet,  en  partant  des  rdsultats  calculds  (et  si 
possible  validds  par  des  essais  en  combustion)  sur  une  gdo- 
mdtrie  de  base  de  foyer,  il  devient  possible  de  guider  les  choix 
des  modifications  4  effectuer  sur  la  gdomdtrie  du  foyer 
(blocage  ou  angle  des  jets,  ...)  ainsi  que  sur  les  paramdtres 
d'injection  pour  faire  dvoluer  une  plage  de  stability  vers  des 
valeurs  correspondant,  par  exemple,  4  un  cahier  des  charges. 
II  est  clair  que  l'dtude  paramdtrique  4  effectuer  alors  s'appuie 
largement  sur  les  correlations  dont  certains  exemples  ont  dtd 
prdsentds  en  2.3  et  3.3. 

5.2.  Rendement  de  combustion 

Quelques  exemples  de  comparaisons  entre  valeurs  calculdes  et 
mesurdes  sont  prdsentds  aux  figures  11  et  12  qui  correspon¬ 
dent  4  plusieurs  cas  de  foyers  4  une  ou  deux  entrdes. 

Dans  ces  exemples  aussi,  les  comparaisons  sont  bonnes  tant 
pour  les  tendances  que  pour  tes  niveaux  et  l'influence  de  cer- 
taines  modifications  gdomdtriques  y  sont  bien  reprdsentdes. 

II  faut  cependant  noter  que,  meme  si  cette  tendance  est  en  gd- 
ndral  bonne,  la  comparaison  entre  les  niveaux  de  rendement 
conduit  parfois  4  une  sous  dvaluation  pour  le  calcul.  Ce  rdsul- 
tat,  plus  frdquent  lorsque  le  foyer  comporte  des  petites  zones 
de  recirculation  (Dome  et  Latdral)  et  des  jets  trds  marquds,  est 
en  partie  du  4  la  non  prise  en  compte,  dans  cette  moddlisation 
mcilulaire,  de  la  combustion  pouvant  exister  dans  les  zones 
de  jet  (et  initide  dans  le  Dome  ou  rdacteur  latdral). 

5.3.  Instability  de  combustion 

II  n'est  pas  question,  dans  cet  article  et  avec  cette  mdthode, 
d'aborder  dans  le  ddtail  l'dtude  des  instabilitds  de  combustion, 
phdnomdne  particulidrement  complexe  qui  a  ddj4  fait  l'objet  de 
trds  nombreuses  publications  et  auquel  le  CERT-DERMES 
s'est  aussi  intdressd  (19).  Notre  seul  but  ici  est  de  montrer 
comment  une  analyse  aussi  simple  que  celle  que  nous  prdco- 
nisons  peut  constituer,  elle  aussi,  un  dldment  permettant  de 
prdvoir,  dans  un  certain  nombre  de  cas,  1'apparition 
d’instabilitds  de  combustion. 


Inj. 


_  Calcul 

m Experience 


Figure  13  :  Domaine  d'instabilitds  de  combustion  -  4 
entrdes  latdrales  -  Influence  des  condi¬ 
tions  d'injection. 


Cette  analyse  repose  sur  rexamen  de  la  figure  10.  On  y  cons¬ 
tate  en  effet  que  la  zone  pom  laquelle  des  instabilites  de  com¬ 
bustion  sont  mises  en  dvidence  expdrimentalement  correspond 
sensiblement  au  domaine  calculd  pour  lequel  les  rdacteurs 
dome  et  latdral  fonctionnent  simultandment  (9  supdrieure  4  la 
limite  pauvte  du  latdral  et  infdrieure  4  la  limite  riche  du  dome). 
Une  des  explications  de  ce  phdnomdne  peut  etre  un  mdca- 
nisme  de  couplage  entre  ces  deux  rdacteurs,  l'dtat  de  fonction- 
nement  du  dome  ayant  un  effet  direct  sur  l'dvaporation  des 
gouttes  passant  en  son  voisinage  et  done  sur  le  rdacteur  latdral 
lui-meme. 

Cette  correspondance,  notde  ici,  s'est  trouvde  trds  sou  vent 
confirmde  comme  en  tdmoigne,  par  exemple,  la  figure  1 3. 

Remarques  :  Les  quelques  exemples  de  rdsultats  prdsentds  ci- 
dessus  et  les  diverses  interprdtations  qui  en  ddcoulent  sont 
fondds  sur  certaines  hypothdses  sur  le  fonctionnement  des 
diffdrents  rdacteurs  dldmentaires  ou  sur  la  prdsence  de 
combustion  dans  telle  ou  telle  zone  de  l'dcoulement.  II  est  sur 
qu'une  vdrification  directe  serait  intdressante  mais,  jusqu'4 
prdsent,  les  moyens  de  diagnostic  en  combustion  la  rendent 
ddlicate.  On  peut  cependant  s'appuyer  sur  les  constatations 
suivantes  permettant,  en  partie,  de  valider  certaines 
hypothdses. 

.  Les  limites  d'extinction  d'un  rdacteur  dldmentaire  donnd  sont 
directement  fonction  des  valeurs  de  la  richesse  locale,  elle- 
meme,  directement  conditionnde  par  les  valeurs  de  ddbits  air 
et  carburam  alimentant  le  rdacteur  dldmentaire.  Ainsi,  toute 
mauvaise  dvaluation  de  ces  ddbits  se  traduirait  directement  en 
erreur  correspondante  sur  1'estimation  des  limites 
d'extinction. 

.  Lore  des  essais  en  combustion  effectuds  4  la  direction  de 
l’Energdtique  de  l'ONERA,  en  plus  des  mesures  globales, 
des  analyses  thermographiques  par  camdra  IR  permettant,  au 
moins  sur  un  plan  qualitatif,  de  prdciser  les  zones  de  combus¬ 
tion.  La  correspondance  entre  ia  localisation  de  celles-ci  et 
leur  dtat  (avec  ou  sans  combustion)  et  les  rdsultats  de  nos 
moddlisations  est,  en  gdndral  tout  4  fait  probante. 
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6.  CONCLUSIONS  ET  PERSPECTIVES 

Une  approche  semi-empirique,  associant  des 
experimentations  effectudes  en  simulation  isotherme  et  une 
methode  simple  de  calcul,  a  did  mise  en  oeuvre  afin  d'etudier 
les  performances  globales  de  plusieurs  modeles  dc  foyers  de 
stato-rdacteurs  et  stato-fusdes..  La  validation  de  cette 
demarche  par  les  experimentations  en  combustion  conduit  a 
des  comparaisons  particulidrement  intdressantes  entre  les 
valeurs  calculees  et  mesurees  des  performances  globales. 
L'emploi  de  cette  methode  pour  un  nombre  important  de 
geometries  de  foyers,  modes  et  conditions  d'injection, 
conditions  d'essais,  permet  de  disposer  d'un  outil 
particuliferement  utile  au  niveau  des  avant-projets.  II  s'agit,  en 
effet,  d'une  mdthode  permettam,  non  seulement  de  mieux 
interpreter  les  resultats  d'essais  en  combustion  mais  aussi  de 
calculer,  avec  une  bonne  fiabilite,  revolution  des 
performances  en  combustion. 

Pour  atteindre  ce  degre  de  predictivite,  la  methode  utilise  les 
rdsultats  d'experiences  qui  doivent  etre  suffisamment 
representatives  de  la  rdalitd.  Cest  en  particular  le  cas  pour  les 
statos  4  combustible  liquide  pour  lesquels  la  simulation 
experimentale  doit  etre  la  plus  realiste  possible  afin  d'en 
deduire  des  previsions  correctes  pour  les  performances 
globales. 

Enfin,  dans  certains  cas,  la  methode  permet  ainsi  de  donner 
des  informations  relatives  aux  instabilites  de  combustion. 

Tout  en  ameiiorant  les  techniques  de  mesures  et  en  conditions 
de  simulation,  la  methode  est  actuellement  compietee  par  une 
approche  voisine  dans  laquelle  les  donnees  necessaries  au 
ddcoupage  en  rdacteurs  dldmentaires  ne  sont  plus  issues  de 
rdsultats  ^experiences  mais  resultent  de  l'analyse  de  "traceurs 
numeriques"  injectes  dans  un  calcul  local  d'ecoulement  de 
foyer  (5).  Une  telle  rndthode,  it  condition  que  les  moddles 
physiques  introduits  dans  ces  codes  soient  representatifs  de  la 
rdalite,  permet  d'etendre  la  demarche  actuelle,  tout  d'abord  en 
limitant  le  nombre  d'experiences  physiques  it  realiser  et 
ensuite  en  prenant  mieux  en  compte  i'influence  de  la 
combustion  et  du  transfert  de  chacun  sur  l'aerodynamique 
tn.eme. 
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14.  Abstract 


The  Conference  Proceedings  contains  1 5  unclassified  papers  and  a  Keynote  Address  presented 
at  the  Propulsion  and  Energetics  Panel  79th  Symposium  on  “Airbreathing  Propulsion  for  Missiles 
and  Projectiles”  which  was  held  1 1th— 1 5th  May  1 992  in  Villepreux,  near  Bordeaux,  France. 

The  Symposium  was  arranged  in  the  following  sessions: 

Ramjets  and  Ramrockets:  Survey  papers  (2  unclassified  papers);  Ramjets  and  Ram  Rockets: 
Propulsion  Systems  (2);  Ramjets  and  Ram  Rockets:  Combustion,  Fuels,  Materials  (3);  Projectile 
Airbreathing  Propulsion  ( 1 );  Aerodynamics  and  Engine  Integration  (3);  Turbojets  and 
Turborockets  (3),  and  Common  Techniques  (1). 

The  Technical  Evaluation  Report  is  included  at  the  beginning  of  the  Proceedings.  Questions  and 
answers  of  the  discussions  follow  some  of  the  papers.  Nineteen  additional  classified  papers  will  be 
published  in  a  classified  volume. 

Being  faced  with  more  advanced  detection  and  interception  systems,  there  is  a  need  for  the 
development  of  missiles  with  increased  penetration  capabilities  and  propuuion  systems  for  flight 
at  low  altitude  and  high  speed  with  long  range  and  diversified  trajectories.  For  these  requirements 
air-breathing  engines  are  highly  economic  and  flexible.  The  Symposium  was  intended  to  be  a 
forum  for  discussing  advances  made  in  this  field  since  the  conduct  of  a  similar  Symposium  in  the 
autumn  of  1 98 1 .  The  Technical  Evaluation  Report  lists  the  conclusions  of  each  of  the  sessions 
and  points  out  that  a  very  good  scientific  understanding  was  achieved  not  only  for  turbojets  but 
also  for  ramjets. 
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